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ABSTRACT

This is the final report of an Antisatellite System Feasibility Study

sponsored by the Advanced Research Projects Agency under Contract

SD-177. The contract performance period extended from 30 April to'31

October 1963.

The systems studied depends upon SPADW TS -.o establish a location

and time of target kill. This information is used t.. target a modified

ICBM/IRI3M boost vehicle, which is launched and guided to place a horn-

ing stage on a collision course against the nominal target. Errors in fore-

cast target position and errors in booster powered flight guidance intro-

duce the need for a homing stage in order to achieve hypervelocity pellet

kill.

Radar, infrared, and sunlight reflection homing stage sensors were*

studied and found feasible, subject to the solution of problems in infrared

detector array availability and cooling. Dc-pending upon sensor selection

and target hardness, homing stage weights range from 600 to 1300 pounds

for Set Z ephemeris errors.

Polaris, Minuteman, and Titan II boost vehicles were studied for

the mission. All* boost vehicles and the'r guidance systems require

some modification, but these are minor until one combines large war-

heads with radar sensing (with Set 2 ephemeris errors). Resulting stage

weights in that case require structural modification of small or medium
size boost vehicles.

The antisatellite approach studied was found feasible and attractive

as long as ephemeris errors are not larger than Set 2. If a system is to

achieve fast reaction, or if it is to have growth capability towards fast

reaction, radar and/or infrared sensing appears most promising. In

this case medium to large boost vehicles (Minuteman or larger) appear

most suitable.

"Catalog cards with an unclassified abstract may be found in
the back of this document.*
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CHAPTER 9

HOMING STAGE COMPUTER

9.1 INTRODUCTION

A central digital computer will be used in the homing stage. The

computer will perform computing functions required by the various sub-
systems in the homing stage from approximately ,the time of separation

from the launch vehicle until the end of the mission. The functions to be
performed include:

0 Target identification

0 Guidance computations

* Gyro torquing control

0 ACS subsystem computation and control

* Generation of discrete signals required for
systems operations.

A brief study has been made of the major functions the computer

will perform and it appears that the computing requirements can be met

by a modification of an existing computer, the Univac 1824. This corn-
puter is a parallel, binary, general purpose machine having a 24 bit word
length. Its add time (single word operation time) is 8 microseronds

giving it a capability of 125,000 single word operations per second.
Multiply time is 40 to 72 microseconds depending on the bits in the words.

The 1824 uses a thin film memory and integrated circuitry. The com-
puter weight with a 9000 word memory and the additional input-output re-

quired for the SIS system is estimated at 27 pounds. The 1824 is now in
production and the mod:iications required for the SIS system are minor

and may in fact already be incorporated in newer versions.

The computer functions performed in the EO sensor homing stage

and the radar sensor homing stage differ primarily in the treatment of
sensor data. The guidance and control functions for example are essen-

tially the same. The following two sections will describe the computer '
functions in the two versions and give estimates of the computing load

imposed. The final section discusses the modifications that will be re-

quired in the 1824 computer.
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9.2 COMPUTER FUNCTIONS IN ELECTRO-O-•. "CAhL9Cm.-GST-_AG_

In the EO system the basic source o i target

is the output of the EO subsystem. Each time :e ora- 6rtet a Sig-

nal it will provide a pulse to the computer. r•e c€Lm e =er - or-e.s-

tern will sense when a signal occurs and read cte c€%e i a a cu..er

• into buffer storage. The count will be initiated at the *=x of eack scam

and the count at any given time will give the coardinaes o: &e A sc

beam at that time. (It is probable that the Wionaa'd =be smcan M bl ,e

under control of the computer. ) The coordinales cf eaci- si.bcing WM be

stored in a buffer storage in order of arrival. The ezi!*w sec oif =",,

on one scan will be stored prior to operatiob am those "im= In d tar-

get identification phase of operations there su-i1 be znar i-pas per sc"m..

During the early part of the track phase. the c•p.er will s. ,gauns

so as to limit the input from the scanning syszem to a.-afl t reim sz-
rounding the target. Therefore, there sill be amy =w per seamat

this time. In the end game when the target a~ears "*&= ex'ewnd source

there will be many inp~uts per scan.

9. 2. 1 End Game Sensor Consi4erations

When the target appears as an extended s*=rc. the o•oa-, at dbe

orthicon sensor will be treated in a differe= &&hiom r=-Am vh*n ibe tarp-s

is a point source..

One approach would be to take the first t-p,' s&ig-a fr-,a the s

as the target position. However, this poim v-i. 'ary c•a.dcra " ore.rs

-successive scans and furthermore would in ge=eral be •-•,r fro• he

centruid.

An alternative approach that appears a--e desJm.- wo•,1d be to

determine the centroid of the target as it appears to •e _tSor._ .-

when the target appears as an extended source. the sen.so w•en scan,-

it will have an output at each grid point whee: te tarle- it *•se. .o-w-

ever, much of the information in such a case is rez -- Th"ref.- e.

one can eliminate much of the redundancy &_ greath.re.u-e -.%e i

data rate. To perform this one coald emplvrT cc fhp--f- wxicih v-%,d

be set when a scan line crossed the target -- a mdy a• .et -w•htu tta

scan line left the target. The computer -a..• read ix rxe szaz

9-2
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coordin'ates at the time e :Be set arnd resa&let pulses. This would be done
for each scan line On wh-ch :B target wai--4* seen. At the end of the $can
the cornputer would deter=Iz *, centro7Mid of the target based an this
outline Information. 1*MS is a simple 0 j,ýe ration. It has the advantage
Of getting a centrold wbizk is 1:1ghly desiirafble for two reasons. First
the centroid is a maore p~eoint at \i.which to aim than an outlying
point on the target insofar ae arget kj~jji cnred. Secondly. the
centroid would not be asi s,' bect to variatrlion'as the first point of the tar-
get that is seen on a scax. Theorefore, it tisfelt that this approach or one
similar to it should be i=Zen-ted.

The major comp=ý=C fý--ctions in ih~he EO system are:

* Target ide=iLication

0 Target tracki-c operationsv'

* Guidance amd comtrot of the.~migStg
Theme will he daescribed is tte following'. ce~fttiofl5.

9. 2. 2. Tar& t Identifj&ionj

The procedure for tarret identificatiftiofl is to discriminate between
the star background and! :he :arget 'on thi .f basis of target motion. The
sighting* seen over a 3 secocA interval *iwill be stored in the com~puter
memory and the coMP'.zer -=~ then analý4 Yze the data to determine which
sightings correspond tos:*--Ir. i.e.. ha4eP no velocity, and which sightings
correspond to targets. '= or6e to do 0u,105- it is necessary to establish
a time history for each iz- source. -TTi will be done by correlation
of the data seen on One 4-:a=. with~ the datlita seen on previous scans.

The basic PrOced;-ro ix-olved in uv:ý correlation is to check whether
a signal appearing on aL 4__t scan appe.mij.red near the same plate on a
previous scan. The &Utrs are fixed, th..,<tyrfote. they should always appear
at the same place On 6=0e-.v sicans, * However, there is a small amount
of jitter in the scannir4 vss~trn so the "'Wars will have small motion* in
the field-of-view. Therefvr* it is nee`ss.r to establish tbin about each -

sighting that is large ee-- to account f, for the uncertainty in at sighting.
This is plus or minus v-re aca& element:-t -rhe procedure is then to check
%hether a sighting mad~e cc a given scan"& lies within the bin for any
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sighting of the previous scan. When a correlation is found, then the new

position data is stored with the data from the correlated sighting Zor

analysis when the set of 10 scans is complete.

Target motion between scans can be larger than the uncertainty in

star positions and therefore a sighting on a target may not correlate with

any sighting from a previous scan based on the bin size for stars. There-

fore. the sightings that do not match previous sightings (within the toler-

ances of the. system on star motion) are checked against previous sightings

using the tolerance limits for a possible target motion. These limits will

be larger than that of a star due to the possible motion of the target during

a scan time. Any sighting which satisfies this criterion will be stored with

its matching data in a separate location. Any sighting not meeting any of

the above criteria will be considered as a new sighting.

"After 10 scans of data have been correlated all data are checked to

see if there is indication of a target. Each set of data points correspond-

* ing to a given source will be checked to see if the maximum separation of

inputs exceeds the limits on star sighting imposed by jitter. For those

in which this is the case a mean squares angular velocity estimate will be

"made. The velucitv estimate will then be compared against a threshold to

see if it corresponds to a reasonable target motion. Further tests can be

made to see if the motion is in the'proper direction.

When a target is found, the gyros will be torqued so as to cause the

tracking telescope to be centered on the target.

Although the bin size is small, it is possible tChat more than one

sighting will correlate with a given sighting from a prc'vious scan. This

would be particularly true for the actual target whici will move in the

field cf view. When this happens, the computer would note the occurrence

and use data from prior and succeeding scans to resol, a the ambiguity.
For example, it could check to see if extrapolation of previous points in I
the time history of one sighting could correspond to one of the correlating

points.

rhere are a number of ways in which the correlation processing can

be done. The actual way to do it should be determined on the basis of the

gct.al characteristics of star distribation. One approach to doing this

9-4
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is developed in flow chart form in Figures 9-1 and 9-2. This approach
has the basic advantage that it is relatively insensitive to the number of
stars that must be handled. That is, the computing rates determined here

should not be affected greatly by some increase in the number of stars

in the field-of-view.

In this system. the sightings are stored according to the elevation

regio.n in which they lie. Th.-" correlation in done only on previous sight-

ings in that region. The neighboring region is searched (for sightings

lying on the boundary) if there is no correlation in the first region searched.

If no correlation is found using the bin size corresponding to a star. then

the target checkii-,g routine is initiated. This is the same as the basic

correlation routine except that a larger bin size is used to account for

possible target motion. When the correlation has been done on all the

inputs for a given scan, the stored data on each sighting is checked. Any

sighting for which thera is no data on'at least one of the last two scans

is deleted.

6 7
The raster is on the order of 100 x 300 elements. Since 2 - l00.2.

8 9
and 2 300 NO 2 we need only have 16 bit words to store the position of

a sighting. Therefore$ it is desirable to store both the X and Y coordinates

of a sighting in one word. This requires unpacking the word. i.e., sepa-

rating the azimuth and elevation, prior to performing arithmetic operations.

Unpacking can be done with little computation and will cut the requirements

for input storage in half.

By far the major part of the. time spent In this phase of operations Is

taken up in the loop having the starred blocks. This loop involves the

testing of targets seen on the present scan against those seen on the pre-

vious scans.

We will assume that there are 150 stars that appear in the field-of-

view on at least one of the scans. Further, it is assumed that the stars

have a uniform distribution over the field-of-view. The field-of-view Is

taken as having 100 lines in elevation, 300 lines in azimuth. The elevation

range will be divided into 20 regions each consisting of five lines of clc.

vation. The expected number of stars per region is then 150/20 7.5.

9-5
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Since the probability of any single star lying in a region-~is 1/20 0. 05
and there are 150 stars, the standard deviation on the numaber of stats la-

a region is given by

0 2 Np (1 - p|
(150)(0.05)(0.95) 7. 125

r -wZ.7

3w 3xZ.7 =8.1

Thus the-number of stars in a region within a 3v region of the mean is

7. 5 + 8. I 16.- Therefore. we will assume a maximum of 16 stars per
region.

We have assumed that there are a total of 150 stars seen on at least
one scan of a set'of 10. W6 will assumed that the maximum number of
stars seen on any one scan is 75. On the assumption that only 50 stars
are above threshold. i.e., seen at least one out of two times, this appears

"reasonable.

Now the loop havinS the starred blocks requires 28 instructions per
cycle. For 16 stars in a region the loop would be traversed a maximum
of 16 times. The average number would be only eight times. Thus we
have

8 x 28 ZZ4 add times/target/scan

For 75 targets this i..hen

ZZ4 x 75 16. 800 add times/scan

Considering three scans/second gives

16,800 x 3 = 50,400 adds/sec

In some cases, there will be additional loops to check plus there is a
small amount of additional work that must be done for each target. How-
ever, it should be noted that the number of times used for looping is based
on maxima rather than mean values, giving a conserwv.ive estimate. In
addition including a safety factor of 50 percent gives an estimate of
75. 600 adds/sec for this part of the work. The duty cycle is then approxi-
mately 0. 6 for the 1824 computer.

9-8-1$
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6. 2. 3 Gyro Torguing

The computer can provide a number of different types of gyro torqu-

ing signals to the gyros. The system described in Section V--Homing

Stage G and C--will require only that the computer determine and seas -

ure three time intervals per axis for the torquing to orient the system and

for the torquing to acquire the target in the track field-of-view. The tor-

quing during tracking is part of a closed loop operation so the computer

will develop two analog voltages (one for each axis) for driving the torquers

during tracking.

As an alternative to the above, the computer could provide pulse

torquing signals. These would be pulse width modulated signals of fixed

amplitude, giving a fixed turning rate when on. with the duty cycle serving

to. define the average turning rate. In this mode the computer will deter-

mine the required duty cycle and from this determine the times at which

to turn the torquers on and off. The computer will set the time interval

required into a counter and countdown the time. A d-c signal will be

provided to the gyro torquers for the duration of the countdown.

The computing required in a countdown for pulse torquing is that of

accepting counting signals, decrementing the counter by one each time a

signal is received and then making a zero test. When the zero test is

satisfied, a subroutine is entered that is used to terminate the d-c signal.

The subroutine can also provide more precise interval control than the

counter which is assurrned to count time intervals on the order of half a

millisecond. From the computer manual, it appears that during the count-

ing interval two single word commands are required per count. The duty

cycle then required per torquer when giving-a rate of 2000 pulses per

second, each pulse being accurate to 1/20,000 second or 50 psec. would be

"20. 000 x 16 x 10"6 0. 32. On the other hand, if the pulse rate required

"is only 500 pulses per second, as for example during target tracking, with

each pulse accurate to 1/5000 second or 200 lisec, then the duty cycle per

torquer is only

5000x2 x8 x 10 0.08

"By. utilizing a counting interval every pulse time the accuracy of the

pulsc" can be increased to on the order of one word time (8 056.s

9-9



This would require an additional duty cycle of 0. 1 when the counter ac-

curacy is 10 percent of the pulse width.

9.2. 4 Guidance and Control

The guidance and control functions to be performed in the SIS with

optical sensor are shown in block diagram form in Figure 9-3. The com-

puter accepts inputs from the EO subsystem, a roll angle sensor, a roll

rate gyro and the gyro gimbal pickoffs. The computer generates the gyro

"torquing signals, the thrust control, and control signals for the ACS sub-

system. It performs all filtering and function generation required. The

nominal rate of operation is 30 times per sec ond which is the rate of
information input from the infrared subsystem.

The total computation load per cycle for guidance and control is

estimated at .570 equivalent single word operations. Putting in a safety

factor of Z we have 1140 equivalent operations. On the basis of, 30 oper-

ation' cycles per second this req,,.res

30 x 1140 34, ZOO operations/see

A single word operation requires 8 Vsec giving a d~ity cycle of

34,200 x 8 x 106 =0.28

for the guidance and control functions during target tracking.

9. Z. 5 Other Computing Functions

The computer will perform a number of other functions in the course

of the mission. These do not noticeably affect the computer load. These

will include:

. Generation of pulses at specified points for such things
as unpinning the gimbals, initiating scan operations, etc.

s Computation of angles through which to torque the gyros
for target acquisition.

I Control of the part of the scan of t10,e O system on which
data are accepted

.. Variation of gain settings with mission phase.

9-10
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9.3 RADAR FUNCTIONS

The computer will perform a. number of functions internally to-the

radar system. These will be essentially low frequency logical functions

which can be done by the computer on a time-shared basis, thus elimi-

nating a number of analog components; e.g., integrators, that would be

required ifthere were no digital computer.

9. 3. 1' Computer Functions

9.3. 1. 1 Target Detection

The computer will sample the output of each of the 30 filters in the

filter bank periodically Aapproximately 20 times per second). The sarn-

pled output will be digitized and compared against a threshold value.

When an output is found that exceeds the threshold value, the body motion

of the satellite will be halted.

The computer will then drive the frequency of the oscillator used for

the frequency locked loop to the frequency band detected from.the target

so that the frequency locked loop can lock on the input signal;.

Since there will be outputs from the filter bank removed from the

center frequency by harmonics of the PRF rate, it will be necessary to

decide which signal corresponds to the true center frequency. The com-

puter will increase the PRF rate as range decreases to prevent eclipsing

loss, thus causing the frequency due to the PRF harmonics to vary. The

resultant variation in output of the various filter bands will be analyzed

to pick out the center frequency and frequency lock will be transferred to

the center frequency and then maintained there.

9.3. 1. 2 Intermeniate Frequency Offset Oscillator Control
(Local Oscillator)

In order to set the local oscillator to the proper frequency band for

acquisition, the computer will control the local oscillator frequency. The

computer will predict the value of closing velocity VR on the basis of the

satellite and missile traiectories. It will thqn sclve the equation

F AVK + B (9.1)
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where F is the desir,"' offset oscillator control frequency and A and B

are constants. Th.- .puter will sample the offset frequency and drive

the oscillator to the desired frequency. The frequency sampled by the

computer will be in the range 0 to 50 kc. A counter will count a pre-

scribed number of cycles and, from the time interval required, determine

the oscillator frequency. The computer will then generate a control Sig-

nal to drive the frequency to the desired value and continually control the

frequency according to Equation (9. 1) until a target is detected.

Frequency measurement is specified by the equation

F( N9.

where F is the actual frequency, r is the time interval of the count and

N is the total cycle count. Taking the variation, assuming N is known.

we have

AN 0 FAT + -rAF (9.3)

S- FZ' rl~T ,'

Note that AF varies as F 2 and also we are concerned only with magnitude

of AF. The largest error occurs at F = F .. Let Fmaxiinum* mnaximurn"

50,000 cps. Then

FJ 25 x lo (9.5)
Ni

Now a minimum Ar would be on the order of 16 gpsec for the presently

considered computer. For an allowable error of 12.5 cps corresponding

to a range rate accuracy of 5 ft/sec we have to count

A-r.

N 25x 108  (9.6)

N 5 x 10 x 16 xo (9.7N12.5 3200 cycles (9.7)
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This would require a time interval of

5,2000 0.04 sec (9.8)

Thus-. tois would be satisfactory if the time rate of change of range rate

is less than

5 ft/sec .80 ft/sec2 . (9.9)
0.'064 sec

This is true since VR -2.5 ft/sec2 .

9. 3. 1. 3 PRF Signal

The computer will generate a PRF signal as a square wave which
will be provided to the transmitter and the local oscillator. The fre-

quency will be a funcilon of range to target and be variable from 200 cps
to 4000 cps.

9. 3. 1.4 Guidance and Control Functiohs

The computer will accept a voltage signal from the rate integrating

gyro. The voltage will be digitized, then-filtered and a control signal
will be generated for the lateral steering control setting.

Yaw and pitch error signals will be provided by the radar and opera-
ted upon by the computer in a manner similar to that discussed for the
optical system. The computer will use this to generate control signals

for the ACS subsyseem.

9.3.1. 5 Scan Pattern

The computer will generate the required control signals for torquing
the body to provide the desired scan pattern for the radar.

",3.2 Effect on Computer

The functions described above will provide a small load for the

compulter. The guidance and control functions are essential.y the same
as in tne optical system. The target detection problem involves a sampling

rate of 300 samples per second and performing a simple comparison on

9-14
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each sample. Assuming the 10 single word operations were required

per sample this would involve 3000 operations per second which is loes

than 0. 025 of the capacity of the computer.

The frequency measurement will'requite a S0 kc counte'r of about

5 bits length. The computer clock may be sufficiently accurate or it may

be necessary to provide a better clock.

9.4 COMPUTING REQUIREMENTS SUMMARY

9. 4.1 Computini Requirements

SThe major requirements will now be summarized, lo

Electro-optical System

Acquisition Duty Cycle Var. Memory

Target Identification 0.60 1820
Attitude Control 0. 14

0.74 1820

Tracking

Target Input -0. 10
Guidance and Control 0. 28
Pulse Torquing Gyros (500/sec) 0.08V 0.46

Radar System

The major computin~g load In the radar SIS is the guidance
and control which will be essentially the same as that for
the electro-optical system.

9. 4.Z omputr Modifications Required

The input-output (see Table 9-1 for input -output requirements)

system will require an analog-digital and digital-analog converter of

about I percent accuracy capable of operating at approximately 500
samples per second. A 50 kc counter about 5 bits long will be needed

for frequency measurement in the radar system. A 16 bit counter



Table 9-1. Electro-Optical System Input-Output Requirements

"Rat .
eForm (see" AccuraLy

Sighting Signals

Acquisition Pulse -500

Homing Initial Pulse 30

Homing Terminal Pulse -c 2400

Roll Angle Increments Pulse 200 1/2 degree

Gimbal Angles

Yaw Voltage 30 1 percent

Pitch Voltage 30 1 percent

Roll Rate Voltage 30 1 percent

Digital Data -

Prelaunch Pulses
i Separation Puluses

Thrust Voltage 30 1 percent

Gyro Torquers

Yaw Voltage 30 1 percent

Pitch Voltage 30 1 percent

Roll Voltage 30 1 percent

ACS

Yaw T)C Pulse 30

Pitch DC Pulse 30
Roll DC Pulse 30

Miscellaneous Sequencing and Control Signals Pulses

9-16
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operating at about ZOO kc will be required for the Infrared input system (this

may be part o£ the EO subsystem). These should require relatively minor

modifications to the computer design.

The input requirement of the electro-optical system necessitates
an increase in the variable memory from 500 to approximately 2000 words.

We have been informed that much larger increases can be made in variable

memory if desired.

A cursory look at the equations to be solved indicates that a few - -

thousand words of permanent memory (electrically alterable) would be

"sufficient. Therefore. the weight estimate for the computer was based

on a 9000 word memory, about 2000 words variable and 7000 (which is

exceedingly conservative for present requirements) fixed.

%,

*1
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CHAPTER I0

WARMEAD AND FUZE

10.1 INTRODUCTION AXD SUMMARY

The required radius of the kill pattern at the instant when the target

penetrates the plane of the pattern is a function of the expected terminal

miss. In particular, at the instant of kill. the lethal pattern should have

a radius of not much less than the 3c terminal miss. Thus. when one is

concerned with a homing stage which utilizes a low noise tracking sensor

(I.e., infrared) terminalmiss performance might be very good, l values

of 3 feet. For this case the warhead pattern should have a radius of 9 feet

at the instant of kill.

The amount and nature of lethal mz.terial of which this 18 foot diameter

circle is composed, is primarily a function of target hardness. For ex-

* ample, if the target Is Characterized by the kind of construction typically

found in current U. S. satellite designs, a plate slap warhead would be

"lethal. In this case the warhead can be a balloon structure and, If desired,

small pellets can be embedded in this balloon structure.

On the other hand, if the target is hard. plate slap mechanisms may

not be lethal and larger metallic fragments are required. If the target is

armored enough, each fragment may have to be as massive as 100 grams.

The number of such fragments required in the lethal pattern has to do with

the targe~t's vulnerable cross section and with the number of hits required
to achieve a satisfactory kill probability.

Returning to our sample computation for a low terminal miss (1le of

3 feet), the lethal pattern must have an 18 foot diameter and therefore

represents an area of about 250 ft . Now suppose the target were heavily... ~armored (required pellet mass 100 gramns) and had a vulnerable cross sec- I

2tion of 10 ft . Suppose furthermore that two hits were required to achieve

the desired kill probability. In that case, the warhead pattern must include

at least 50 fragments at a total pellet weight of about 10 pounds, provided

"that the pellets are ur.ifort..ly spaced. An additional factor of two must be

allowed for pellet bunching (nonuniform deployment), thus increasing pellet

weight to 20 pounds and this weight corresponded to a ir miss of 3 feet.

10-1

S . •.. .. . . ,-. . ..

.~~~~ ....*,. 44~' -. - . :.- .. ..... .*.,. .. ,



Noting that the required number of pellets varies with the square of.

"the terminal miss. it follows that if the tw miss against an armored target

rises to 10 feet, the resulting required pellet mass rises to 200 pounds.

Allowing weight for the explosive charge necessary to impart separation

velocity to the pellets, it is not hard to see how such warheads can easily

weigh 250 pounds.. Observe that the warhead weight fluctuates by a factor

ol 10 as the rms miss goes from 3 to 10 feet. It must be emphasized,
however, that the warhead weight is an even more sensitive function of the

assumptions made relative to target hardness. If one wishes to emphasize

heavily armore-l targets, as was the case during terminal portions of the

SIS study, then heavy warheads become a necessity.

During the SIS study. STL studied three warhead concepts-a rela-

tively light pellet warhead effective against soft targets with rm's miss

distance larger than 3 feet; an even lighter plate slap warhead effective

against soft targets at rms miss distances of 3 feet or less; and a heavy

pellet warhead effective against hard targets with rms miss distances of

about 8 to 10 feet. These warhead concepts are described in the next por-

tions of this discussion.

10. 2 EXPLOSIVE WARHEAD CONCEPTS

To accommodate large miss distances (in excess of 8 feet, 30), and

to defeat hardened targets a directional type explosive warhead appears

most attractive. Preliminary design and development of a similar device

was conducted during the STL BAMBI studies anid are reported in Refer-

ence I. During the BAMBI study, the feasibility of obtaining circular frag-

mnent patterns was established by limited fabrication and lest firing of

smaller (r-s 3 ib) warheads.

10. Z. I Target Considerations

A review of the suggested threat models presented in the Battelle

Second Literim Report (Reference 2) shows that targets can be categorizedI in two general classes of widely differing vulnerability. The reconnais-

sance vehicles are characterized by moderate size, i. e., projected areas
of 16 to 80 square feet and are generally of soft construction: 0. 1 or

0. 2-inch double steel skins with spacing between layers. Orbital bombs

are larger, presenting areas of 160 to 360 square feet, and may have some
hard as well as soft areas.

-~ -g10-i
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The kill mechanism consists of the hypervelocity collision of metallic

fragments with the target. Since the relative velocity between the homing

stage and the target at the instant of warhead deployment is between 10,000
and 20,000 ft/sec, the pellet deployment velocity can be kept relatively low.

For armored targets, the lethal pellet mass required may be as high as

100 grams, while a one gram pellet is probably lethal against soft targets.

10. 2. Z Soft Target Warhead Concept

For soft targets, it seems reasonable to use a fragmentation warhead

with a dense and carefully controlled circular fragment pattern. The re-

quirements are not very dilferent from those previously encountered in the

BAMBI study and the BA.\BI study results are applicable here. It is as-

sumed that the interceptor-target closing velocities will vary between

8000 and 20,000 ft/sec and that the warhead axis of symmetry is oriented

in the direction of the relative velocity.

* The characteristics of the soft target warhead shown in Figure 10-1

are as follows:

Weight 66 lb

Size of fragment 3/8 hex x 3/8 Ig steel

Weight of fragment 90 grains

Number of fragments about 3000

Desired size of pattern 60 ft diameter

Included angle of fragment
projection beam 20 deg (approximately)

Fragment static velocity 2000 ft/sec (approximately)

The proper warhead configuration to achieve required fragment pro-

jection angle and velocity is a matter for experimentation and the configu-

ration shown should be regarded as approximate. It is vstimated that

perhaps 40 or more test samples would be required to determine a final

configuration.

10. 2. 3 Hard Target Warhead Cojjcepts

Some parts or all of the "orbital born b" targets are quite hard and

the 90 grain fragments of the warhead discussed in Paragraph 10. Z. 2 will

not be effective. The hardest part of the re-entering orbital bomb, for

example, consists of layers of 0.5-inch steel. 0.5-inch aluminum,

10-3-I•"%
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1. 0-inch lead and "several" inches of t'balloy. If one assumes "several

inches" to be. say. 3 inches, a multiplate. composite target S inches thick

is encountered. Furthermore, it is not clear what degree of "over
perforation" must be obtained against this very thick vehicle case in order

to do killing damage to the inside.

There is some question as to the wisdom of attempting to defeat hard

target areas-as opposed to causing mission frustration by damaging softer

target parts. However, it is of interest to exanine what might be required

to perforate the hard shell devices. First, it should be noted that only a

approximations can be made of the terminal ballistic effects involved since

pertinent data for these targets are very sparse. .

TsLJ following preliminary warhead designs, which may be effective

again.f. such targets, have been examined.

10. 2. 3. 1 Clustered Shaped Charges

The average density of the composite (say 5 inches thiclc) target is
3"about 0. 52 ib/In . Therefore, if one uses the approximate formula

t1.6
... ." P• 0.89g8•

where P is penetration in cone diameters and p. is target.density. a shaped

charge with a cone diameter of Z inches should perforate the target wall.

If one further assumes that the probability of killing, given a hit, for

a single hollow charge is 0. 5 and the desired ovtrall warhead Pk i% say,

0.97. the number of hits requiredis five. For atargetwhose hardparthas

60 ft of area (maximum) the hit density is, thus, 0.0833. I the 3or miss

distance is 30 feet (any direction), the number of shaped charges required
is 236. To accommodate such an array would require a warhead assembly

roughly 4 feet in diameter. Even if such a large we-von could be carried.

there are certain problems associated with fuzing. It is not clear as to the "

Smaximum standoff that could be tolerated in a Oaped charge of this size

operating in a vacuum. in any case the tolerance on fuzing time would need

to be rather tight. If the maximum tolerable standoff were small, the

anglc of the outermost charge with respect to the cluster axis would be ob-

jectionably large resulting in a "Wiping" action at the target. This would -"

10-5
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tend to reduce the ability to perforate. Thus, one is led to the conclusion
that utilization of shaped charges depends upon solution of a number of

serious problems. Nonetheless, the shaped charge approach has attrac-

tive possibilities for attacking very tough targets and merits further

investigation.

10. 2. 3. 2 Oriented Rod Warhead

On a weight basis, the use of rods as "fragments" has advantages.

If the rod can be induced. to strike the target in an unyawed attitude, the

advantage in weight for the same penetration depth is of the order of 8 or

10 to one when compared with compact steel fragments. (Rod L/D = 9.)

It has been estimated that a steel rod 0. 250-inch in diameter x
2. 25-inches long would be sufficient to perforate the 5-inch thick target

postulated above. If the Pk for a single rod is assumed to be 0. 3,' and

the same assumptions used as for the shaped charge above, it can be shown

that about 566 rods will be required. The rods could be projected from a
multitube holder (see Figure 10-2).

There are two difficult problems associated with this desigwu In or-

der to maintain the rod orientation, spin up will be necessary. It is antici-

pated that this could be accomplished either by rifled tubes or by integral

"fin-grooves" to be acted upon by the propellant gases. The other problem

is that of yawed impact. Ever. though the original tube orientation in main-

tained, the rods from the outer part of the cluster will tend toward yawed

impact because of the "built-in" angle. This angle is necessary to obtain

the required pattern size (60 feet diameter). Of course, this condition

diminishes to zero at the center of the cluster. A long fuzing time tends

to reduce the required maximum angle for the rod projection beam and

thus reduces the yawed impact condition for the outer rods. There is little

question that rods are extremely attractive, but their proper exploitation

hinges upon solution of the orientation problem.

10.2..3.3 Fragmentation Warhead .4

The warhcad discussed in 10. 2. 2 was based upon previous work done :J

in connection with the BAMBI project. For very thick hardened targets,

much larger fragments are required to obtain the same penetration as was

1.0
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calculated for the above rods. Fragments cut from hexagonal bars

* (LID = 1) were chosen because of weight -advantage over square fragments

for the same penetrating ability and because of packing efficiency. As An

example, a fragment 15/16 (across flats) hex x 15/16 long was chosen

(weight: 1405 grains). The ballistic limit for this fragment against the

composite target is estimated to be about 15.000 ft/sec which lies within

the expected range of striking velocities. A warhead containing about 800

of these fragments is estimated to weigh 220 pounds. In order to achieve

an overall Pk of 0.97, the Pk for this fragment shbuld be about 0. 2 (pattern

density = 0. 202 frags/ft2).

A possible configuration usiing these fragments is shown in Figure 10-3.

This is the warhead configuration tested as part of the BAMBI study. This

design basically depends upon the use of a fairly thin explosive layer either

peripherally or centrally initiated. Since the static fragment velocity re-

quired is low (requiring a low .C/M) and the fragment weight (in the BAMBI

case) is also low, the thin layer of explosive tends to function in a "two*

dimensional" manner.

In the case of the larger warhead, however, maintaining the same

C/M (charge to n'Aetal ratio) results in an explosive layer which is fairly .. '

thick and tends toward a "3-dimensionsil" configuration. Also, in order to

provide enough fragments within a reasonable spAce, a double layer frag-

ment pack is necessary. For these reasons confidence in the performance

of this warhead is somewhat reduced. However, it is believed that with a

proper development program a heavy fragment weapon could be deveiped.

Since the postulated targets are neither all thick or all thin, it Is not

unreasonable to consider a mixed fragment pack w.ith both large and small

fragments. While this technique is feasible and has been used in the past,

careful study of the target should be made to determine if an overall advan-

tage really exists. There would be some complication in the manufacture
of a mixed pack but for the small quantities involved this should not be a

serious consideration.,

In summary, it may be stated that either the rod or shaped charge

would probably be more effective per unit weight than the large compact

fragments. The design problems are greater for rods or shaped charges

10-8
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and size becomes a problem for a clustered shaped charge. While the

large fragment weapon is probably easier to develop, it is less efficient

on a per fragment basis. Also, due to its size and mass it presents a

constraint upon homing stage configurational design.

10.3 UNFURLABLE PASSIVE KILL MECHANISM

As reported in the Second Interim Report (Reference 3), it became

evident that practical considerations limit the size of an uhfurlable mecha--

nisin to a radius approxi~mately equal to the overall length of the homing

stage. A feasible design is shown in Figure 10-4. Larger devices are

unattractive because of the following factors:

& Main engine plume impingement on the warhead

* Difficulty in placing the, attitude control system
thrusters to avoid their plume impingement on the
unfurled structure

9 Maintenance of structural continuity of unfurled
mechanismii

e Increased "packed volumeO

* Increased inflation gas volume. unfurlable structural
weight, and deployment reaction time

* Increaped homing stage moment of inertia

e Increased interaction with homing stage attitude con-
trol system due to warhead deicirmatlons

The proposed unfurlable passive kill mechanism utilizes a combina-

tion of plate slap by the membranes and pellet impingement as a kill mecha-

nism. This warhead' s probability of target hit for a Ir miss of 4 feet is approxi-

sately0.95 if the target's vulnerable cross sectionis 4 feet in diameter and

0.90 of the target's vulnerable cross section is only I foot In diameter.

Since one "face" of the homing stage is aligned along the VR vector,

a one dimensional or planar array is geometrically sufficient. if an 8 foot

radius is sufficient for a hit (rms miss -_ 3 ft). the chosen torus with'

% ual membranes which are oriented normal to the closing velocity vector

(see Figure 10-4) has advantages over other shapes such as a sphere of

the same radius. When volumes are compared it in apparent that the

sphere has approximately (.6 times the volume of the proposed torus. If

10-10I0 I0.I

4. . . .. .. . ...- _. , . , .,• • • ,• ',- • , .' ". 4' '. ' .. - .'. .. ,'., , . ... . ... ' ... -. -. . . '



IV FEE PELLETS £hIICZU IN kt'X ( -2 PLACES

4. .Aw~ &-- or

MISPAT

OIL TRNC~ll

/ JI



-www owa oor

K~ ~ ---- IFEET 01A.

PICE 
oe~t SEX PLMCS

ýLLK TS ED P4 TDRA

.0 VAACA0 &CENTER orVAHA LPO TWI

O PTCA TNAK4I

/ 'WM SUM (SEE PD36-13

p/iN = RPAE

*E~ta U

/AASFT QMCTSCO

SLL /CE

-I-i



the sphere pressure is I psi and the torus pressure is 5. 6 psi the weight

of torus Inflation gas is 1/12 that required by the sphere. It aiU appears

"that the inflation period of the sphere would be greater than that for the

equiv•alent torus.

Possible impingement of the hot gas attitude control engine plumes

on the proposed torus design was avoided by deploying the roll engines on

arms. The body mounted pitch engines, which thrust normal to the plane

of the warhead, would also require deployment if a spherical warhead were

used. Increased pitch torque levels would be needed to provide the equiva-

lent pitch acceleration since the pitch moment of inertia would increase by

"a factor of ,Z. O0

Other serious disadvantagei of the spherical design appear when full

consideration is given to the interaction between its stowed condition and

the homing stage. When Installed on the vehicle, it forms a cocoon which'
completely surrounds the vehicle, thereby eliminating all on-stand access

to the vehicle and possibly creating a serious thermal problem.

The present concept allows for packing volume on two sides of the

"vehicle and over the long tracker in a saddle-fashion. The major portion

of the vehicle's sides are left open for access and the tracker's line-of-

sight is unobstructed at all times. Packing space in front or behind the

tracker is presently unavailable as the tracker extends to the fairing
clearance line. The outside covers, which presently consist of two seg-

raents along the sides of the vehicle, wo,-Ad also need to be extended around
the periphery of the vehicle resulting in a weight increase and complexity

of jettisoning.

*''The torus and membranes are designed to withstand vehicle accel-

eration without wrinkling. rhe membranes are continuously attached at

"their intersection with the support structure. A torus internal pressure

has been selected which prevents relief of tesirua or membrane tensile loads
under maximum vehicle thrust condition. No wrinkling or buckling is

tolerated, in order to provide as stiff a system as possible to minimize

vehicle attitude control problem. Point loading of a sphere is associated

with large membrane deflection and consequently results in a softness or

response lag during engine on-off cycling or vehicle control maneuvers.

10-13
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this structure is required to maintain its shape during powered-flight or

attitude maneuvers of the homing stage.

The material selection is based on the requirement for flexibility and

pressure tightness inherent with inflatable structures. When structural

rigidity is provided by pressure, the higher material strength allows in-

creased internal pressure resulting in a corresponding increase in load

capacity. Based on these factors, Mylar film was selected as the best

available inaterial. Table 10-1 summarizes the mechanical properties of

Mylar film.

The critical design load condition after inflation Is the 6 g's along the

thrust axis of the homing stage. The design pressure for the torus was set

such that the average hoop stress (i. e.. around the cross section through

the torus) is 8000 psi. The ultimate tensile strength of Mylar is 20. 000 psi
resulting in an elongation of 100 percent. At 8000 psi stress, the elonga-

tion is reduced to appronimately I percent.

The previous parametric analysis (Reference 3) indicated mininiumn

structural weight is obtained by using as large a torus croas section as

possible. Based on this concluzion, the torus cross section radius was

set at 10 inches, the recommended maximum for the selected configuration.

Ninety-grain pellets are added to the torus and membranes on I foot

spacing. This added weight represents a substantial increase over the

weights associated w-ith the torus and membranes and therefore require

increased torus thicknesses for the selected design. The critical load

condition was modified to the requirement that the torus would not wrinkle

at limit load which is defined as I. I times the design load (I. e.. the maxi-

mumn load predicted in service). This modification was made because an

inflated structure has reserve strength above its wrinkling. This is analo-

gous to the advantage taken of plastic bending in stress analysis of beams.

Tests of an inflated pressurized cylinder in the form of a cantilever beam

with a tip load showed that collapsing occurred at a bending moment twice

the bending moment that causes wrinkling. This factor of two. although

possibly reduced for the case of a torus because of the effect of curvature.

is considered adequate to cover the ultimate load condition of 1. 5 times

design load. The design pressure was set in the same manner as for the

parametric analysis (i. e., design pressure is such that the average hoop

10-15
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Table 10-1. Mechanical Properties of Mylar Filtu

ITypical values (I ini film)

Toled*tl strength 20.000 psi

Ta neile modules S&0-, 000 pal Iftistron tester

Imat longatho .. 0 P5,itmsbi Diplnt falling biall

Burst str.1ngth 41S 1pand Mullen test method

Tvur strength 21 aisuns I).pont single sheet tear testair

Fit,% Wie to 20.000 vreto . Dupont noes tester at .16 percent

Bend recovirry 43 per~vnt Inimoldlate 144 degree bond recovery

solid recovery 51 pe~rcent dO-second btnd recovery

l2~enity . Ii! rama/cc

lStrvice temnporature -6,0 to I %*C lbs bee,. killd as blAdder forn

Ilhr fill.) ',.sph~llsal ,,effla.ient 15 x to triIintl trains 71 to l*0 k,

C~ue2S Is $a too0 ISO .1 OU Soo0 100 1)1 000

mhsIwaail.s 0.- .2 is1 l.$ 11 1.0 . 0 2 3 S 7 t0

Thlaki~hiar, kr.. 0. 01,021P 0.000AS 0.000S 0.0101 0.0(111 0.0112 0.003 0.U001 0.007 0.01

Area factor. in
2 
I/20 bo,000 S7.150 40.1000 20,00U 13,300 10,000 114610 40012 26S0 2000
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S' stress in the torus is 8000 psi). Hence, the critical condition is that there
will be no wrinklLng at the limit load condition when'the torus is pressurized

. to the design pressure.

The torus was analyzed as a ring loaded by the total weight of the

unfurled passive kill mechanism. The critical point is at the maximum

bending moment position, which is at the support structure joint adjacent

to the homing stage. The total maximum compressive stress from this

ring analysis, the bending stress plus the end load stress, is plotted

against torus wall thickness in Figure 10-5. The intersection of this

curve with the tension stress due to pressure gives the point for zero

compressive stress and therefore, no wrinkling. The range of values for

Poisson's ratio 0. 25 to 0. 4 covers the probable range for Mylar. Based

on the results of Figure 10-5, the next available Mylar film thickness Is

0:007 inch which has been used for the torus design. The minimum thick-

uoess required for no wrinkling is 0.0062 inch. The torus internal pres-

sure and total unfurlable mechanism weight arc given by Figure 10-6: Tb'

hoop stress in the torus at the design pressure is plotted in Figure 10-7

and shows the maximum torus stress of 8530 psi. The tensile stress in

the membranes for values for Poisson's ratio of 0. 4 and 0. 25 are 805 psi

and 1750 psi, respectively.

When a curved tube is subjected to a bending moment, the initially

circular cross section is deformed into an oval configuration. Among the
effects of this ovalization is that the stress distribution differs from that

computed by the simple beam theory formula, i = M /1, used in the pres-
c

ent an~alysis where the effect of curvature was neglected. The maximum
longitudinal stress due to bending can then be expressed as or, B(M /1)

max c
where the v'alue of B varies from a maximum at zero internal pressure to

approximately 1.0 with large internal pressures.

In any extensive analysis of the unfurlable structure these factors

should be considered. However, it is felt that such an analysis would
not yield values of B greater than 1. 22. This is the value which would

show a wrinkled condition for the torus at the design load with a torus

thickness of 0. 007 inch including the B factor on the bending stress corn- "

ponent. Further, the initial assumption that the torus carries all the
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weight was conservative as a portion will transfer directly from the mem-
branes to the suppurt structure and then to the homing stage structure.

The 90-grain steel pellets are mounted on the torus circumference

and along the intersection of the torus and membrane as well as mbedded

in the membranes in a rectangular pa•,-rn on one foot centers.

10.3.2. 1 Side Covers

The two magnesium side covers are cylindrical segments that retain
the unfurlable. structure (when "packed") and are retained themselves by the

top cover. The bottom end has a. lip that mates with a groove on the sup-

port structure and forms a semicaptive pivot joint. The top end has a lip
that mates with an internal groove on the top cover and is retained by it.

The inner surface of these covers are coated with emerolon or its equiva-

lent to prevent damage to the unfurlable structure due to flight vibrati'ns.

10.3.2.2 Top Cover'

The top cover, also made of magnesium, is a-hemispherical dome

with eight spring loaded petals attached. The petals are in two diametri-

cally. opposite groups of four each. Each group, when stowed against their

spring load, forms a cylindrical segment rovering the "packed" unfurlable

structure and retains one of the side covers. All internal surfaces of the

top cover are covered with emerolon or its eq-iivalent to protect the un-

furlable structure during flight vibrations.

10. 3. 3 Retention and Release System

An explosively actuated separation band retains the unfurlable device

by being drawn tight in grooves on the external surfaces of the eight petals

of the top cover. The explosive actuated device releases the band which

in turn releases the outwardly spring loaded petals. Since the petals retain

the side covers, the one separation band releases all covers allowing the

unfurling process to begin.

10. 3. 4 "Packing" Procedure

With the unfurlable structure deployed and attached to the support

structure, the following procedure can be used to "pack" the unfurable

structure (see Figure 10-4 and Figure 10-8):
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* Use a vacuum pump to evacuate the air from the torus
and fill-tube until they are fully collapsed.

Start an accordian type fold on each side of the unfurlable
structure, maintaining the fold line approximately parallel
to the centerline of the support structure. The folded
width should be approximately 20 inches. This will-yield
5-1/2 folds on each side. It is desirable to reverse the
folding direction on opposite sides of the assembly
(i. e., first fold up on one side, and down on the other).

* With the side folding complete, a center section of
approximately Z6 inches in width will remain between
the two 20-inch wide folded sides. This center section
should now be pleated to allow the two sides to come
together at the top. Ow

e Start an accordian fold of the folded sides with the new . ,*
fold line normal to the previous folds, but in the same
plane. The fold width should again be Z0 inches. Con- .
tinue folding until the top of the support structure is
reached. This should yield 6-1/2 folds. This folded
package, 20-inches square, will then be shaped to the
contour of the support structure and/or the covers.

* Install the two side covers

* Install the top cover, bring the eight petals into the
down position and retain with the separation band

o The unfurlable passive kill mechanism with support

structure is now ready for installation on the homing
stage.

10. 3. 5 Deployment Sequence

After third stage separation and the deployment of the roll control

engines, the kill mechanism is ready to deploy. The following procedure

accomplishes deployment (see Figure 10-4 and Figure 10-8):

* Actuate the separation band. This allows the band to
separate and the spring loaded petals of the top crver
to swing open. This action removes the top cover and
releases the two side covers which fall outward. The
unfurlable structure is now ready for inflation.

e Start pressurizing the fill tube. This unfolds the top
accordian folds and unfurls the structure forward.

e Start pressurizing the torus at the support structure.
This flow, along with flow from the fill tube, unfurls
the two side accordian folds.
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* . Relief valvea will maintain this pressure to intercept.
Pressurizing continues until 5. 6 psi is reached in the
torus and fill tube which pulls the membranes into
"correct position. The total elapsed time from sepa.-
ration of the covers to full pressurization is estimated
to be 20 seconds, based on experience with the Echo
satellite series.

10;4 FUZE

As mentioned in the previous discussion, relatively soft targets,

such as current U.S. satellite designs, can be destroyed by body fixed

(i.e.. nondeployed) warheads. Such warheads can be implemented by

means of balloon structures, or by any other technique which effectively

increases the homing stage cross section. To the extent that such war-

heads provide the required lethality, they are attractive for two reasons;

a) they are light, and b) they do not require fuzing. It needs to be added.

however, that STL studies indicate that configurational constraints limit

body fixed warhead radii to 8 feet or less. Since this radius must cor-

respond to 2 to 3c values of -the terminal miss, it follows that body ixed

warheads are effective only in situations where the terminal rmu miss is

of the order of 3 feet or less. Such miss performance can be achieved
only with low noise electro optical tracking sensors. It therefore appears

that a homing stage which operates with electro-optical sensing against a

soft target might make use of a body fixed warhead, and in this case no

* fuze is required.

Unfortunately, one caraot depend upon the existence of only soft tar-

gets. Against armored targets of the kind postulated by Battelle, metallic

"fragments must be deployed, thus introducing a fuzing problem. First con-

side ration was given to range fuzing based upon radar derived range infor-
mation. The range at which fuzing and warhead deployment takes place is

entirely a function of the expected miss and the velocity with which pellets

are deployed with respect to the interceptor. Two cases can be considered.

In the first case, the separation velocity is applied entis.dy in a plane nor-

mal to the line-of- sight. With explosive pellet deployment, which is deemed

much mo re reliable than a mechanical deployment technique, typical sepa-

ration velocities of the outermost pellets are 2000 ft/sec. Such a warhead

therefore gives rise to a pellet cloud whose radius grows at a rate of

2000 ft/sec.
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Intetmtnevlbtenepaiedpomn n h ntn

Inthe timeea shondthervletefo en exbie due t01epoymeto aod That timetato

go value corresponds to a fuzing range of 300 feet if the relative velocity.

VR i2000t/ec and 150 feet If V . 10. 000 ft/ see.

The radar fuze could be simply implemented by merely noting the

time at which an a priori chosen range, say 0. 5 n mli, is passed. The
measurement could start a clock, with the warhead being deployed at a

-' .preset time instead passing the 0. 5 n mi range value. In that case the

the fuzing range R1 is

Rfm VRt

where

R 0. 5 n ml

4 Va relative velocity

t =time between 1/2 mile range and deployment.

Differentiating,

ARf AR 0  VRAt - tAV~

With a I percent range accuracy, a 1 millisecond timing accuracy,

and assuining a knowledge of VR to I percent of its actual value, the rins
4.4 error in fuzing range is approximately 50 feet. Note that this error in

fuzing range would, at most, require, one to deploy the warhead slightly

earlier, and let It grow to a radius slightly larger than 30 feet against the

nominal target. In short, the fuzing error can be compensated by a slight

increase in warhead wveight. In this case. the deployment velocity is added

normal to V R with the result that the relative velocity between pellets and

targets is very nearly the same as the Vvalue of the homning stage with
respect to the target.

An alternate approach tt) warhead design and deployment consists of

explosively deploying the pellets in a fairly narrow cone centered about the
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V Rvecor.In hiscase the~ deploymnent velocity is again 2000 ft/setc but

with a 6 degree cone half angle, only 200 ft/sec cause growth of the pellet

cloud. and now typical fu.zing times are about 0. 1. seconds-to-go whch car-

respond to ranges 'of 1.500 and 3000 ft for V R'a of 10. 000 '%nd 20. 000 ft/ see

respectively. With a range marker at 1 n mi and making the same conserv-
ati.,e assumptions relative to errors. the ris fuzing range error is about

100 feet, insignificant compared to the fuding rangeý

The design of pellet warheads which ar~e deployed in fairly narrow

cones was studied by Aerojet-General under. subcontract to STL as part of

the BAMBI study. This approach wa found- to be feasible and, in fAct, suc-

cessful test firings of models were conducted. This approach appears more

attractive than deployment normal to V~ for two reasons. First, by fuzing

at a longer time to go, the fuzing error becomes insignificant. Second, and

perhaps more important, most of the 2000 pt.sec deployment velocity in
"applied along V w ith the result that the relative velocity between pellets

and target is 4000 ft/sec higher than that of the homing stage. In summary,

a simple radar fuzing scheme' appears entirely feasible and requires merely
a radar fuze which is capable of generating one accurate range marker at

a range of about I n mi.

"Late in the SIS study program, interest was expressed in kinematic
line-of-sight rate fuzing. This topic was studied by STL In considerable

detail as part of the BAMBI study, and a comprehensive summary of these.
findings is available in the STL BAMBI Final Report (Reference 1). While

to effort is made to repeat the details of this presentation here, the follow-
Ing summary may be of interest.

There can be little question that a successful fuze can be built by
"deriving a fuzing signal when the measured rate of rotation of the line-of-

sight, W., exceeds a previously chosen threshold. A number of signifi-
cant points need to be emphasized however.

Note first that the growth of Wge at low times-to-go is a very strong
function of the terminal miss. For low misses, W,. remains almost con-

stant until, at a very small range. it rises extremely rapidly, implying a

"high line-of-sight rateacceleration. The fusing signal can only be derived

froi measured values of t Bs and these measurements will inevitably
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reflect bandwidth limitations in the angular tracking loops. The net result

is the strong possibility that the kinematic fuze will not operate properly
with a small terminal miss, 2 feet or less.

This problem may be somewhat aggravated by sensor blind range

. perlormance. The problem here has to do with the minimum range to

which an angle tracking sensor can operate. f the sensor ceases to angle

track before W has built up to- the fuzing threshold, the warhead may not

deploy. In short, the kinematic fuze is beset by problems if the terminal

miss is small.

It can be argued with considerable justification that if the miss is that ,

small, there Is an excellent chance that some portion of the homing stage

may physically collide with the target, in which case the question of whether
the warhead has or has not been deployed becomes highly academic.

Another point may be of Interest, and it concerns selection of the
fuzing threshold level. The first question in this area must inquire into

the minimum fuzing threshold level, and that level is dictated by the angle

tracking noise level. If that threshold is set too low, the fuze may be

activated prematurely by a noise peak rather than the kinematic growth of

WLS, It follows that for radar derived WLS values the minimum fuzing

threshold must be higher than for a lower noise electro-optical tracklr.

This conisideration generally places the minimum fuzing threshold near

10 mr/sec. That level can be made higher, of course, but now one must

be concerned with the following error (I. e. bandwidth limitations) of the

angular rate measuring system. Generally speaking, it appears that in the

SIS application, optimum fuzing thresholds liebetween 20and30 mr/sec.

A thorough quantitative treatment of this topic is presented in Reference 1.
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CHAPTER 11

HOMING STAGE CONFIGURATION

11. 1 INTRODUCTION AND SUMMARY

'This chapter presents a summary of homning stage design studies
carried out during the SIS program. Historically, the firsat two months of

the program were concerned with studies of gross size and weight of the
major subsystems which, in combination. constitute the homing stage. By
the beginning of the third program month, enough preliminary information

had been generated to allow initiation of fairly detailed configurational

design studies of various homing stages.

In view of the highly parameterized nature of the SIS study program.

one is concerned with many conceptual homing stage designs, where one

design represents each combination of parameters. Note that three sensor
techniques, all found feasible. were explored. Ephemeris errors were

quantized by the ARPA Program Guide into three sets. The kill effective-
ness of hypervelocity pellets was parameterized over a wide range.

depending upon target hardness. etc.

In order to gain maximum utility frorn the effort and time available.

it was decided to select particular parameter combinations and to design
the resulting homning stage configurations in some detail. Information

relating to other stages can then be obtained by extrapolation or inter' %

pretation. The foregoing decision reflects the feeling that more useful

information results from designing a few configurations in some depth,

than from designing many configurations superficially.

For design purposes, it was decided to concentrate on Set 2 ephern-

enis errors. This choice was made for two reasona. First, it was the

median set (i. e.,. it was neither the most optimistic nor the most pessi-
mistic set of values), and second, STL studies indicate that. with available

improvements, SPADETS can achieve that accuracy in the near future. It

should therefore be kept in mind that substantially all of the information
presented in this chapter refers to homing stages which arc sized for Set2

ephemeris errors.
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Three homing stage sensor techniques were explored-active radar,

sunlight reflection sensing, and passive infrared sensing. As is discussed

in Chapters 4, S, and 6 of this report, all of, these sensing approaches

appear feasible, subject to the availability of suitable infrared detector"

arrays and d-.tector cooling technlques. From a configurational design

point-of-view the sunlight reflection tracker and the infrared tracker are

so similar with respect to size and weight of the subsystem package that

the resulting homing stage designs would be se similar to each other that

separate design efforts did not seem warranted. The ensuing discussion

will therefore be concerned with a radar sensing stage, and an electro-

optical sensing stage, where information relating to the latter is applicable

to either sunlight sensing or infrared sensing stages.

Finally, a design ground rule had to be adopted with respect to the

required warhead. Generally, two kinds of warheads were considered:

body fixed, nonfuzed plate slap warheads, and fuzed pellet warheads. Con-

figurational studies indicate that body fixed warheads are confined to radii

near 8 feet, suggesting that this warhead approach is suited only to homing

stages which achieve low term4nal miss values (of the order to 3 feet 1w).

Since such miss performance can be achieved, if at all, only by a homing I%

stage equipped with an extremely low noise level tracker, the plate slap

warhead concept was explored in context with the electro-optical sensing -

homing stage, the resulting stage design is summarized in Figure. 11-1.

The deployed pellet warhead approach is suitable to situations where

the rms therminal miss exceeds 3 feet, ak is the case with the radar sens-
Ing homing stage which achieves an rms miss of 8 to 10 feet. For this

reason, the radar sensing stage design included a fuzed and deployed pellet

warhead.

As is discussed in Chapter 10, the size of plate slap warhead, or the

size of the deployed pellet cloud at the instant of target kill, is a function

of the attack geometry, and most important, it is a function of the expected

misb. The composition of the warhead (i.e., how many pellets and what

individual pellet mass) is a function of target size and target hardness.

The target size assumptions made correspond to the data included in the

ARPA rrcgrau. Guide.
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*The bulk of the radar sensing configurational design effort centered

a round a pellet warhead weighing 66 pounds. This warhead consisted- of.
6 g metallic pellets deployed explosively in a conical shape. as discussed

in Chapter 10. A 6 -g pellet impacting at relative velocities ranging from

10, 000 to 22. 000 it/ sec is lethal against all but extremely hard targets.
Much lighter pellets would be lethal against current U.S. satellite deisigns.

Indeed. some data suggest that 6 g pellets impacting at such velocities are

lethal against current U.S. re-entry vehicles. Thus. the 66 pound pellet

* warhead appears adequate against all but the hardest targets. The result-

ing stage design is summarized in Figure 11-2.

Late in the SIS study emphasis shifted to heavily armored target

vehicles which require pellet masses as high as 100 g to achieve kill. Cor-

responding warhead weights for radar sensing homing stages rise to about

250 pounds. Information presented near the end of this chapter and pertain-

ing to a radar sensing homing stage with a 250 pound warhead was obtained

.by extrapolation from the radar stage design with a 66 pound pellet warhead.

In summary, the electro-optical homning stage with plate slap warhead

is estimated to weight 597. 4 pounds. The radar sensing stage with a 66

pound pellet warhead is estimated to weight 961 pouods. The radar sens-
ing stage with a 2 50 pound pellet warhead is estimated to weight 12Z90 pounds.

All of the foregoing estimates apply to stages designed to cope with Set 2

cphemeoris errors.

The utilization of any of the above mentioned homing stages requires

* the use of a suitable [airing to protect the homning stage during the powered

flight portion of the boost trajectory. The requirements placed upon this

[airinig are a function of the ascent trajectory and become fairly severe
when one wishes to fly a very depressed trajectory to achieve maximum

lateral reach against low altitude targets. A preliminary design study of

P such a [airing and the adapter was carried out for a Minuteman boost
vehicle.. This study is summarized in Section I11.5 of this chapter where
it is shown that the fairing weight is estimated at 21? pounds. It should

be kept in mind that this fairing weight is payload to the boost vehicle, no

less so than the homing stage itself.
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Effort was expended to investigate the structural compatibility

between the various homing stage desigas and. the boost vehicles con-

sidered. With respect to Polaris, this effort was hampered by the lack of
sufficient information. With respect to Minuteman, the following facts

emerged. No significant difficulties arise from increase in pure payload

weights. Were one able to package a 1500 pound payload into the present

re-entry vehicle (R/V) envelope, no significant Minuteman structural

modifications would be necessary.

Unfortunately, it is not possible to package the homing stage into

precisely the present R/V envelope. As a result, the fairing would not

conform to the present R/V contour. As shown in this chapter. homing
stage fairings are shorter but maintain maximum diameter longer than is

the case for the weapon system R/V. To the extent that problems can be

expected, they will occur as a result of shifts in the center of pressure,

since such shifts can create structural .problems due to aerodynamics*

which arise when peak side winds induce angle of attack at conditions of -r

maximum q. In short, structural problems come about due to aerodynamics

and not due to pure payload weight increases.

Study indicates that no severe problems are to be expected with

either the electro-optical stage or the radar stage with a 66 pound pellet

warhead. When one gets to the 1300 pound stage, however (radar and

250 pound warhead), the fairing must be elongated by about 14 inches and

now structural problems can be expected. These problems would require

strengthening of the guidance and control compartment and strengthening

of the upper end of the third stage. Of these two modAif la~ions, the first

is easily achieved, but the second is not and conceivably could require a

fairly comprehensive Stage 3 redesign.

It is probably obvious that no structural problems exist in connection

with Titan 11. On the contrary, certain guidance changes would be required

because even a 1500 pound payload is too low for the Titan II boost vehicle.

11. Z GENERAL VEHICLE CONSIDERATIONS

The homing stage concepts that appear in this report are vehicles

tailored and sized to satisfy the satellite intercept mission requirements

with Set 2 ephemeris errors. The proposed guidance technique, bias .
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proportional navagatiou, is beet satisfied by the use of a variable thrust

engine which can introduce thrust in any commanded direction normal to

the tracker line-of-sight (LOS). To accomplish this with a single engine,

the vehicle is equipped with a reaction control subsystem capable of

rolling the vehicle around the nominal LOS to properly position the engine

thrust vector. The tracker is gimbal mounted with full freedom in roll

and limited freedom in pitch and yaw.

Two widely differing acquisition and tracking techniques were selected:

an electro-optical system and a radar system. The electro-optical

system utilizes an orthicon camera with simple optics mounted on a gim-

baled platform which is designed to measure target racking angular rates,
from which desired thrust magnitude and direction are computed. The radar

vehicle utilizes two antennas, a large planar array for target acquisition,

subsequent target illumination and a small gimbaled dish for angle track-

ing. The two tracking systems require different vehicle configurations

because of a wide variation in payload weight, and subsystem'requirements,

such as the unfurlable radar antenna.

Of the two warhead concepts investigated and reported in Chapter 10.

the passive device was deemed appropriate to the smaller electro-optical

homing stage which achieves lower miss and where warhead stowage space

was availa le. The densely-packed (66 pounds) explosive warhead was

appropriate to the larger radar equipped homing stage which is surrounded

by an unfurlable planar array antenna. In the stowed position, this antenna

uses the space occupied by the passive warhead on the other vehicle. The

explosive warhead could easily be adapted to the electro-optical vehicle but

con-iderable difficulties would arise from a passive warhead/radar tracker

combination.

The homing stage was primarily shaped to fit on Wing Ii or Wing IV

Minuteman. A fairing and adapter section were designed to complete the

interface definition. With modifications, these vehicles c'ould be adapted
to other boosters such as the Polaris A-Z or A-3. Although the Polaris

A-3 length constraint (Reference 1) was exceeded to satisfy the passive
warhead stowage rqquirements, this constraint could be satisfied by a ¶

sornewhat modified electro-optical vehicle equipped with an internally

mounted explosive warhead, such as proposed for use on the radar equipped J
vehicle. The payloads, could easily be adapted to the Titan II.

* 11-7
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The selected fairing shape is a cylinddr-cone hemisphere with its

maximum diar.•.eter matching the upper end of the Minuteman Guidance and

Control Section. Overall fairing length of 119 inches is well within the

constraints set forth in the Boeing Booster Symposium document (Refer-.L-.
ence 1). A preliminary load analysis, based on the proposed fairing shape

subjected tc .",e most severe trajectory, shows that the maximum per-

missible weap.ans systems Minuteman loads are not exceeded thereby pre-

cluding the need for any major Minuteman structural modifications. A

7-inch long range safety equipment section between the payload and

Minuteman Guidance and Control Section was also accounted for in the

loads analysis. The foregoing statement refers to the electro-optical

itage and the radar stage with a 66 pound pellet warhead.

11.2.1 PerformanceRequirements

Vehicle- acceleration and AV requirements are mostly determined by
the selected guidance technique, stage optimization and target ephemeris

errors. Implementation of the electro-optical guidance technique is

accomplished by means of an orthicon camera, or a radar target tracking

device resulting in two basically different vehicle configurations because

of differences in payload weight and payload requirements. Also, the

vehicles optimized at slightly different AV and thrust to weights ratios.

Engine throttling requirements. however, are the same for both vehicles.

The following criteria formed the basis for these designs:

Electro-Optical Radar

AV (ft/sec) 4000 3250

F/WG (lb/lb) 6 4 .

WpL lIb) 166 400

Engine throttling range 10/1 10/1

Warhead type Passive Explosive

Since both vehicles utilized the same basic guidance technique they

both required roll-to-control capability. This maneuver may be com-

manded and needs to be accomplished with the main engine off.

11-S
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Also. since the vehicle requires attitude control during main engine
off operation, an attitudt control system is required. In general, greater

guidance accuracy is expected with the elecrro-optical tracker subsystem
A, resulting in reduced miss at-intercept. For this reason. the passive kin

mechanism which is size limited was associated with this vehicle. Since
it was -desired to also investigate an explosive warhead, it was utilized on

the radar equipped vehicle, which requires a larger fragment pattern at

intercept because of larger miss distances.

A versatile tool. for vehicle sizing and performance analysis is a
parametric weight analysis. Such an analysis can be initiated with a

minimum of vehicle design criteria, such as approximate payload weight

range, estimated vehicle AV and acceleration requirements, engine type.
propellant tank shape and any* vehicle shape or size constraints. The

results of earlier vehicle subsystem designs provide a background of para-

metric data which is used to size the new vehicle. Upon completion of
vehicle design layouts, a refined physical properties study can then be

conducted.

Such a parametric study 'Was undertaken for the horning stage in

question to establish approximate payload capability. The following range

of design parameters was assumed:

Vehicle Gross Weight 500 to 4000 lb

Thrust to Weight Ratio 5 to 10

Ideal Velocity Capability 1000 to 11,000 ft/sec

Chamber Pressure 100 to 1400 paia

Engine Exit Diameter 28 inches

Propellant TankA Shape Spherical

Subsystem weight and performance relationships used for this study
are shown in Figure s 11- 3 to 11I- 10, and we re obtained f rom Refearence 2
and 3.

11-9



NOT~s SIONsCAK

IINtOPELLANT

PRI11U FED INGII'

VO

330

25

1I4RU$1, F, x 10~ Le

Figure 11-3. p Versus F and PC for PI140t 00 psia

350~6ot
3AOI

11-10

FO pASL -IPR..4

PkS*k FE *N I

330--



rh0.6

* 0.3

250 260 270 280 290 300 310 320 m30 40 350 360

is? fSEC)

Figure 11-5. W /WG Versus I and AV

VINCLUDMS PROPELL ANT TANKSI
PRESSURIZA1ION GAS W/YANK

RESID3UAL PROPELLANT

FORSlOPLAKE 5IPRoPMANT SYSTEM-

PC ANK PRESSUREPI) 83s PSI

0. 60 ~

0.20

Figure 11-6. W T/wG V,--rsus P C



*~P 10 PUA 5

1200 
00- - -

NOMI

7 00-
F - - - - -- - -7-----

Uc00U

SW~~P - -- -- _

- 100

400

INRSIFx 1-3LS

Figure 11-8. WE Versus F and P~ for P 600 to 1400 psi&
E c c

1i- ia



0.30

0.26 - -- -

0.2

0 4900 U 1200 1600 2000' 2400 28M0 m am AM
vWHICii GROS~S WfIg , W, (Lil

Figure 11-9. W/W VersusW

160 _ _ _

S40

50 1000 15M 2000 25U0 3DO 3500 '000 4500 4
VE141CLE GEO0,. W110MI, W (LI)

Figure 11-10. W AC Versus W

11-13

V it



Payload (W PLI is defined as that weight remaining for a given gross

weight. after accounting for the weight of structure, propellant. tankage,
engine. and attitude control subsystem (less electronics). Other
nomenclature is as follows:

Nýomenclature

W Vehicle gross weight lb
W PL 2 Payload weight lb

W = Propellant weight lb

W T =Tankage. pressurization, residual
propellant weight lb

WE Engine weight lb

W Structure and temperature control
weight .lb

WAC Attitude control subsystem weight
(less electronics) lb

AV Ideal velocity capability ft/ sec

F~ Thrust lb

Ip Specific irmpulse sec

D Engine exit diameter Inch

PC Chamber pressure psia

PT Propellant tank pressure psia

To illustrate th~e usefulness of this analysis, an example starting .

with payload weight derivation for a given set of design criteria follows:

W 1000 lb

AV 3000 ft/sec

PC 400 psia
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A . .Payload Weight Derivation

From Figure I1I- 3 at Fi 7000 and P=400PC

1~ 318

SP

P=0.257

W P 0.257 x1000 257

From Figure 11-6 at PC 7 0

WT=0.235

P

WT 0. 235xZ257: 60

From Figu~re 11-7 At F = 7000.and PC 400

W so0E

From Figure 11-9 at W0. 1000

-VG

: 0. 188 k 1000: 1S8

From Figure I1- 10 at W G 1000

W = 46
AC

WPL=W a WP TW. e W WS WAC

1000 - 257 - 60 - 80 -188 -46 =369 lb

Chamber pressure optimnizations resulted from plotting payload

weight (WPL versus chamber pressure (P and gross weight (W ) for

various combinations of vehicle design criteria as shown in Figures 11-11

through 11-22. Figure 11-15 indicates that the chamber pressure of 400

psia is optimum for the above derived example payload weight of 369 pounds.

Exchange ratio. showing the effect on payload of designing for other than
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optimum chamber pressure are given in Figures 11-23 and 11-24. For the

above example, Figure 11424 shows that onl~y 0.06 pound of payload loss
per psia increase will be incurred if it is desired to design to a higher

chamber pressure to. say, reduce engine envel~ope requirements.

Payload weight (Wp 1 ) versus thrust to weight ratio* (F/ WG) for
optimum chamber pressures are shown in Figures I11-25 through 11 -28..

Similar cross plots of WP versus W and WL versus AV appear in

Figures 11-49 through 11-36.

Results obtained from the parametric weight analysis served as a
basis for vehicle sizinig and system optimization.
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J11-.2.3 Vehicle Structure

The basic structure for the electro-optical homing stage is a primary

outer shell of monocoque construction. The engine, equipment panels.

tanks, attitude control engines and tracker support structure as well as

the aft cone are secured to this structure through appropriate rings, webs,

flanges, etc., as shown in Figure 11-37.

The gimbaled tracker mounting panel is of sandwich construction and

mounts on the forward end of the tracker support structure. A "VO shaped

sheet metal bracket attached to the tracker support structure provides

Sadditional support for the overhanging portion of the tracker mounting

panel.

The two roll control engines, which deploy after separation from

the boost vehicle, are mounted on arms hinged from brackets secured to

the vehicle's aft cone structure. The hinge' brackets are located just above

the shaped charge separation device. These brackets, with doublers.

serve to reinforce the discontinuous aft cone's lower structural ring which

is interrupted to allow clearance for the extended arms. *The arms are

shaped such that the roll control engines stow, cross-arm, in the cavity

of the main engine nozzle extention. They are deployed by means of tor-

sion spring motors and latch in the extended position.

The aft cone provides the structural connection to the booster

(Mintuteman). Separation is accomplished by means of a shaped charge

which severs the aft cone a few inches above the main engine exit.

The radar equipped vehicle utilizes a similar structural arrangement

below the main propellant tank but its structure differs considerably above

the tank to accommodate the radar subsystem as shown in Figure 11-38.

Both vehicles utilize the space around the main engine for equipment

mounting panels. Access to these panels is provided by the use of struc-

tural doors in the outer shell. The engine is mounted on three points

equipped with leveling screws for ease of engine alignment. Engine thrust

load is fed into the primary outer shell through three slcping radial tension

members which join the shell at the aft cone to cylinder transition frame.
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A preliminary stress analysis of the basic primary structure was

* performed using thevehicle physical properties defined in the appropriate

* section. The analysis was conducted with sufficient detail to accomplish
the following objectives:

* Establish that adequate structural strength and rigidity has
been provided in the vehicle designs.

* Establish structural member sizes with sufficient accuracy
to permit realistic weight estimates.

"The critical structural design conditions, load factors, and results

of the stress analysis follow. Included are definitions of major load paths.

material selection criteria, and the basis for establishing structural

member sizes. The two subject vehicle structural designs appear in

"Figures 11-37 and 11-38 where the essential structural elements are

defined:

e Limit Loads are defined as the maximum loads expected in
service, including uncertainties.

o Ultimate Loads are those used for design and analysis to
assure design adequacy for limit loads. They are equal.
to the product of limit load and the ultimate factor of safety.
Failure must not occur at ultimate load.

Factors of Safetx are used to account for all uncertainties
in'the de'sign analysis, material properties and variations in
fabrication. The values used in this analysis are as follows:

• Ultimate Factors of Safety:

* Primary Str-uctures 1.Z5

"* Pressure Vessels (for burst) 1.50.

Material design mechanical properties selected for the basic primary

structure are summarized in Table I 1-1.

Minimum gauge in each structural member was selected as the

maximum thickness based on three separate requirements:

e Minimum thickness for m~anufacturing and processing

s Minimum thickness to insure ruggedness during handling.
transportation, and )relaunch conditions

. Minimum thickness to obtain required strength and rigidity.
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Table I1I- 1. Material Design Mechanical Properties

Alloy .I Magnesium Magnesium Titanium Cls
Laminate

Form g Sheet Hollow Sheet
Extrusion.

Condition H124 I TS Heat
jTreatedI

Temperature RT . RT RT 400 F

FU ksi 39 46 160.

E10 6 Psi 6.5 6.5 16.5 2.5

The design limit load factors for this vehicle's primary -itructure

are as follows:

*Powek~ed Flight of Minuteman Booster

o Along booster axis 15.4 g's

o Normal to booster axis 1. 0g 6 .

ii

The critical condition during the powered flight of the
Minutem~an booster occurs during third stage burnout.

o Homing Stage Main Engine Firing

*Engine thrust (maximuK) 3600 lb

One basic internal load analysis was conducted for the primary

structure of both the clectro-optical and the radar vehicle. Combinations

of mass distributions from both designs were chosen such that maximum

envelope loads resulted. This approach is admittedly conservative but

was used to minimize detailed analysis.
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For ease of presentation, each major structural element is discussed
separately. Unless otherwise stated. the structural element is applicable

to both the electro- optical as well as the radar vehicle.

11.Z. 3. 1 Aft Cone

The aft cone is located just forward of the Minuteman booster inter-

face and supports the entire homing stage. Integral with the aft cone is
the linear shape charge separation systemn. Critical loading of the aft.
cone occurs during burnout of the third stage Minuteman booster. At this
time. the aft cone is subjected to an ultimate maximum axial load of

17. 850 pounds combined with an ultimate bending nionent of 62. 800 in-lb.

The selected design is a monocoque structure of AZ 31B-H24 magnesium

alloy whose thickness is 0. 053 inch. The allowable compressive working

stress is 5970 pounds per square inch and the allowable axial load equiv-

alent is 25. 800 pounds. With straight line interaction between axial and

bending the corresponding ultimate margin of safety is slightly above

0 percent. Monocoque standard aircraft type construction was selected

because of its simplicity and ease of fabrication. Magnesium alloy

AZ 31B-l-14 was selected because of its favorable strength, stiffness, and

low density.

11. 2.-3. Z Central Cylinder

11 . 2 . 3. 2. 1 Lower Cylindrical Section and Equipment Bay. The central

cylinder's lower cylindrical section and equipment bay houses the main

engine anid all or a portion of the required electronic equipment.

In addition, in the electro-optical vehicle the same regions provide

support for the external payload (pas~sive kill mechanism) while in the radar

vehicle the same regions provide support for the external planar array

antenna. Critical loading for the basic structure occurs during the burn-

out of the third stage Minutemnan booster. At this time the lower cylin-

drical section is subjected to an ultimate maximum'axial load of 17. 850

pounds combined with an ultimate bending moment of 49, 600 inch pounds.

Following the same design philosophy as the aft cone structure, the lower

cylindrical section and equipment bay consist of a magnesium alloy

AZ 31 B-1124 monocoque design of 0. 050 inch. The allowable compressive

working stress is 7280 pounds per square inch and the allowable axial load
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equivalent is 27, 400 pounds. The corresponding ultimate margin of safety

is 5 percent. Since the equipment bay external closure panels anst be.

removed for access to the internal compartments, three basic tee longe-

rons. and two rings have, been provided for structural support when the

panels are removed. In addition, structural type fasteners are supplied

at all attach points for ptoper load transfer through the equipment bay

shell sections.

The homing stage main engine is 'mounted on three points at the inner

equipment bay closure panel. Engine thrust loads are reacted directly

through the three engine mounts down through the three sloping radial

members located within the lower cylindrical section. Engine firing loads

are not critical except for local attach structures.

The equipment platform is presently designed to be of sandwich con-

struction and is stabilized and structurally supported by the three equally

spaced radial webs which extend and taper into the lower cylindrical section.

These webs also forn% part of the engine reaction members..

I I. 2. 3.2. 2 Upper Cylindrical Section. The upper cylindrical section

houses the pressurization tank as well as the lower half of the propellant

tank on the radar vehicle. In the electro-optical vehicle the upper cylinder

houses the pressurization tank and the lower half of the propellant tank.

In addition, the upper cylindrical section also helps support the external

planar antenna of the radar vehicle and the external payload of the electrao-

optical vehicle. Critical loading occurs during burnout of the third stage

Minuteman booster. At this time the upper cylindrical section is sub-

jected to an ultimate maximum axial load of 14. 330 pounds combined wiAh

an ultimate bending moment of 24.400 inch pounds. Following tht same

design philosphy as the aft cone structure, the upper cylindrical section

consists of a magnesium alloy AZ 31B-H24 monocoque design of 0.042 inch.

The allowable compressive working stress is 5780 pounds per square inch

and the allowable axial load equivalent is 18, 320 pounds. Determining the

margin as in the aft cone, the corresponding ultimate margin of safety is

slightly above 0 percent.
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11.2.3.3 Bipropellant Tank

The sphexrical bipropellant tank is mounted at its circumference on

the upper cylindrical section. The tank diameter is 24 inches and is fab-

ricated from heat treated 6AI-4V titanium alloy. Critical design condi-

tion for the bipropellant tank is the 750 psi ultimate burst pressure. Cor-

respondinj basic tank wall thickness for this pressure is 0.029 inch based

on a heat treated material tensile ultimate strength of 160, 600 psi. Local

thickening to 0. 035 inch will be required at the circumferential weld land

and support ring due to discontinuity stresses and local annealing.

11.2.3.4 Pressurization Tank

The toroidal pressurization tank is mounted at its outer circumference

on the upper equipment bay. The tank has an outer diameter of 21 inches

Sand a cross-sectional radius of 2.5 inches. The tank is fabricated from

heat treated 6AI-4V titanium alloy. The critical design condition for this

tank is the 6000 psi ultimate burst pressure. Corresponding basic tank

wall thickness for this pressure varies from 0. 116 inch at the inner radius

to 0. 083 inch at the outer radius. These thicknesses are based. on a heat

treated material tensile ultimate strength of 160. 000 psi. Local thicken-

ing to 0. 142 inch and 0. 102 inch for the inner and outer radii respectively

will be required at the weld lands and support ring due to discontinuity

stresses and local annealing. .

11.2.3.5 Tracker Support Structure for Electro-Optical Vehicle

The tracker support structure for the electro-optical vehicle is

located over the forward half of the propellant tank. Critical loading of

the tracker support structure occurs during the burnout of the third stage

Minuteman booster. At this time the tracker support structure is sub-

jected to an ultimate maximum axial load of 771 pounds combined with an
ultimate bending moment of 1400 in-lb. Following a similar design philos-

ophy as the aft cone structure, the tracker support structure consists of a

magnesium alloy AZ 31B-H24 monocoque design of 0.025 inch minimum

gage. The allowable compressive working stress is 3123 psi and the

allowable axial load equivalent is 4910 pounds. Being of minimum gage

design, the corresponding' ultimate margin of safety is high.
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11.2. 3.6 Tracker Support Structure for the Radar Vehicle

The tracker supp.ort structure for the radar vehicle is located forward

of the upper cylindrical section. Critical loading of this structure occurs

dui'ing -the burnout "if the third stage Minuteman booster. At this time, it

is subjected to an ultimate maximum axial load of 1240 pounds combined

with an ultimate bending moment of 2 110 in-lb. Component mounting

allowed only clearance for a deep tee-type cross section design structure.

Minimum gage extruded square sections were chosen as cap members for

this tee section. Square sections were selected for ease of attachment

while at the sarne time maintaining good column stability characteristics.

Sections selected consist of I inch'square by 0. 035 inch thick extruded

and chemical milled magnesium alloy ZK 60A-T5 tubes. The critical tube

compressive stress is 21. 500 pounds per square inch based on column fail-

ure assuming pinned ends. The maximum applied compressive stress

under the aforemention booster burnout environment is 12. 120 psi. Thus,

the ultimate margin of safety is high.

11. 2.:3.7 Other Structural Elements

An analysis of the gimbaled platform structural components was

eonducted to establish structural stiffness requirements (see Section

11.2.4). The results of a structural analysis of the unfurlable passive kill

mechanism were included -in Chapter 10. Paragraph 10. 1. Z.

I1.2.4 Propulsion Systems

Propulsion systems for the homing stage mission, based on docu-

mented rocket engine technologies at STL, are definedin this section.

Three principles ofi impulse reaction are utilized: bipropellant variable

thrust, bipropellant pulse modulation, and cold nitrogen jets. Augmenting

the thrust units are propellant tankage, positive expulsion devices, a pres-

surization subsystem, and associated controls.

Coincidentally, the two basic vehicles under study, a homing stage
equipped with an electro-optical tracker and one equipped with a radar

tracker, require nearly identical thrust levels and, therefore, utilize the

same main engine. Restartable, variable thrust engines in this thrust

range are feasible; in fact, engines with somewhat higher thruist (5000 and
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10, 000 Ib) are presently under development at STL rs part of the Lunar

Excutrsion Module program. Lower thrust level prototype engines of. this

type have already beenr satisfactorily tested at STL. Based on an optimized

selection of specific impulse &\nd thrust requirements for the homing stage

and preliminary design analysis of the selected thrust units, the following

approach is suggested.

The main engine will be an ablatively cooled, solenoid-actuated.

bipropellant variable-thrust (10:1) engine utilizing direct liquid Injection.

Vehicle pitch and roll control is provided by radiation-cooled pulse-

modulated bipropellant engines. Yaw attitude control is provided by four

cold gas reaction nozzles. The engines are designed to respond in an.

automatic control loop. If necessary, the system can be provided with

external propellant dump devices for missions requiring such capability..

Spherical propellant tanks with positive expulsion devices and nitrogen

pressurization are utilized.

Many specific problems associated with the development of the main

engine for this application were solved or are being solved in support of

STL's variable thrust LEM engine for the Apollo mission, and the STL, ,,

150 pound variable thrust chamber assembly for the Surveyor engine which

is now in its final phase of development at STL. Use of the Surveyor and

LEM engine technology can result in considerable reduction in this engine's

development time and cost.

Mission criteria utilized in the analysis of the optimum propulsion

configuration for a typical intercept trajectory gave consideration to the

total energy required by the vehicle for homing AV and attitude control.

Thrust selection for attitude control was based on vehicle angular accelera-

tion requirements and/or predicted main engine thrust to vehicle center of

gravity misalignment. A total homing period of 90 seconds was assumed

a conservative estimate.

Parametric weight and mission error analysis yield an optimum

thrust of 3600 pounds for the main engine, at 400 psi chamber pressure.

The engine is required to deliver 4000 ft/sec AV for the electro-optical

vehicle, and 3250 ft/sec for the :adar configuration. Table 11-2 is a list

of 'riteria for pitch, yaw, and roll attitude control engine analysis.
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Table 11-2. Attitude Control Subsystem
Design Criteria

Electro-Optical Vehicle Roll Pitch Ya.-

Thrust, lb each 55 43.0 5.0*

Moment Arm, ft 4.2 2.1 1.8**

Torque lb-ft 230 90.0 9.0

Initial Moment of Inertia, slug-ft2  115 35 93

Total Energy. lb-ft sec 8000 3800 500

Radar Vehicle Roll -Pitch Yaw .4

Thrust, lb

'Moment Arm, ft 3.Z5 32.5. 1.05

Torque, lb-ft 204 36.0. 4.0

Initial Moment of Inertia, slug-ft2  102 100 15

Total work, ft-lb/sec 8000 1700 200

* Each Thruster

** Couple lever arm (two thrusters)

11.Z.4. 1 System Description-

A number of previous STL conducted studies of propulsion system

requirements for sim'ilar vehicles and the results of those studies are

applicable to the homing stage. Typical STL low-thrust hot and cold gas

propulsion systems are used as the basis for this homing stage attitude

control design. The bipropellant and cold gas propulsion flow diagram.

Figure 11-39, shows the energy conversion portion of an all-pressure-fed

system. AlI components, exclusive of the electronic controls which are

discussed elsewhere in this report, are included.

A torus type pressurization tank supplies nitrogen at 480 psi for

propellant tank pressurization, and for the yaw control nozzles. The

pressure regulator reduces pressure from an initial 4000 psi to a con-

tinuous 480 psi gipply at the required discharge flow rates.
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The biprapellant fuel and oxidizer tank is equipped with positive

expulsion devices and a metal separation bulkhead clamped between the

flanged hemispheres. Plumbing elements shown are shutoff valves for
each fill and purge line, nitroger. regulator and relief valve, filters, and

check valves.

The tanks are' filled as follows- Make connection to propellant load-

ing equipment at the dump valves; open the tank vent valves; load propel-
lant one at a time as indicated by the equipment loading procedures. After

both sides of the spherical tank are filled or evacuated, the fill connections

are closed and capped. Propellant loading can be accomplished prior to

or after the'homing stage is installed on the boost vehicle. .".

11. 2.4.2 Propeilants and Performance.

The mission requires reasonably high performance, storable, liquid

propellant. Hypergolic ignition for the bipropellant engines is also desir-.

able for reliable on-off operation. The same propellant must also be

* . augmented by high boiling temperatures and must be consistent with engine
selection and availability. Since those requirements can best be met with

Aerozine-50 and nitrogen tetroxide, no detailed propellant tradeoff study %

was conducted in conjunction with this program. Such a study for a some-
what similar mission was conducted for BAMBI and reported in detail in

Reference 4. Aerozine and N2 0 for which the STL engine is designed.

easily satisfy the homing stage mission requirements and result in a
simple, reliable propulsion system without concern of special system

development programs. Propellant physical and chemical properties are

listed in Table 11-3.

Table 11-3. Propellant Physical and

Chemical Properties

Properties A- 5.0 N 4

Boiling Point, OF 170 70

Freezing Point. OF 18 11.8

Density at 70 F, lb/ft3  53.6 92.0

Vapor Pressure at 70°F. psi 2.5 14.4
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11. 2.4.3 Main Engite

The main engine is an STL design and consists of a single element

variable area injector. meeha1ically linked bipropellant shutoff valves,

and full ablative chamber and nozzle. An oxidizer to fuel mixture ratio

of 1. 6 was selected based on theortical calculations of performance using

kinetic reaction data for the expansion process. The data indicate that

only partial equilibrium nozzle flow can be expected. Therefore. higher

mixture ratios Would not provide any performance advantages, but would

greatly decrease ablative chamber life and reliability. Engine performance

parameters are summarized in Table 11-4. Of greatest significance is

the nozzle thrust coefficient. STL's tests have repeatedly demonstrated

C* values of 97 percent of equilibrium flow. The predicted specific impulse

of 318 seconds, which is considered conservative. will be verified by simu-

lated altitude testing. Further system and subsystem optimizations will

provide tradeoffs of specific impulse, engine operating pressure and nozzle

length versus vehicle weight.

Table 11-4. Main Engine Characteristics

Thrust. lb 3600

Chamber Pressure. psia 400

Expansion Ratio 50.1

Mixture Ratio 1.6

I p. sec 318

Burning Time. sec (intermittent) 20 to 90

Engine Weight, lb 38

Thrust Coefficient 1. 805

The thrust chamber consists of a composite ablati-,e cooled chamber,

graphite nozzle throat insert, and ablative divergent section. The ablative

material is encased in a continuous titanium shell which provides contain-

ment of the ablative material and thrust transmission into the vehicle

thrust structure. The throat insert allows the use of ablative material at

the 400 psia chamber pressure. -
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A major engine component is the variable area coaxial injector.

shown in Figure 11-40. It is a rugged, precise, and mechanically simple

device which provides a stable symmetric flame pattern and high combus-

tion efficiency. The injector consists of a face plate and fuel manifold

assembly, a propellant metering sleeve, and the oxidizer feed tube assem-

bly as shown in Figure 11-40. The fuel enters the chamber through the

annular gap formed by the face plate and the sleeve; oxidizer enters the

chamber through the radial slots located in the oxidizer feed tube and the

sleeve. The sleeve is actuated to an optimum position with an external

actuator and linkage.

The variable injector is augmented by a combined cavitating venturi

dknd flow control valve in each propellant line. The venturi provides suf-

ficient cavitation to allow optimum injection area adjustment duriaig the

throttling process..

The propellant shutoff valves are attached to the injector to minimize

propellant dribble volume. The main propellant valve is fluid actuated,

controlled by a solenoid actuated pilot. The basic element of the pilot valve

is a caged free ball which alternately seats against the actuation fuel inlet

port and the overboard yent. In the normally closed position, the ball is

held in place by a small spring loaded plunger, and the actuator pistons

"are vented to space. Energizing the solenoid causes the plur.ger to retract.

The actuator fuel pressure unseats the ball from the inlet port and holds

it in place against the vent port. The fuel then ilows into the actuator

pistons opening the main valves. Valve actuation is independent of throttle

actuation.

11 . 2.4.4 Attitude Control Engine

* Th#? pitch and two roll control units are radiation cooled, solenoid

actuated biproellant engines utilizing direct liquid injection (see Table 11-5).

These units are designed to perform upon command in an automatic control

loop. They are the same as. or similar to, commercially available engines.

Extensive sea level and simulated altitude development work has been

conducted on radiation cooled thrust chambers, especially at this thrust

level. Chambers were developed to operate for durations in excess of

30 minutes in a space environment. The chambers are constructed of
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molybdenum, with an oxidation resistant coating on both inside and outside

surfaces. The coating insures a high emissivity on the outside surface

which reduces wall temperatures. The actual combustion gas-to-wall film

coefficient for the optimized motor is approximately two times lower than

theoretical convection coefficient. The difference, together with intelligent

chamber design, has permitted the use of coated molybdenum nozzles.

Actual Isi values based on test data are"

Steady State : 310 seconds

Pulse Modulation F 304 seconds

Single Pulse 285 seconds

Pulse rate modulated engine suppliers have conducted extensive tests

on many different injector configurations in arriving at configurations .

which result in the best compromise between high 1sP efficiency. combus-

tion stability, repeatable performance, long life and realistic manufactur-

ing tolerances. Injector variables have been investigated in hundreds of

tests and are based on conclusive results; single impinginig pencil streams of

fuel and oxidizer are provided for this engine. The pressure drop required

for propellant injection is approximately 50 to 75 psi.

The roll control engines for the electro-optical configuration are

mounted on retractable thrust levers and are deployed prior to main engine

firing. The location and arrangement of these engines are shown on

Figures II-I and 11-37. Fo. the radar vehicle. which utilizes an inter-

nally mounted warhead, these engines are body mounted as shown in

Figures 11-2 and 11-38.

Four cold gas thrusters are provided for yaw control. These nozzles -

are also commercially available and can be easily adapted to this vehicle.

Nozzle design characteristics are as shown in Table 11-5. The low yaw

torque requirements and the high reliability and tight weight of the cold

gas system offset the low specific impulse provided by nitrogen. The

mission may consume as much as 4.5 pounds of N 2 (0. 225 ft3 stored at

4000 psi).
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11. 2. 4.5 Pressurization and Propellant Feed System

A pressurization system is required to supply pressure for warhead
inflation (electro-optica]: vehicle) and for propellant expulsion as 'well

as cold gas for the yaw jets. The quantities provided for each are listed
belowo.

EO Vehicle Radar Vehicle

Warhead Inflation 3.4, None

Propellant Expulsion 8.5 11.7

Yaw Jets 4.5 5.4

Total 16.4 (lb) 17. 1 (lb) .

The system consists of one toroidal nitrogen supply tank. & single

stage pressure regulator (containing an integral relief valve), and an

explosively actuated supply valve. Gaseous nitrogen is specified and stored

at a nominal pressure of 4000 psia and 70°F. (See Section 11. 2. 3 for tank

structural design criteria.)

A single stage gas regulator with an integral relief valv, is used to

regulate the flow of nitrogen gas from the pressurant tank to the respective

components upon demand.

The gas regulator effects a pressure reduction from 4000 psia in the

nitrogen tanks to 480 psia distribution. The relief valve will ope2-ate at a

preset 530 psia. The regulator will automatically compensate for the

increase or decrease of nitrogen pressure in the propellant tank. Such

variation in pressure might be caused by a change In propellant volume.

temperature fluctuation, or propellant equilibrium shift. Leakage through

the regulator will be restricted to 0. 008 cubic inches per minute. The

weights of the regulator and other components are listed in the propulsion

subsystem weight Table 11-6.

The gas supply valve will be a normally closed, explosively actuated,

aluminum alloy valve. To minimize leakage points and connections, the

tubing connecting this unit into the system will be an integral part of the
valve body.
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Table 11 -6. Propulsion Subsystems Weight Summary

Component EO Vehicle RdrVehicle

Engines

Main (one) 38.00 38.00

Roll (two) 6.z 6.2

Yaw (four) 0.75 0.75

Pitch (two) 4.40 4.40

Propellant Tank 3.Z. 90 36.38

Pressurization System

Tank .14.94 13.99

Regulator 2.90 2.90

Supply Valves (one required) 0.20 0.20

Check Valves (two required) 0.50 0.50

Plumbing and Fittings

Lines and Miscellaneous 3.15 3.00

Burst Diaphragm (two required) 0.25 0.25

Electrical 2.20 2.20

Residual Propellants 5.280 8.31

Dry We~ight

Propellants 188.2 Z6I.5

Pressurant i6.4 17.1
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The proposed propellant tank is a spherical tank containing positive

expulsion devices similar to those shown in Figures 11-41 and ll-4Z. The

upper hemisphere contains the oxidizer and the lower contains fuel. "Tho

tank and expulsion device are designed to be fabricated from materials

compatible with storable propellants. Th' upper and lower hemispheres

with flanges.are fabricated separately. The tank bulkhead and expulsion

"devices are independently assembled. Final bolting of the flanged hemi-

spheres and expulsion devices mrakes for a unique spherical propellant

"tank. The tank design criteria are outlined in Section 11. Z. 3.

*The positive expulsion devices consist of dual-membrane, ring-
• .. stiffened metallic diaphragms which provide propellant orientation control.

as well as positive zero-gravity expulsion. Propellant orientation control

is required on this highly maneuverable vehicle to prevent large center

"of mass shifts due to propellant motion during the toll maneuvers. Such

devices were investigated and found feasible as part of the BAMBI
"Continuation Study (Reference 5).

"11. 2. 5 Engine Alignment and CM Position Control

The primary source of homing stage disturbance torques, which.

must be reacted by the vehicle's attitude control thrusters, is main engine

thrust vector to -center-of-mass (CM) offset resulting from assembly mis-
.alignments or mass shifts during engine operation. Factors known to

contribute to this misalignment and possible corrective measures were

discussed in detail in the Second Interim Report (Reference 2). The major

factors and corrective measures are summarized below: '

Factors Corrective Measures

Lateral and angular misalignment Assembly techniques can be uti-
of the nozzle centerline to CM of lized to provide balance of the
the dry stage due to assembly stage in the dry condition with the
tolerances and lateral center of propellant tank so positioned that.
•mnass shift resulting from propel- the predetermined CM of the usable
lant loading, propellant will be on the nozzle

centerline or theoretical thrust
line at ignition. A high degree of
"accuracy is possible with a rela-
tively small expenditure for
assembly and measuring equip-
ment and time.
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Factors .corrective M4easures

Center of propellant mass shift The design and development of a
during propellant depletion or positive expulsion device thaipro-
lateral center of mass shift in- vides lateral propellant position

*duced by fluid slosh during the control was initiated as part of the
"roll- to- control" maneuver. BAMBI Phase U Continuation

Effort (Reference 5) and resulted
in a device which utilizts dual
walled. convoluted diaphragms.
(see Figures 11-41 and 11-4Z)
These diaphragms are designed to
resist tipping or buckling when the
vehicle is subjected to angular
velocities and acceleration which
induce unsymmetrical fluid loads
on the diaphragms.

Center of mass lateral shift result- This sou'rce of CM to true thrust
ing from asymmetric deflections line offset in the electra-optical
of the deployed warhead while the vehicle in considered the most
vehicle is under thrust. difficult one to predict and control.

Although inflatable structures can
be made relatively accurate, fairly
large deflections are common.
Such de~flections, though structurally
acceptable, could result in large
center of mass shifts.

The inflated warhead appears to be the predominant source of induced

offset for the electro-optical vehicle. It is estimated that the maximumn

CM shift due to deflection of the 16 foot diameter warhead under the inglu- -

ence of maximum engine thrust is approximately 0.05 inch (lw value).

This offset results in a torque around the pitch axis. thereby sizing the
pitch thrusters. Since the warhead is symmetrical with respect to roll and

yaw axes, warhead deflections produce little, if any, disturbance torque

around these axes.

A vehicle, such as the radar vehicle, equipped with an internally
mounted explosive warhead, in place of the inflated device, would be sub-

ject to somewhat reduced disturbance torques estimated to be less than

* . 0. 05i inch (3ar value). In either case, careful design and balancing tech-
niques can minimize thrust vector misalignment to acceptable levels.

11.2.6 Dynamic Considerations

The scope of the present study does not justify detailed dynamic

analyses of the proposed vehicle concepts. A general summary of the



potential problem areas and a brief description of the methods that would

be used to attack these problems is considered appropriate at this time. •

The following summary of dynamic problem areas includes consideratioix

of all phases of the satellite interceptor flight from prelaunch to intercept.

11.2.6.1 Prelaunch

l1.Z.6.1.1 Lateral Loads due to Wind-Induced Oscillations. Ground winds

load the vehicle. causing lateral oscillations. Loads induced in the pay-

load are calculated by obtaining analytically the modes of vibration of the

elastic vehicle and applying the ground wind loads as a generalized force,
taking into account the effects of random vortex-shedding.

11. 2. 6. 1. 2 Payload- Fairing Interference due to Wind-Induced

Oscillations. Lateral oscillations caused by ground winds produce relative
deflection of the payload with respect to the fairing. Thts deflection is

calculated by obtaining, analytically, the modes of vibration of the elastic

vehicle, treating the fairing as a separate branch, and applying the ground
wind loads as a generalized fodrce, again accounting for the effects of

random vortex- shedding.

11. Z. 6. 1. 3 Longitudinal Loads due to Thrust Buildup and Liftoff Transients.

Thrust buildup and liftoff transients cause longitudinal oscillations of the

vehicle. Using a lut -ped-tnass axial model of the vehicle, loads induced

in the payload are calculated by obtaining the modes of vibration of the

model and applying the thrust buildup-and liftoff transients as generalized

forces.

11..6.2 Booster Flight

11.2.6.2.1 Later.l Loads due to Wind Gusts. Lateral loads induced in the
payload by wind gusts during booster operation are calculated using a modal

analysis which treats the vehicle as an el:astic body and takes into account

the effects of possible fuel slosh and engine gimballing.

11.2.6.2.2 Pa load-Fairinpg Interference due to Wind",usts. Relative
deflection of the payload with respect to the fairing as a result of wind gusts
is calculated using a modal analysis, which treats the vehicle as an elastic
body. simulating the fairing as a separate branch, and also accounting for

the effects of sloshing and engine gimbaling.
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11.2.6.2.3 Lateral Loads due tu Transonic Buffeting. Lateral loads

induced in the payload by transonic buffeting are calculated using a modal K
analysis which treats the vehicle as an. elastic body. The generalized force

to be applied to the vehicle makes use of the power spectrum of the fluc-

tuating pressures acting on the vehicle during transonic buffeting. The

power sectrum data are obtained from wind-tunnel tests on a scale model

of the vehicle.

11 .2.6.2.4 Payload-Fairing Interference due to Transonic Buffeting.

Relative deflection of the payload with respect to the fairing as a result of

transonic buffeting is calculated using a modal analysis which treats the

vehicle as an elastic body and simulates the fairing as a separate branch.

As noted above, wind tunnel tests are necessary to obtain power spectrum

data.

11.2.6.2.5 L~ongitudinal Loads due to Thrust'Duildup and Decay Transients.

Thrust buildup and decay transients of the boosters various stages cause

longitudinal oscillations of the vehicle. Using a lumped-mass axial moviel

of the veaaul,. loadw induced in the payload are calculated using a modal

analysis.

11.2.6.3 Staging and Separation

11. 2.6. 3. 1 Fairing Separation anO Clearance. Our analysis of separation
of the payload fairing from the vehicle must determine the adequacy of the

separation mechanism, assuring that there is no interference between fair.

ing and vehicle as separation occurs. Rigid body techniques are utilized

for this analysis. A separation test would be needed to. verify the separa-

tion technique.

11. 2.6.3.2 Payload-Booster Separation. As analysis of the separation of

the payload from the booster must be performed to verify adequacy of the

separation technique, primarily that there is no interference between pay-

load and booster as separation occurs. Angular tipoff rates of the payload

must also be calculated to determine that they are small enough to be over-

come by the payload attitude control system. Rigid body techniques are

utilized for these analyses.
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I1I. Z.6.3.3 Separation of Passive Warhead Cover (applies to electro-

2 je5ical vehicle only) An analysis to determine adequate clearance of the

passive warhead coVer when it separates 'from the warhead is required.

The analysis can treat the cover as a rigid body and can utilize momentum-

and energy techniques to verify that interference with the warhead will not

occur. Since the separation mechanism utilized for this cover is some-
what unusual, a test is needed to verify its adequacy.

11.2.6.4 Deployment

11.2.6.4. 1 Planar Antenna Deployment (applies to radar vehicle only-).
An analysis is required to determine loads induced in the planar antenna
due to deployment. Energy techniques can be used to approximate the

forces which the adjustable stops apply to the antenna elements. These
* forces are then used in a modal analysis to calculate the loads indliced 'In

j . the antenna. Deployment tests are required to determine- adequacy of the

* , deployment scheme.

11. 2.6. 4. 2 Attitude Control System Deplpyrnent (appies to electro-optical

vehcleonly). An analysis is required to determine loads induced in the

attitude control system boom-s due to deployrnenU. The method used for the

I.analysis is similar to that of 11.2. 6. 4.1. D~eploymnent tests are required.

11. 6. 2.5 Vehicle Maneuvers

11.6.2Z. 5.1I Loads due to Vehicle Maneuvers. The various maneuvers

which the interceptor can accomplish impose angular and axial accelerations

* on the vehicle. Because the vehicle is flexible. these accelerations excite

the natural frequencies. Hence. a modal analysis which treats the inter-
ceptor as an elastic body is necessary to calculate loads in the vehicle.

Engine plume impingement must be considered when the loads are calculated.

11 . 6.2. 5.2Z Deflections due to Vehicle Maneuvers. Because several of the
vehicle components. for example, the antenna and the attitude control

systemn booms, are quite flexible and because oscillations of these compo-

nents beyond certain limits seriously affects the interceptors proper opera-

tiona, a modal analysis is required to calculate deflections caused by vehicle0
mianeuveris.
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The problem areas and the overall approachs to solution'of the

problems for 11.6. Z. 5. 1 and 11.6.2. S. 2 are the same for both types of

vehicles. However, the electro-opticak vehicle with its inflatable struc..

ture is somewhat more difficult to analyze, the reason for this being that

modal analysis of a structure, a portion -if which is inflatable, could

become a state-of-the-art matter.

11.2.7 Thermal Considerations '

A brief investigation of the internal thermal problems of the subject

vehicles indicated that the passive technique of the equipment absorbing its

own dissipated energy would -be adequate to hold allowable temperatures.

Short vehicle life from launch to intercept justifies this thermal control

technique. Prelaunch conditioning can be used to avoid overheating on the

launch stand and internal insulation can be used to eliminate adverse heat-

ing during boost.

Thermally. the two homing stages conoidered are similar except for

different tracker components. For the radar vehicle the radar equipment
replaces the camera and camera control unit of the electro-optical vehicle. ",

Special provisions for radar klystrom cooling are included in the radar

equipment and weigh approximately 8 pounds. No special camera cooling
requirements are known to exist. The temperature rise results shown

in Table 11-b are based on the assumption that the heat dissipating corn-
ponent absorb the energy uniformly throughout it* mass. Internal hot

spots were not investigated since the assumption that the component can

achieve adequate internal thermal coupling appears valid. It was further

assumed that the mass of the vehicle, extraneous of the component, was

not available as a heat sink.

The operation of the vehicle is assumed to require warm-up of the

electronic systems such that steady state temperatures are achieved before

launch. Aerodynamic heating effects would be eliminated by insulating the

components singly or in groups. The temperature sensitive equipments

would therefore be made thermally independent of their surroundings, and ".1

subject only to their own heat dissipation. With the temperature rise of

each component fixed by its power, time of operation, and thermal capacity

it is necessary only to pick an upper allowable temperature limit based on
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the most critical component. The digital computer has the largest

temperature rise (350F) and would have a high reliability if its mean

temperature were around 1200 F. A prelaunch conditioning air tempera-

ture of 700F with corresponding equipment temperatures of about 800F

would result in 115 5F mean temperature of the computer and temperatures

"ranging from near 80 0 F to 95 0 F for the remainder of the components at

the end of a maximum of 30 minutes mission time from launch. The one

close temperature tolerance requirement is that of the camera unit with

a *5 0 C limit about any design point between 0 and 55°C. Table 11-7

shows a +50°F (2.80C) increase after starting from the prelaunch con-

ditioning temperature of say 80°F (25°C).

The provisions for temperature control, therefore, consist of the

prelaunch conditioning and insulation to eliminate adverse thermal effects

from the vehicle.

11. 3 HOMING STAGE WITH ELECTRO-OPTICAL TRACKER

11.3.1 General Description

The electro-optical homing stage is a cylindrically shaped vehicle

approximately two feet in diameter and 7 feet long equipped with a body-

fixed variable thrust engine. (Figure 11-1 and 11-37). A divided spherical

propellant tank equipped with positive expulsion devices contains the

Ae rozlne fuel and Na0 4 oxidizer. The electronic equipment is mounted on

panels surrounding the main engine. A toroidal tank, mounted immediately

below the propellant tank, contains N2 at 4000 psia which serves as the

propellant pressurant, warhead inflation gas and yaw control thruster gas.

A pressure rgulator maintains pressurant at 480 psia to supply the main

engine tank and yaw nozzles.

The vehicle's outer shell which extends from the boost vehicle

adapter to the propellant tank. serves to carry the primary loads which

are maximum at booster burnout. A conical superstructure above the

propellant tank supports the gir ,aled platform on which the acquisition

and tracking camera is mounted.

The four yaw control nozzles which operate on N2 are mounted on the

vehicle's upper cylinder structure. The two hot gas pitch engines are

mounted on the vehicle's outer shell near the main engine nozzle exit.
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Special provisions were necessary to stow and deploy the roll engines *to

avoid interaction of their plume with the inflated warhead. These engines

are mounted. on arms that permit stowing the engines inside the main engine

nozzle until separation from the booster at which time they deploy anid
lock in position outboard of the main engine. Their line of thrust is away

from the warhead to avoid flame impingement on the inflated structure.

A summary of vehicle subsystem parameters follows:

Lifetime

Coast Period 10 min max

Tracking Phase .90 sec max

IN Requirements 4000 ft/ see
Envelope Volume 33 ft3

Thrust to Weight Ratio .6

Weights

At Ignition 594. 5
At Burnout .397.,3

Payload 160.6
Mass Moments of Inertia (At Ignition)

R oll 115
Pitch 93
Yaw 35

Structural Materials

Primary Magnesium

'Tanks 6A1-4V Titanium

Thcrinal Control Techniques Passive

Main Engine
Type Liquid Bipropellant
Throttling 10/1
Mounting Body Fixed.
Nozzle Cooling Ablative

Chamber Pressure 400 psia *
Fuel Aerazine

Oxidizer N2 0.1
F'eed System Pressure
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Pressurimt N2 Stored at 4000 psi

Propellant tank pressure so* psi&

Isp 315

Expansion Ratio 50

Thrust, Vacuum 3600 lb

Vehicle Stabilization

Type A :ude Controlled

Thruster Fuel

Roll %rozine-N 0
Pitch. Aerozine-N 2

0
4

Yaw N Cold Gas (Propellant
'Pressurant)

Thrust Levels and Lever Arms Thrust. lb Lever Arm. ft

Roll 55 4.Z,

Pitch 43 2.1*

Yaw S 0.9

Number of Thrusters

Roll 2

Pitch 2

Yaw 4

The following preliminary operational sequence serves as an

additional vehicle descriptive aid:

e Jettison Fairing at about 300. 000 ft altitude

* Uncage all gyros just prior to booster burnout

a Staging sequence

i Initiate booster cutoff

is Disconnect electrical circuits between booster and
homing stage

"a Stage with shaped charge when thrust decays to zero.

* Deploy Roll control engines

is Activate all ACS engines

, Initiate warhead deployment sequence (see Chapter 10
for details)

* Coast period-fully attitude controlled

* Initiate turns for veh'cle reorientation

* Uncage stabilized platform
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Perform acquisition tasks

* Initiate angle tracking mode
* Activate homing stage engine

* Proceed with homing phase

o Target intercept

11.3. Z Vehicle Physical Properties (Electro-Optical Homing Stage)

The ground rules and the results of a detailed vehicle weight and

mass properties analysis of the homing stage equipped with an electro.

optical acquisition and tracking subsystem are presented in this section.

This vehicle utilizes an unfurlable, passive kill mechanism consisting of

pellet-embedded membranes stretched tight by an inflated torus extending

to a 16 ft diameter which was discussed in detail in Chapter 10. The subject

homing stage appears in Figure 11-37.

The estimated weights summary appears in Table 11-8 and Includes

a 5 percent contingency to account for weight growth. The ground rules

for this study are delineated below.

11. 3. 2. 1 Structure and Temperature Control Subsystem

The basic structural elements are sheet metal, extruded sections.

rolled rings and some utse of sandwich structure. Gauges for all items

are based on the results of the preliminary stress analysis. No specific.

provisions were necessary for temperature control or heat shielding.

11.3.2.2 Payload

The inflated kill mechanism for this vehicle is a 0.007 inch wall

thickness Mylar torus with a 172 inch major diameter and a 20 inch minor

diameter weighing 18.5 pounds. The two double Mylar membranes across

the major diameter weigh about 6 pounds and contain about 3 pounds of

steel pellets. About 3.4 pounds of N2 at 5.7 psia are required to Inflate

the warhead.
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T alol e 11-8. Surnmary Weight Statement Elector-Optical H~oming Stage

PAYLOAD .10.1

Warhead 47.7
Torus. Memnbranes. and Pellets Z6.7
Support Structure 12.0
Retainer' 7.0

Gimbaled Platform Assembly Z6.1
Platform 16.2

CaMerAWloptice 13.0
Gyros (3) 2.7
Gyros siupport .0.3

Camera yoke 0.2
Griwbal-yaw . .3.7

Ring 1,6
Torquer 0.9
Resolver and Trim Weight' 0.9
Bearing$ 0.3

Gimbal-pitch 3.7
Yoke 1.6
Torquer .0.9

Resolver and Trim Weight 0.9
Bearings 0.3

Gimbal-roll 1.3
Structure .1.1

Torquer 1.2
Resolver 0.3
Bearings 0.6

Telex Leads 1.2
Flatform Control Electronics 6.0
Attitude Control System Electronic* 3.7
Camera Control Unit 16.0
DMgital Guidance Computer 27.0
Integrated Power Supply. 9.0

Blatteries 4.0
Electronics 4.0

3unction Bouxes and Interteabling t0.*
Support& and. Hairdware3.

HOMING STAGE 331.3
Propella'it Tank Assembly 27.S

LPropellant Plumbing System 11.0
Pyopellant - Impulse l89.1
Pruopllant - Residual 5.9
Filgint 36.0
Pressurtration Tank NZ Z1.2
Preissuriaation Gas NZ 16.4
Prouss~ritation Plumbing 5.0
Attitude Control Engines w/Valves. Lines . 16.0

and Birackets
STRUCTURE $6.0

Attitude Nozzle Booms (2) 10.0
Stage Structure 76.0

Total 569.0
RECOMMENDE-D CONTINGENCY 5 PERCENT 2.

'Or Z6.
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11.3.Z.3 Tanks

Tank w~eights were computed for a tank pressure of 480 psia. which

is 80 psia above main engine chamber pressure. The propellant tank is

made of 6A-4V Titanium. The expulsion device weight estimate is based

on BAMBI (Reference 5) experience and proportioned by spherical surface

area.

Propellant weight was calculated to provide a vehicle AV of

4000 it/Isec. In addition, 7.5 percent has been added to propellant w~eight

for hot gas attitude control, and 3 percent for expulsion efficiency. Excess

tank volume of 9 percent for volumetric efficiency has been allowed.

Table 11-9 showa d detailed propellant tank weight statement.

Table 11-9. Propellant Tank Weight Summary

Item Weight - (lb)

Spherical Shell 5.76

Flanges (2) 6.82

Bolts (72) 1.0" grip 4.03

Partition (0. 010 Aluminum) 0.46

Expulsion Devices 4. 20

Flanges for Expulsion Devices and
Partitions (4) 0. 1" Aluminum 4.32

Bosses. Welds, and Contingency 1.92

Total 27.5 lb

Nitrogen tanks are sized to contain enough nitrogen to inflate the

warhead and pressurize the propellant tanks as well as supply the yaw

control thrusters. Volume for N2 is based on storage at 4000 psia. Tanks

are Titanium. Calc.ulation indicated gauges of 0.094 and 0.092. so the

next larger standard gauge of 0. 100 was used for weight calculation.

Table 11-10. Nitrogen Tank Weight Summary

Item Weig&t - (ib)

Toroidal Shell (0. 100 Gauge) 20.3

Bosses, Welds, and Contingency 1.5

Total 21.8 lb
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11.3.2.4 Engines

Engine weight of 38 pounds includes all valves and manifolding.

Propellant lines are included in the propellant plumbing system.

Major engine design criteria are shown below.
De =24 inch

P =400 psia

C

F = 3600 pound

tb = 16 sec (min)

= 50

I 315
sp

Propellants N 0 4 /Aerozene

Mixture Ratio = 1.6 to I

Throttle Ratio 1 10 to I

The attitude control subsystem consi.tb :f the two hot gas roll and

two pitch control engines and four cold gas yaw thrusters. Valves,

plumbing and mounting brackets are also included. The basic items

appear in Table 11-1 1.

Table 11-11. Major Attitude Control Subsystem Items

Item Weight (Ib)

Roll Engine (2) (w/vplves) 6.2

Pitch Engines (2) (w/valves) 4.4

Yaw Thrusters (4) (w/valves) 0. 8

Plumbing, brackets, etc. 4.4

Total 16.0

Table 11-2 shows center of gravity location and moments of inertia

which were computed on the basis that all items shown in Figure 11-37

are homogenous bodies. Structural weights were distributed generally

as shown in Figure 11-37. Properties at engine ignition and burnout

were dcter mined to show possible shifts in center of mass during engine

operation. The indicated loaction of center of gravity along, the yaw axis .

could be eliminated on the next design iteration.
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Table 11-12. MassProperties of Electra-Optical H-omiing Stage

~.- ;J+Y

+Z -

V'

LOSerie ofVhceatXnto

Properties of Vehicle at BIgnitont

Inertia About Center
Weiht Ib)Center of Gravity of Gravity (slug ft.)

x y z X-X Y-y Z-Z

387.? 0.0 -0.4 41.5 115 90 35
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11. 3. 3 Attitude Control Subsystem

The homing stage attitude control subsystem is designed to provide

muscles for vehicle stahilization during the coast period, vehicle re-

orientation at target acquisition and attitude control during homing. All

functions are satisfied by one subsystem consisting of two roll engines,

two pitch engines, and four yaw thrusters. Hot gas engines, fed from

the main propellant supply, were selected for the roll and pitch function.

Yaw control, which requires a much lower torque, is satisfied by 4 cold
gas thrusters fed from the NZ pressurant gas supply.

Design criteria for the attitude control subsystem are summarized
in Table 11-13. Engine locations and arrangement are shown In Figure 11-1

and 11-37. The roll engines were necessarily deployed to avoid flame

impingement on the inflated warhead. These engines are deployed imme-.

diately following separation from the boost vehicle and prior to warhead
.deploymvnt. All control engines are then activated to provide immediate
vehicle stabilization.

The roll engine thrust level was established by an angular roll

acceleration requirement of Z radlans/sec . The pitch engines were sized
to overcome the disturbance torque emanating from an estimatedthrust

vector to center of gravity offset of 0.01 ft (3 sigma value). The yaw thrust

requirements are estimated to be an order of magnitude less than the pitch

torque. Engine design is discussed in Section 11. 2. 5 of this chapter.
Table 11 - 13. Reaction Control Subsystem Design Criteria Homing

Stage W/Electro-Optical Tracker

Roll Pitch Yaw

Required Torque (ft lb)1  230 90 9

Thruster Lever Arm (ft) 4.2 2.1 1.82

Engine Thrust (lb) 5S 43 53

Hooming Phase (seconds) 90 90 90
Total Energy (ft-lb-sec) 8000 3300 500
Total Impulse (lb sec) 1900 1800 280

Limit Cycle Frequency (cps)(max) £ a

IEstablished in Chapter 5
Couple lever arm (two thrusters)
Each Thruster

1 1-69 '
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11.3.4 Power Supply

A preliminary estimate of power requirements appear in Table 114-4.

The total requirements are estimated at 85 watt hours which are consumed

at a low standby rate for approximately 26 minutes and at a peak rate for

about 4 minutes. This type of operation is typical of ballistic missile

requirements and also resembles the STL BA14BI homIng stage power

subsystem requirements reported in Reference 4. Silver-zinc batteries.

which are low in weight and capable of high discharge rates, have been

used extensively in such cases and have been selected for this application.

Battery weight estimates were based on a conservative rating of 30 w-hr

which is assumed to include battery activation mechanism and electrolyte.

Since these batteries have a short activated life measured in terms of hours.

activation is tqot initiated 'until just prior to launch. Activation is accom-

plished automatically by squib and is completed in about 2 seconds. Con-

verter and inverter weight estimates, were based on previous experience.

scaled in proportion to the total power requirements.

Table 11-14. Electric Power Requirements for Electro-Optical
Homing Stage

Electric Power Requirements

Unit 26 Min 4 %tin Total (W-Hrl

Camera Unit Plus Optics and Shielding .. 20.5 3.54

Gyros 5.00) 5.0 2.50

Platform Torquer (yaw) 0 10(2) 0.67

"Platform Torquer (pitch) 0 1O(2) 0.67

Platform Torquer (roll) 0 56 3.73
Platformn Control Electronics 5 S 2.50

Attitude Control Electronics 6 25 4.26

Carmera Cuntrol Unit 10 25 10.36

DigitAl Guidance Computer 70 70 35.0

Integrated Power Supply Electronics 5 5 2.50

Main Engine I29 8.6

Attitude Cotrol Engines

Roll 60) 30 4.6

Pitch 6(3) 30 4.6

Yaw 3(3) 15 2.3

(I) lnclude- 20 w.att intermittent heaters 85.8
(2) 35 Watt peal--
(3) 20 percent duty cycle assumed
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11. 3. 5 Gimbaled Electro-Optical Tracker

The acquisition and tracking subsystem consists of an orthicon

camera mounted on a gimbaled platform. Associated clectronics. gyros,

etc., are either body mounted on the vehicle or mounted on the platform.

A platform with three degrees of freedom is required to satisfy the

selected vehicle guidance technique which depends on angle tracking data

to establish the direction and magnitude of commanded thrust. The plat-

form mechanical design requirements are governed by this target tracking

technique and the vehicle attitude control requirements, as established in

Chapter 8 as well as vehicle configuration and anticipated loads. These
criteria are summarized below:

e Roll freedom (around the tracker LOS) of *360 degrees

minimumi

* Pitch and yaw freedom of *6 degrees minimum

* Vehicle acceleration along the yaw axis during
tracker operation of 6 g's. (Maximum design
limit load.) }

e Angular acceleration of the vehicle around the LOS'
-,02 rad/secZ

e A mechanical gimbal lock during the boost phase
(15.4 g's max.) to avoid excessive torquer loads

* Resonant frequencies of the gimbal structure of about

200 cps

e Life of 30 minutes maximum in a space environment

e Pitch and yaw axis inboard of the roll bearings to avoid
trigometric transformnation during roll maneuvers

The selected design takes advantap of a conventional Rimbaled

platform approach using a three-axis, bearing-mounted gimbal system.

as shown in Figure 11-43 and 11-44. The gimbal order from inside-out

is yaw, pitch and roll. The stabilized platform consists of the orthicon

camera with optics" as described in Chapter 6.

Three muttually perpendicular, wide angle, miniature integrating

(IMIG) gyros are mounted on a three axis support bracket attached to the

base of the camera. The inner gimbal ring contains the yaw axis bearings.

torquer and resolver apd the fore and aft supports contain the roll axis

11-71
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bearings. tor-quer and resolver. All structural elements, such as the

gimnbal ring and yoke, are made of beryllium for maximum stiffness to

weight ratio and maximum thermal stability.

The electrical connection between the stabilized platform and the
r vehicle is through two flex leads each containing approximately 30 elec-

trical wires. The platform is securely locked to the craft during boost
when high g loads are encountered. An electric solenoid released locking

mechanism is used as shown in Figure 11-44. Th~e unit is hermetically

sealed with a bellows held in t~ension until released by the solenoid operated.

trigger, permitting the mechanism to retract thereby freeing the platformt
about all three axes:

11.3.5.1 Bearing Selection and Design

The selected bearings are large bore. extra thin, deep groove roller

bearings which are designed for duplex mounting in preloaded pairs to

provide high rigidity and low friction torque. The bearing arrangement
is identical for. all thre~e axes, in that axial expansion is accommodated by

" ,r'

allowing one duplex pair to float in the housing.,

Bea.ring Loads

Yaw Axis

Initial Platform Weightd

Camera 13.0

Gyros 2.7
Support Structure u .3

Miscellaneous 0. 98
T otal 16.98 lb + 10 percent

18.68 lb
Pitch Axis

Initial Platform Weight e18.68 lbh

Gimbal Rsing + Miscellaneous Z.n 3lbt sol0percent = 2.o5k3 lb

Roll Axis 
Z 1. 21gu b 1 ...

• 
..

Platform + Gimbal Ring, etc. 21.21 lb

Yoke Fitting eMiscellaneous+ 0 percent 3.e79 lb

Z5. 00 lb
Forward Bearing takes 20.7 lb radially

Rear Bearing takes 4. 3 lb radially
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T~he de'sign ultimate accelerations are:

Boost Phase .20 gis axial
(Bearings static)

1-1/4 g's lateral

Homing Phase 7-1/2 g's axial
(Bearings Operative)

Table I I - 15. -Bearing Design Loads Summary

*Static Lbs *Running Lbs
Bearing

Axial Radial Axial Radial

Yaw 374 12 140 10(70)**

Pitch 27 212 22(160)** 80

Fwd. 32 414 26 155
Roll -- _ _

Aft 0 96 0 33

Loads are per duplex pair

Loads in parenthesis occur when gimbal is rolled 90 degrees.
i. e., when pitch axis parallels vehicle thrust axis. .

11.3.5. Z Bearing Preload

The preload designed ipto the duplex pairs must be optimized to give

lowest starting torque in combination with the unbalance torques due to,

center of gravity shift resulting from axial or radial compliance in the

bearings. The compliance (yield) rate of the bearings is decreased by

increased preload which in turn increases the initial starting torque;

hence, at optimurn preload can be obtained which yield a minimum total

torque as shown graphically in Figure 11-45.

The increment torques AT varies linearly with the bearing yield

rate (N), i.e., AT = CN where C 17 x 10 in oz for yaw and C =118 x

103 in oz for pitch.

One restriction to the above is that the bearing yield rate (inches/lb)

be kept below a certain level to avoid jeopardizing the platform natural

frequency. The bearings are of isoelastic design in that the yield rate (N)

is the same for both radial and axial loads.
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I.T = AT + T OPTIMUM l '

YIELD STARTING
RATE, N A ' TORQUE, T.
(IN/LB) (I N-03)

"" . I PRELOAD (LB)

Figure 11-46. Starting Torque Versus Bearing Preload

For the design study the bearing preioads were arbitrarily set at

50 pounds which resulted in the following starting torques:
Id

Yaw and Pitch axis bearings 6.6 in ox per pair
Roll axis bearings 8.0 in oz per pair

These torques were supplied upon request from bearing manufacturers

and assumed oil lubrication.

11. 3.5.3 Lubrication

Due to the short platform life requirements in the spare environment,

the bearings can use conventional oil. or grease lubricants in conjunction

with a labyrinth seal. Justification for this approach is as follows:

Outgassing of the lubricant would represent a problem
only if T.particles deposited on sensitive elements such
as on the camera lens. This is improbable due to the
difficult geometric path between lubricant molecules
and the len's. The molecules would have to bounce to
attach themselves to the lens face. Even if some
nnolecules were to take such a path, it is improbable
that there would be critical deposition in the 30 minutes
maximum operating period.

Plated races and balls, which might offer an alternate
approach. tend to give increased ball race diameters
and increased breakout torques.
The oiled bearings is much smoother in operation than

plated races and balls. Burnished MoSZ coatings and gold
plated balls, another alternate, tend to have peaked torque
levels. -

11-77

-'-



11. 3. 5.4 Platform Natural Frequency -

Of major concern in the design of a gimbaled platformn is the

inherent structural resonant frequency. It is desirable to maintain a

minimum resonant frequency from five to ten times greater than the

maximum platform limit.cycle frequency which, in this case. is estimated

to be approximately 20 cps (Reference Chapter 5). An approximate

natural frequency for the platform is given by:

rN Ti

Where ;j is the summation of static deflections under a one g acceleration

field.

Consider bending stiffness in the plane of the gimbal ring (Normal to

the camera roll axis). The major deflections (6) under one g are:

Inche s

Axial deflection of yaw axis bearings 0.000140

Deflection of gimbal ring 0.000020*

Radial deflection of pitch axis bearings 0.000070

Deflection of roll axis fitting 0.000035

Radial deflection of roll axis bearings 0.000131

0.000396

Based on an "I" section one inch high x 1.5 inches wide x 0.06 inch
thickness.

F ~ m 3 8 6
FN

"157 cps

The above deflection estimates are based on the following ground rules:

e Yield rate in all bearings is assumed to be 7 micro inches
per pound both axially and radially.

* Structural material is beryllium

o The deflection of the inner platform (camera barrel and
yoke) is negligible.
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Because o!f high torstonal deflections, the above "I" section does not

provide sufficient gimbal ring stiffness normal to the plane of the ring;

hence, a box section (1.5 x 1.0 x 0.06) was selected. As noted in

Table 1-.16, an equivalent stiffness could be obtained with an increased

1*I* section at the cost of.about 0.5 Ib as compared to the above box section.

Though structurally inefficient as a torsional member, the heavy "I" section

can be readily obtained by conventional machining from a solid block. The

box section, however, requires the use of a bolted, brazed, welded or

bonded joint to close out the cross section.

Table 11-16. Gimbal Ring Resonant Frequency Summary

Natural Frequency
FN in cps

In the plane Normal to the
of the ring plane of the ring

"I'll" -Section IS7 Unacceptable
(1.5x Ix 0.06)

"I" Section (Beefed-up) 157 156
(1. 5x I x 0.Z5)

Box Section -157 163
(. l.Sxx 0.o08)

Box Section -157 175.
(1.5x I x 0.08)

Infinility Stiff Gimbal Ring 165 183

A bonded joint was selected since berylium bonding techniques are

well established with joint strengths of 10.000 psi readily obtainable.

Since stiffness is the design criteria for this part. actual stresses in the

part are probably an order of magnitude below this level; therefore, con-

fidence in the design is not degraded by the use of a bonded structure.

Conventional quality control techniques can insure a highly reliable structural

element.

The major portion of the spring rate of the platform in any direction

is contributed by the bearings, If increased stiffness is required, improve-

ment can be obtained through a-bearing redesign.
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11.3.5.5 Electrical Flex Leads

The anticipated wiring budget for the platform is as follows:

Number of wires

Camera 1S 24

Gyros 27 Z4
2 z2

DC Servos 4 24

Resolvers 10 .30

Total. 61

Two of these wires must be shielded.

For the pitch and yaw axis the flex leads rotate through *6 degrees.

This simplifies the flex lead design since a straight torsional cable can be

used as shown on Figure 11-44. To balance the cable weights on the plat-

form, the cable is split intwo branches and wired symmetrically as shown.

Approximate torque figures have been obtained for this configuration

by the use of a simple model made of 28 - No. 24 gage wire with 1-1/2 inches

free length. The result obtained was 1-1/4 in ot torque for 6 degrees of

movemuant. This gives a total of 2.5 in oz torque around the pitch or the

yaw axis.

The flex lead configuration for the roll axis is in the form of opposed

spiral springs. This type of flex lead is proposed due to its compactness

and small variations in torque over the extreme roll movement of

4L360 degrees. The concept is shown on Figure 11-43 and diagrammatically

in Figure 11-46.

Figure 11-46. Electric Lead Wrap-up

. ..11-80
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The electrical cable Is transformed into two flexible bands, one wire

thickness and approximately one inch wide. This can be achieved by either

bonding together standard insulated wix.eb or by etched circuits on mylar

film. Theoretically, as the spring force of the wire wraps are opposing

each other, the torque required for movement is zero, providing that the

spring rate remains constant as in Figure 11-47. &-.id that the &prings are

preloaded.

FRONT BAND

REAR BAND

PRELOAD - TORQUE

-360. +3600

Figure 11-47. Lead Wrap-up Versus Torque

However, as the spring rate will change and since hysteresis effects

are unknown, it is proposed to use 50 percent of the torque required to

rotate, one ol the bands through 7Z0 degrees. This was found to be 2. 80 in oz

by a simple test using conventional insulated 24 gage wires. It should be

noted that these figures are preliminary and that further substantiation

would be required for any hardware application.

11.3. 5.tb Platform Inertia Orientation Torques-

Platform inertias have been calculated and are as follows:

Yaw 25. 1 oz in secz

Pitch 26.5 oz in sec2 ' -

Roll S. 4 oz in sec"

The platform inertia torques are as follows:

11.-SI
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11. 3.5.6. 1 Yaw Axis. The platform is to be reorientated about the yaw
axis a maximum of 6 degrees in 1. 2 sec with constant angular acceleration.

+4

S-6 -- I,

Figure 11-48, Platform Orientation state ana ,cceieratiull

For the velocity diagram as shown in Figure 1 1-48, angular
2acceleration a r 0.29 wads/sec

Platform yaw torque z la 2 S5.1 x 0.29 = 7. 29 os in.

11.3.5.6.2 Pitch Axis. Angular acceleration about the pitch axis Is
2"identical to that for yaw. i.e., a 0.29 rads/sec

Platform pitch torque, I a 26. 5 x 0.29 7.7 os in.

11.3.5.6.3 Roll Axis. Angular acceleration about the roll axis during
the target acquisition mode is assumed to be identical to that of the above
yaw and pitch axis'tracking mode accelerations, i.e., a r 0.29 rads/sec.

Platform roll torque I a 5.4 x 0. 29 1 1. 57 oz in.

11. 3.5.6.4 Thermal Center of Gravity Shift. The center of gravity of
the camera moves along the yaw axis 0,00211 inches with respect to the.
platform when the camera, initially at room temperature. reaches its
maximum operating temperature of 55 C. Assuming that the structure
reminns at room temperature, the incremental torque duie to this center
of gravity movement is approximately 0.7 oz in about the pitch and roll
axis only. With the platform rolled 90 degrees, i.e., platform pitch axis
parallel to the vehicle's thrust axis. a roll torque of approximately 3.0 oz in

results from this offset.

71
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11.3.'5.6. 5 Mass Unbalance. The platform will be dynamically balanced

Ui'g trirm. %eights as shown in Figure 11-44. i.e., threaded collars locked

in position. More trim weights will be required than those shown, these
being omitted from the drawing for clarity. The camera will be in the

tracking mode during dynamic balancing of the platform to account for the

center of gravity shift that occurs due to a camera lens shift from acquisition
to the tracking mode. There will be other mass unbalance which cannot be

trimmed out and are at present incalculable sech as:

o Variation of camera longitudinal ceoier of gravity
with temperature

o Thermal warpage of gimbal rings due to unsymmetrical
heating

o Misallgnments due to material creep, etc.

However, it is to be expected that the sum of these and other unknown
effects will be small and by the use of a conservative factor applied to the

values in Table 11- 17 in sizing the torque motors these side effects can

be ignored. It is felt that this reserve factor should be at least 1. 5 or

preferably 2 times the calculable torque requirements, which for a small
weight penalty considerably increases the platform confidence level. In-

creased electric power requirements for the larger torquers are negligible

because of the short operating time.

Table 11 - 17, Platform Torque Requirements Summary

Yaw Axis
Bearing friction 13.2 ox in
Reorientation torque 7.3 oz in
Flex leads Z.5 oz in
Servo friction 1.5 oz in

Total 24. 5 oz in
Pitch Axis

Bearing Friction 13.2 oz int
Reorientation torque 7.7 oz in
Flex leads 2.5 oz in
Thermal center of gravity shift 0.7 oz in
Servo friction 1.5 oz in

Total 25.6 oz in
Roll Axis

Bearing Friction 13.0 oz in
Reorientation torque 1.6 oz in
Flex leads Z.8 oz in
Thermalcenter of gravity shift 3.0 oz in

Total W ozI.
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11.3.5.7 Platform Assembly Procedure.

As an additional platform descriptive aid, the following assembly
sequence to pre sent*&-

o Assemble camera supporting yoke to gimbal ring

oInstall yaw axis bearings, torque motor, resolver.
attach nuts and electric cabling.

A . Assemble above subassembly to roll yoke fitting

eInstall pitch axis shafts, bearings. torque motor*
* 4 resolver. nuts and cabling

a Assemble gyros to their support structure and checkoA
their mutua) alignment then install on camera

o Assemble camera subassembly to supporting yoke;
make electrical connection.

o Install forward and aft support assemblies complete
with torque motors, bearings, resolvers, -locking
mechanism and cabling.

Is Assemble flex lead assembly

e Proceed with dynamic balancing, proof test, etc.
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11.4 HOMMO STAGE WITH RADAR TRACKER

11. 4. 1 Vehicle Description

The radar equiped horing stage which appears in Figures 11-2

and 11-38 Is similar to the electro-optical homing stage in many respects

and, in fact, shares many common subsystems such as the main engine.

attitude control electronics, computer. etc. The vehicle, also interfaces

with the booster in a similar fashion and uses the same fairing and a

similar adapter. The use of a different tracking subsystem and warhead

prompted the need for several subsystem changes and resulted In a vehicle

weighing about 950 pounds which is about 350 pounds heavier than the

electro-optical vehicle. Other differences appear in the vehicles upper

structure where major modifications were necessary to accommodate the

radar components. Also, all attitude control engines are body mounted

which was not possible on the other vehicle due to interaction with the

wufurlablo kill mechanism.

The acquisition and tracking subsystems differ completely from the

electro-optical vehicle. A large (4 x 6 ft) planer array which is wrapped

around the vehicle's outer shell in the stowed' position nd deployed after

booster separation provides target illumination during the acquisition and

subsequent tracking mode. A 16 inch diameter dish on a stable platform

provides angle tracking data during the homing phase. A brief descrip-

tion of the antenna and gimbal ed platform appears in Section 11.4. 4.

To avoid duplication, only the subsystems and features peculiar to

the radar vehicle will be discussed in this section with all other vehicle

subsystems defined in Section 11.3. Comparison of vehicle outboard

• ,drawings. Figures 11-2 and 11-3 and the general arrangement drawings.

Figures 11-37 and 11-38, are a further aid in establishing vehicle
*". differences.

11. 4. 2 Vehicle Physical Properties

The ground rules for the detailed weight and mass properties analysis

for this vehicle are identical to those stated in Section 11. 3.2. The radar

subsyL Lem replaces the electro-optical subsystem used on the other vehicle

and the unfurlable war),ead is replaced by an internally mounted explosive

warhead. A detailed weight summary appears in Table 11-18. Ignition
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and burnout ma ss prope rtes a re surnmar ized in Table I11- 19. The indicated

center of gravity offset along the x and y axes could be elimina~ted by corn-

ponent rearrangement during a next design iteration..

F: Table 11-18. Sumrmary Weight Statement Homing Stage WIRadar Tracker

Payload 36.3

Warhead 66.0
rue* 4.0

Transmitter Assembly 65.0
Power Supply 65.0
Receiver Assembly 48.0

Acquisition Antennia (41 x 6 ft Planer) 36.0
Ginibaled Tracking Antenna 26. 4

Receiving Electronics 3.5
Wave Guide Tubing' 1.a * ,

Gyros (3) 3.0
Torquars (3) 3.0
Bearings (3) 1.3
Resolvers (3) .3.0

Yoke4
Structure .2.3

Gimbal Ring 1.9
Flex Leads .2.0

Antenna (16 inch diameter) Z.2 I
Platform Control Eloctropics e 6.0 *.~

ACS Electronics 3.7
Digital Guidance Computer 27. 0
Power Supply 21. 0

Batteries - 1.0
Electronics 6.0

Wiring and Boxes 15. 0
Supports and Hardware 8.2Z

Homng IM 409.9

Propellant Tank Assembly 31.8
Propei)ltn Pumbing System 11.0
Propellant- impulse 262. 6
Propellant- Residual 5. 1
Eng in* 38.0
Pressurization Tank N2O2.3
Pressurization Gas N17. 1
Pressurization Plumbig 5.0
Attitude Control Enginse w/valves.
Lines and Brackets .16.0

StructureI~ 109.0
Stage Structure 109.0 9

Total 915.2

Recommended Contingency 5 percent' 45.8 .-

Vehicle GrossL WLgh61. 0
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Table 11- 19. Homing Stage W/Radar Tracker Mass Properties.

Los

NOTE: STATION Z-Z =0.0
15 REAR EDGE OF NOZZLE

-Y%
Properties of Vehicle at I'anitiqn

W i ht Inertia About Cent er
lbCenter of Gravity of Gravity (Slug ft2 )

x Y Z X-X Y-Y Z-Z
961.0o -1.1 -0.1 49.9 102 100 15

Properties of Vehicle at Burn~out

Weight Inertia About Center
Cent~er of Gravi. of Gravity (Slug ftZ

68 x Y Z X-X Y-Y Z-Z
681.3 -1.5 -0.2 51.1 97 94 15

11. 4. 3 Attitude Control Subsystem

The attitude control subsystem for the radar vehicle utilizes the
s am e basic type of control engines as the electro-optical homing stage.

All engines are body mounted as shown on Figures I1I-Z and 11-38 since

the use of the internally mounted warhead in place of the unfurlable
* device negates the need for deployed roll engines. The design criteria

for'this subsystem is summarized in Table 11-20 which show torquem
and total energy requirements somewhat reduced from the electro-optical

vehicle again. due to the elimination of the unfurled kill mechanism.
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Table I1-20. Attitude Control Subsystem Design Criteria
Homing Stage W/Radar Tracker

Roll Pitch Yaw

Required Torque (est) (ft-lb)1  204 36 4

Thruster Lever Arm (ft) 3.25 3.25 2.142

Engine Thrust (Ib) 63 11 20)

Homing Phase (seconds) 90 90 90

Total Energy (Est) (ft-lb-sec) 8000 1700 200

Total Impulse (Est) (lb sec) 2460 520 95

(I-) Established in Chapter 6(2) Couple lever arm (two thrusters)
(3) Each Thruster

A more detailed definition of this subsystem appears in the pro-,

pulsion Section 11. 2. 4 and in Section 11. 3.3.

11. 4.2 Gimbaled Radar Tracker

The radar tracking subsystem consists of a slotted wave guide radar

antenna mounted on a gimbaled platform. Associated electronics, gyros,

etc. are either body mounted on the vehicle or mounted on the platform.

A platform with three degrees of freedom is required to satisfy the selected

vehicle guidance technique which depends on angle tracking data to estab-

lish the direction and magnitude of commanded thrust. The platform

mechanical design requirements are governed by this target tracking'

technique and the vehicle attitude control requirements as established

"in Chapter 8 as well as the vehicle configuration and anticipated loads.

These criteria are summarized below:

"o Roll freedom (around the tracker LOS) of A3600 minimum.

* Pitch and yaw freedom of *40 minimum

e Vehicle acceleration (maximumn design limit load) along the
yaw axis during tracker operation of 4 g's

• Angular acceleration of the vehicle around. Lhe LOS -2 rad/sec2
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* A mechanical gimbal l.uc.k during the boost phaweef15. 4 g's
maximum limit load)

e Resonant frequencies of the gimbal structure of about Z00 cps

* Life of 30 minutes maximum is a space environment

* Gimbal order from the inside out is yaw; pitch and roll to
avoid trigometric transformation during the roll maneuvers

e Design ultimate accelerations are,

Boost Phase (bearings static) 20 g's axial
1-1/4 g's lateral

Homing Phase ('bearings operative) 5 g's axial
I g lateral

The selected design takes advantage of a conventional gimbaled

platform approach using a three-axis, bearing-mounted gimbal systemr

as shown in Figures 11-49 and 11-50. The gimbal order from inside-out

is yaw, pitch and roll; The Inner platform is a slotted wave guide planer

array antenna with associated electronic wave guide components arranged

to provide dynamic balance around gimbal centerline. (See Figure II-51.)

The MIG gyros are mounted on a three axis support bracket attached

to the base of the antenna. The inner gimbal ring contains the yaw axis

bearings, torquer and resolver and the fore and aft supports contain the

roll axis bearings. torquer and resolver. All structural elements, such

as the gimbal ring and yoke, are made of beryllium for maximum stiffness

to weight ratio and znaximum thermal stability.

The electrical connection between the stabilized platform and the

vehicle is thru flex leads. The platform is securely locked to the craft

during boost when high acceleration loads are encountered.

11.4.2.1 Bearings

The selected bearings are large bore. extra thin, deep groove

roller bearings which are designed for duplex mounting in preloaded, pairs

to provide high rigidity and low friction torque. The bearing arrangement

is identical for all three axes in that axial expansion is accommodated by

allowing one duplex pair to float in the housing. The bearing preloads
were arbitrarily set at 50pounds which result%.._ in the following estimated

starting torques supplied by the bearing manufacturer.
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Yaw and Pitch axis bearings 6. 6 in ox per pair

Roll axis bearings a. 0 in ox per pair
Due to the short platform life in the space enivironmnent* it Is pro-

posed that the bearings use conventional oil or grease lubricants in can-

junction with a labyrinth seal. Justification for this approach was outlined

in Section 11. 3. 4. 3 of this chapter.

11. 4.4. Z Platform Natural Fieguency

Of major concern in the design of a gimbaled platform, is the
inherent structural reasonant frequency. It is conssidered desirable to

maintain a minimum reasonant frequaency from five to ten times greater

than the maximum platform limit cycle frequency which in this came Is
estimated to be approximately 20 cps (see, Chapter 4). Although a detailed
loads and deflection analysis of this design was not undertaken at this time.
the analysis, assoicated with the electro-optical Sinmbeled platform (Sectiona

11. 3. 4. 4). which is similar In many respects. indicated that the required

* natural frequencies were indeed attainable provided beryllium is used as
the structural material and reasonable bearing yield rates are maintained.
11. 4.4.3 Electrical Flex Leads

For the pitch and yaw axis. the flex leads rotate through *4o. This
A . simplifies the flex lead design since a straight torsional cable cani be used.

To balance the cable weights on the platform, the cable in split in two

branches and wired symmetrically.

The flex lead configuration for the roll axis is in the form of opposed

t~prial springs. This type of flex lead is proposed due to its compactness

and small variations in torque over the extremne roll movement of *3600

The concept is shown diagrammatically in Figure 11-46. Section 11. 3.4.4.

The electrical cable is transformed into Z 0exible bands, one wire

thickcness and approximate I inch wide. This can be achieved by either

bonding together standard insulated wires or by etched circuits on Mylar

film. Theoretically, as the spring force of the wire wraps are opposing
each other. the torque required for movement is zero providing that the

spring rate remains constant as in Figure 11-47. Section 11. 3.4. 4 and
that the springs are preloaded.¶
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11.4.4.4 Platform Orientation Torques

Orientation torque requirements 4re established by platform angular

acceleration. bearing friction. electrical lead wrap up, servo friction.

and unaccount4ble platform center of gravity shifts. These effects are

minimized by careful design and by dynamically balancing the platform

with trim weights on all axes. Torque estimates appearing in Section

11. 3.4.6 are considered applicable here and were used as a basis for

selecting the following platform torque levels.

Roll Torque 70 in os

Pitch and Yaw Torque 35 In os

As was the case with the electro-optical platform. it is felt that

a reserve factor of at least 1. 5 or preferably 2 times the calculable

torque requirements is a small weight penalty for a considerably increased

platform confidence level. Increased electric power requirements for the

larger torquer* is negligible because of the short operating time.

As an additional descriptive aid, the platform assembly sequence is

outlined below: (see Figure 11-45)

* Install bearings in front and rear supports

e Assemble both supports to roll axis yoke

e Install roll torque motor in front support and resolver in
rear support

• Install bearings on both pitch axis shafts

9 Install shafts with bearings in pitch axis supports in yoke
and secure to gimbal ring with retainers

* Install bearings on both yaw axis shafts

e Slip forward portion of wave guide with antenna attached.
through hole in forward end of roll axis yoke. Install shafts
with bearings in yaw axis supports in gimbal ring and secure
to bosses on wave guide with retainers

a Install pitch and yaw torque motors and resolvers

* Assemble aft section of wave guide, gyros and electronics to
forward section of wave guide.
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11. 4. 5 Alternate Antenna Considerations

A. single* transmitting and receiving parabolic radar antenna was

suggested for use as a target acquisition and tracking devicme. Such an.
antenna would replace the proposed dual hybrid antenna system for the

radar equipped homing stage which utilizes a: body fixed array trans-

mnitting antenna for target acquisition and a small gimbaled antenna for

target angle tracking. The design criteria for the suggested system ii

as follows:

o To satisfy the angle tracking requirements,, the antenna
must be fully gimbaled with *360 degree roll freedom and
approximately *4 degree pitch and yaw freedom.

o Rotary wave guide joints ars required to provide
r-f connections between the body mounted trans-
mitter and the antenna f&.d.

o' High dish stiffness is required to minimize deflections
undier load (approximately 5 $Is limit load) which
would degrade the antenna's performance.

o A 5 foot diameter parabolic dish with multiple
horn feeds is required.

o The dish must be collapsable to accommodate stowage
in the payload clearance envelope for Minuteman.

A cursory look at the stowage problems revealed that the collapsed

dish must be stowed with its axis coincident with or parallel to the fairing
centerline. A 90 degree hinge action is therefore required to place the

antenna in operating position. Without further atudy,it Is not clear whether
it would be best to hinge outboard (between the dish and gimbals), or in-

board (between gimbal and vehicle) of the gimbal syftem. In either came,
wave guide hinge or rotary joints are required as well as a positive lock.

In sstm.A inboard hinge would seem preferred to avoid derain
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Nthe platfo'rm stiffness by use of an outboard hinge. Furtherm ore there

would be inherent c. g. platform shift associated with the inboard hinge.

Preliminary design studies show that a fairing length increase of

about 2 feet would be required to accommodate the collapsed antenna

regardless of the collapsing technique.

Two unfurlable concepts were Considered.' One utilizes hinged

pedals on the largest possible rigid center on which the four feed horns

and cassegrain secondary are mounted. Because of close tolerance

requirements between the secondary and horns, it is not considered

.oil

practical to collapse and unfurl these elemrents. It appears that the un-

furled pedals must be mutually supported or -structurally -joined at the

periphery to maintain the required antenna surface accuracy under load.

A satisfactory means of accomplishing this with a simple and reliable

system is not evident.

An alternate concept utilizes a light weight Inflatable structure to
deploy and support the parablhcic reflector. A concept that appears

feasible is an inflatable torus which Is used to stretch the two parabolic
diaphragms; one is a metalixed reflective surface which serves as the

-active parabolic reflector and the other serves passively. The parabolic

shape is obtained by the use of drop cords which maintain the parabolic

diaphragin shape. Again, a rigid center for cassegrain secondary

reflector and feed horn mounting would be used. Torus pressure would

be established to maintain tension in the membranes under the anticipated

load conditions.

Many unfurlable antennas have been designed and fabricated but

primarily for use on nonmaneuverable spacecraft. Stabilized dish

antenna designs also exist as well as refined gimbal systems with sufficient

structural stiffness to meet this system's angle tracking limit cycle

frequency requirements. Antenna or platform deployment through 90 degrees

is not considered a problem.
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11. 5 FAIRING AND ADAPTER DESIGNS

A preliminary deqign study of the fairing and. adapter section was

conducted. to provide a. hasis for a rough weigbt estisnat and to deterineaf

*the loads induced on the Minuteman structure by the fairing aerodynamic

luaul*. The fairing configuration was tailored to ho'~se the subject homing

stages and designed to satisfy the envelope constraints deliz~eated in the

* Boeing Booster Symposium Document (Reference 1).

The adapter section was designed to mate with the Mlntieman 0

and C section cr with the range safety equipment section: assumed to
be required for flights from the continent. The adapter is essentially an
extension of the homing stage structure which i~s fabricated of magnesium.

* ~A peripheral shaped charge separation system Is employjed for disengaging

the horning stage from the adapter section.

A shaped charge fairing separation system is utilized, in lieu of a
* . presplit fairing with explosive actuators, to maintain maximum fairing

structural integrity during the boost phase Lateral AV to the separated
* shells is provided by a preloaded spring plunger system. The fairing

- .¶ ~structuiral design shown, in Figure 11 -52 was based on the isatitriated.

* 4,

loads appearing in Figures 11-53. 11-54 and 11.55. These loads are

based on maximum qaL conditions for the most depressed mission trajectory

under consideration. The basic fiberglass structure consists of ring

* . stiffened half- shells tied together by a doubler frame. The fairing is

made in two halves to facilitate assembly. and installation of the separa-
tion system in the otherwisea inaccessible forward portion of the fairing.

The estimAted weight of the fairing including structure, insulaticn,

separation systems, etc. is 217. pounds and 21 poundti for the adapter

section.

A preliminary structural analysis was conducted of the extertl C

fairing provided to aerodynamically shield the homing stage during the

Minuteman booster ilight through the atmosphere. The external fairing

is designed to be structurally independent of the homing stage. Critical
loading on the fair ing occurs during the maximum qe flight environment.

At this time the cylindrical portion of the fairing is subjected to an ulti
mate maximum axial load of 8.t940 pounds combined with- an ultimate

-100
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bending moment of 444. 000 inch pounds with negligible aerodynamic pres- J,

sures. The conical portion of the fairing is subjected to a corresponding

ultimate axial load of 8.6Z0 pounds, an ultimate bending moment of 56. 200

inch pounds and an ultimate external crushing pressure of 12. 5 pounds

per square inch. The design selected for these loading environments is

a ring stiffened monocoque structure of epoxy glass construction whose

structural thickness, independent of insulation thickness requirements,

range from 0. 12 inch in the cylindrical portion to 0. 15 inch in the conical

portion. The allowable axial compressive working stresses are 6,000
pounds per square inch in the cylindrical section and 8,250 pounds per

-square inch in the conical section. Corresponding allowable axial load
equivalents are 72,4000'pounds and 124.300 pounds respectively. The

allowable hoop compressive working stress for the given ring spacing
in the conical section is 2,260 pounds per square inch equaling an external

crushing pressure of 22.7 pounds per square inch. All fairing structural
allowables are based on a conservative maximum operating structural

thickness temperature of 400°F during the maximum qa condition. The

resulting ultimate ma-gins of safety are 12 percent for the cylindrical

portion and 47 percent for the conical portion. Straight line type inter-
actions between axial, bending and crushing external pressure loads were

6ma
assumed for the fairing structure in arriving at the margins of safety.

Ring stiffened monocoque type construction was selected because of its

simplicity, consistent with good axial and external pressure load carrying

capabilities. Epoxy glass material was selectod because of its favorable
strength at moderate temperatures consistent with good insulative charac-
teristics. Margins of safety for the fairing structure was purposely kept

high due to the preliminary nature of the structural analysis which did

not include the influences of thermal differential stresses. However, at
this time it is felt that this design approach is conservative and therefore

satisfactory for initial weight estimation purposes.

For thermal protection of the payload during the ascent through the

atmosphere, an insulated fairing capable of resisting the aerodynamic
loads is required. The insulation must be of a thickness great enough

to prevent the structure from exceeding temperatures which would exces-

sively degrade the strength of the fairing. An additional requirement is

the thermal protection of payload components prior to fairing jettison.
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The nose fairing differs somewhat from conventional fairing design a.

because of the use of a Minuteman booster. The higher acceleration of

Minxteman creates considerably greater ascent heating than that from

liquid propellant boosters. In this environment of high heating, a satis-

factory design is obtained by utilizing materials which ablate at corn-

paratively low temperature. The thermal energy stored in the fairing
wall and the associated temperatures are reduced in this way as compared.."

to a solid nonablating wall made of fiberglas, for example.

The materials selected for the cylindrical portion of the fairing

are fiberglas (0. 120 inches) with an outer cork insulation (0. 180 inches).

A similar construction utilizing a magnesium substructure is in use on

the Minuteman missile and has been demonstrated to be adequate in flight

tests. Because of the questionable performance of cork in environments

of high aerodynamic shear stress, the nose and forecone material are

as sumed to be made of fiberglas (-0.6 inches). This design will maintain

the load bearing portion of the fairing at a temperature of 4000 F or less

during the design heating and load trajectory for the Minuteman booster.

11. 6 RADAR EQUIPPED HOMING STAGE WITH A LARGE WARHEAD

Consideration of attacks against "hardened" targets implies the

need for large (approximately 1, 500 grain) fragments for effective kill

. (see Chapter 10). To obtain a reasonable pattern density (approximately

0.2 to 0. 5 pellets/ft2 ) in conjunction with an estimated pattern diameter

of 60 ft, the warhead weight increases to approximately Z50 pounds as

compared to 66 pounds for a "soft" target warhead. A. preliminary vehicle

configuration (Figure 11-56 and weight estimate (Table 11-21). were

generated based on the radar equipped vehicle design parameters. Although

it appears that such a vehicle could be physically adapted to the Minuteman,

fairing length increase of about 14 inches is necessary. Analysis shows

that this increase in fairing length gives use to a severe structural prob-

lem due to aerodynamic loads, induced by side winds at maximum CF.

Solution of this structural problem requires strengthening of the GC

component (a simple rmodification) and strengthening of the top of the

third stage, a possible extensive modification.
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Table 11-21. Radar Equipped Homing Stage with a
Z50 lb Explosive Warhead

Vehicle Gross Weight 1290

Propellant Weight 376

Tankage. Pres surizatlon.
Residual Weight 50 s

Attitude Control System Weight

(less electror-icso 58

Engine Weight 52

Structure and Temperature
Control Weight 140

Payload Weight 579

wii

*1,.
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CHAPTER.12

BOOSTER SELECTION AND RANGE-PAYLOAD CAPABILITY

12.1 SELECTION OF PREFERRED BOOSTER SYSTEMS

The selection of a boost vehicle for the satellite intercept mission

is not a simple task; all of the candidate vehicles examined originally

were developed as ballistic missile weapon systems and as such are not

directly applicable without minor or major modifications. The problem,

therefore, becomes one of determining the criteria by which to measure

the capability of the candidate vehicles for the mission, evaluating each
*"of the vehicles against these criteria,- determining the extent of the modi-

fications required for the mission, and estimating the cost and development

time required to effect the modifications and implement the boost vehicle

"subsystem portion of an antisatellite interceptor.

The various boost vehicles studied for the satellite intercept mission

have been geneially evaluated in order to select from among them a

promising. but lesser number for detailed study. The original vehicles

included the Atlas D, E, and F; the Titan I and II; the Minuteman. Wings

11 and VI; the Polaris AZ and A3; the Thor with BTL and ACSP guidance

systems; and the thrust-augmented Thor (with BTL guidance) by itself.

k, with the Agena as a second stage, and with the DeltL upper stages. From

this group five boost vehicles were selected for further study although all

are more or less appropriate for the mission. The five selected were the

Titan I1. the Minuteman (Wings II and VI). and the Polaris (AZ and A3).

The reasons for selecting these in preference to the other vehicles are

discussed below.

1Z. 1. 1* Boost Vehicle Criteria

The characteristics of boost vehicles which are of prime concern

to this mission are the performance capability, guidance system adapta-

bility. cost, reliability, availability, launch site requirements, and pay-

load size'and weight constraints.

12. 1. 1. 1 Performance Capability

The boost vehicle performance capabilities are measured most

readily in terms of range-altitude coverage volumes for given payload

2
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weights. The payload weight range initially being considered is 500 to

2500 pounds; however, higher payload weights are not eliminated from

consideration (especially for the Titan II). Altitudes of interest extend

from 75 to 2500 n mL

12. 1. 1. Z Guidance System Adaptability

The guidance systems for all of the boost vehicle systems under

present consideration were developed for ballistic missile weapon system
application. The requirements for these systems included rapid reaction

time (with a preselected target) and highly accurate impact point predic-

tion and control. Later requirements also included a multiple (preselected)

target capability and a prescribed.time of flight or time-on-target-control

(TOTC) capability for possible salvo operations.

The booster guidance system to be used for the satellite interception

mission must be capable of reaction against a target satellite whose posi-

tion is not known until shortly before the interteptor is to be launched.

This requirement can be met with existing guidance systems by providing;

a) a ;rapid retargeting capability which allows a sufficient azimuthal coverage

and which can be operated so that the total retargeting plus countdown time

satisfies the reaction time requirements, and b) a guidance program and

equation set which allows an accurate intercept with the moving satellite

ta rget.

12. 1. 1. 2. 1 Retargeting Time. The allowable retargeting time is a func-

tion of the required system reaction time, the countdown time. the tracking

station coverage, the command and control response time, the speed of

determination and transmission of target satellite ephemeris data, the

exact nature of the threat, and the number and locations of interceptor

launch sites. The most relaxed level of system reaction time is repre-

sented by the requirement for interception within 24 hours of launch.

The most stringent level of system reaction time is the requirement for

interception within one orbital period after a satellite is designated as a

hostile target.

12. 1. 1. 2. 2 Azimuthal Coverage. The azimuthal coverage necessary to

allow a favorable downrange intercept of any target satellite from a single

launch site is 360 degrees. This coverage can be provided by a boost

12-2
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vehicle with a 360 degree azimuthal capability, two boost vehicles with

180 degree azimuthal capability, or generally n boost vehicles with 360

degfn azimuthal capability. Pange safety limitations on the permls sible
attack sector will obviate the requirement for a 360 .degree coverage in

some cases, but in general, broad azimuth coverage by a single vehicle

is desirable.

12. 1. 1. 2. 3 Guidance Program and Evaluation. The guidance program

and equation set must be designed to allow intercept of the target satel-

lite at a prescribed time and point in space. This means that the guidance
input must include an intercept time (in terms of GMT). as well as a
latitude, longitude, and altitude of intercept.

12. 1. 1. 3 Other Considerations

In addition to the criteria discussed above, major items to be con-
sidered are cost, reliability, availability, launch site requirements, and

the payload size and weight constraints. For purposes of boost vehicle
selections, some approximate costs for the Atlas, Titan and Minuteman

weapon systems were obtained.

The mission reliability of a boost vehicle is strongly dependent on
the maintenance policy which is employed. The boost vehicle reliability

for the satellite interception mission will be the product of the readiness,

retargeting, countdown and flight reliabilities. A cursory examination
of the quoted reliability figures for the boost vehicles considered shows

that if the retargeting operation can be successfully modified, no signi-

fic;ant reliability differences may exist between boost vehicles.

The special launch site requirements of the various boost vehicles

include raidio baselines, freedom from radio interference in certain
frequency regions, and storage facilities for the propellants. The solid-
fueled vehicles require a fairly rigidly controlled temperature-humidity

environt-ent; the cryogenics require special storage facilities for LOX;

and the storable liquids are toxic and require special handling.

The payload size and weight constraints for each boost vehicle will

be treated as payload design constraints, since the payload design is not

fixed.
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12. 1. 2 Evaluation of Candidate Vehicles

12. 1.2. 1 Performance

The vertical flight capabilities of the selected vehicles, as suming

burning to prorellant depletion and then coasting to apogee. are presented

in Figure 1Z-1 as a function of payload weight. These curves show the
maximurm altitude capabilities of the less energetic boosters such as

Polaris. Thor. and Minuteman with payload weights greater than 500

pounds; however. for the large booster vehicles which have orbital capa-

bilities. higher apogee altitudes can be achieved by flying a more optimum

as cent trajectory profile. The utility of these curves is further limited

because they do not reflect certain system constraints nor do they indicate

the range capability associated with a given altitude. These shortcomings

notwithstanding, the c -rves a- useful for an initial performance ranking

of the selected vehicles as an indication of their maximum altitude cap&-

capabilities.

The curves show that on a payload performance basis all of the

selected vehicles have some capability for the SIS mission, but as would

be expected. a large differential exists between the capabilities of a

Polaris or Thor and an Atlas or Titan. For example, for a payload weight

between 500 to 1000 pounds and a maximum altitude capability requirement
of approximately 1500 n mi. one might choose between a Polaris or Thor

although any of the more energetic boosters could operate at this altitude.

For the same payload weight and a maximum altitude capability require-.

ment between 2.000 and 3000 nk mi. one could select from either a Minute-
m~aru Atlas. Titan I or TAT plus second stage. Clearly for this case the

selection of the booster vehicle would have to be based on operational

conideatinsrather than payload performance. For maximum altitudes

much above 3000 n mi the Titan II is the only possible choice.

However. if one were selecting a booster for a much heavier payload.

a different booster choice would probably be made for the lower altitude

threats because of the differences in payload sensitivity of the various

For convenience all illustrations in Chapter 12 are placed at the end
of the chapter.
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vehicles. The performance capabilities of the second generation multistage

vehicles are degraded more rapidly by an increase in payload weight than
that of a single stage Thor or one and or.e-half stage TAT or Atlas.

12. 1. 2. Z Guidance System Considerations

12. I. 2.7. Retargeting.& The present retargeting.operation for the Atlas,

Titan and Minuteman weapon.systems begins at SAC headquarters with the

assignment of a specific target. Input cards'are prepared'for the opera-

tional targeting program and the target data required by the missile guid-
ance computer are computed on an IBM 7090. A punched tape is then

manufactured and transported from SAC headquaretes to the missile launch

site, where it is read-in to the guidance computer. (In the case of the
Atlas E and F, transfluxor and ground operating equipment (GOE) diode

boards must be prepared, transported and installed. ) If repositioning of

the missile and/or inertial platform is not required, countdown may then

be initiated.

For the satellite interception application, the desired reaction time

may necessitate a major departuire from the targeting procedure described

above. It is assumed that the target data required by the guidance cow-

puter can be calculated from the satellite ephemeris data and from infor-

mation regarding the Interceptor launch site locations, reaction time and

trajectory characteristics. Assuming a 7090 or similar computer to be

available to the system for these calculations, the remaining time to

retarget will be used to transmit the calculated inputs to the missile

guidance computer. Since the present method of preparing, transporting,

and reading-in punched tape inputs to the guidance computer requires

excessive time, a direct electrical input from the 7090 output into the

boost vehicle guidance computer is desirable. It is estimated that the

necessary targeting data could be calculated in approximately 7 minutes,

with launch azimuth available after approximately 2 minutes. If a direct

electrical input were used, 'the time required to transmit these data

would be negligible.

The following paragraphs discuss the various boost vehicles and

their individual targeting problems: "
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* Thor. The flight control system on the Thor versions. whichNE c-ntrols the roll and pitch programs for the first 90 seconds
of flight (before B'rL guidance takes over), presently requires
Z4 hours to reprogram. Douglas is conducting a design study
of a solid state first stage flight controller which providew thil
capability of changing steering commands through the'use of

,. plug-in modules, thereby reducing the retargeting time to 1
to 2 hours. The retargeting time for the BTL system itself
could be reduced from the present I to Z hours by 4bodifying
the BTL ground system to allow steering requirements and
target tracking data to be stored in the ground computer.

r Atlas E and F. The Atlas E and F Arma guidance system re-
targeting operation presently requires approximately 4 hours.
not including the time required to transport the airborne
transfluxor board and GeE diode board from the targeting
center to the launch site. Of this time, approximately I hour
is required for computation and for preparation of these boards.
andapproximately three hours are required to install the
boards and perform an alignment and calibration. This re-
targeting time could be reduced by redesigning the airbqrne
computer and targeting insertion methods.

s, Titan I and I. The Titan I and I1 guidance systems presently
require approximately I hour for targeting calculations and
"punched tape manufacture, additional time for transporting
the punched tape from the targeting center to the launch site,
and approximately .0 minutes for the punched tape readin and
subsequent countdown. The radio- guided Titan I requireso
5 minutes for tape readin to the ground guidance computer
and has a 15-minute countdown, while the Titan II requires
about 20 minutes for tape readin to the missile guidance corn-
puter and I minute for countdown. By providing a direct
electrical interface between the targeting computer and the

*-'guidance computer, the retargeting time could conceivably
"be reduced to about 7 minutes as discussed above. The
Titan I is limited by radar look angles to an azimuthal coverage
of about ZOO degrees, while the Titan II has an all azimuth
capability.

_ Minuteman Wing IL The Minuten-an Wing 11 retargeting opera-
tion at the targeting center provides a Mylar punched tape
which requires about 30 minutes to prepare. This tape then
must be transported to the launch site, where it requires about
3 minutes or less to readin the new tape. This retargeting
operation could be reduced to about 7 minutes for the satellite
intercept application. The subsequent countdown requires
approximately 30 seconds. .1
If the target azimuth is changed by more than 10 degrees from
the previous target (existing) azimuth, seven to 8 hours are S

required to shut the computer down, reposition the missile,
umbilicals and auto-collimator, restart and fill the computer.

12-6
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and perform platform erection, alignment and calibration.
About Z-1/2 hours couldbe saved by omitting the calibration
cycle, resulting in a degradation in accuracy. The weapon
system is limited in azimuth to a 120 degrees sector. The
sector could be increased by extending the auto-collimator
bench and the umbilicals.

e Minuteman WVina VI. The Minuteman Wing VI retargeting
operation is similar to that of the Minuteman Wing II except
that no repositioning of the missile is required for a 360
degree azimuthal coverage. If the new target azimuth is more
than 10 degrees from the previous azimuth setting, 15 minutes
are required to reposition the inertial platform. This time
could be reduced to about I minute with minor mfodificatlons
discussed in the next chapter. The Wing VI countdown is also
about 30 seconds.

Wing VI has radio and cable inputs directly to the airborne
computer from a remote location which could be used as a
direct link to the targeting center of the satellite interception
system. The data rate is 8 bits per second for radio inputs
and 64 bits per second for cable. These rates could be increased
to 16 and 256 bits per second, respectively.

P Polaris. The Polaris weapon system targeting is presently
accomplished using a firing table approach discussed in the
followirng chapter. The countdown requires a maximum of
13 minutes and includes a 4 minute allowance for realignment

of the guidance platform to a new azimuth. The airborne corn-
puter may be filled during the countdown. The Fire Control
Computer has a direct electrical interface with the airborne
guidance computer.

12. 1.2. 2. 2 Guidance Program and Equations. In order to allow intercept

of the target satellite at a prescribed time and point in space, the guidance

program and equation set of the boost vehicle selected will require certain

modifications. It appears that guidance equations with prescribed time of

flight would allow the greatest flexibility of operation and accuracy of inter-

cept. It is also desirable that information regarding vehicle attitude be

available for use by the horning stage, which will require this information

in order to orient itself for the acquisition mode.

The Titan U1. Minuteman (Wing VI) and Polaris. AZ guidance systems

employ prescribed time of flight guidance techniques. The Titan U.

Minuteman (Wings II and VI) and Polaris guidance systems also provide

the capability of transmitting attitude information to the payload, although

some modifications will be required.

12-7
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The Atlas E and F guidance system has the capability of providing

coarse attitude information to the payload. Sperial proceduxes would be

required to provide accurate attitude information to the payload.

The Atlas D. Titan I and one verpion of Thor use radio gpidance

systems and, therefore, information not directly available in the boost

vehicle conceivably could be supplied from the ground. The inertial guid-

ance system used in Thor is comparatively outdated. containing a large

number of obsolete components of low accuracy. It is doubted that this
system could satisfy the requirements of the SIS mission even with major

hardware modifications.

12.1.2.3 Cost

Crude cost estimates for the Atlas, Titan, and Minuteman weapon

systems are presented in Table 12-1. These coarse estimates are obtained

by amortizing tctal costs (exclusive of R and D) over the number of deployod

missiles. The mi.,sile costs shown in this table are not necessarily

meaningful if existing launch facilities could be used.

"Table 12-I. Estimated Weapon System Initial Investment
Costs (Millions Dollars)

Wing II
"Atlas Titan I Titan II Minuteman

Missile plus spares 2.0 2.6 2.8 1.8

S,.;ppoyrt equipment plus spares 9. 4 24. 7 15. 0 1. 7

Site acquisition and base.
corstruction 3. Z 4.0 5.6 0. 7.

Personnel training 0 1 0.1 0. 1 0. 1

liscellaneous 0. 0o.6 0.5

Total 15.0 3U.. 0 24.0 4.3

Z1 1.1. 4 Summary .

IR is believed that none of the studied boost vehicles can be rejected

on the grounds of inability to perform the satellite interception mission if

certal modifications are allowed. It is also believed that none of the

boost vehicles can perform the missiion without some modification.
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Inasmuch as STL desired to aoda diuino fotrsligfo studyhing

all of the boost vehicles. five were selected for fnrther stuty. These five
A are the Titan I1; the Minuteman. Wings 11 anid VI; and the Polaris AZ and

h. AL. The choice was based upon two factors; a) those booster systems

which appear to be the most promising ones for the satellite intercept on

skystern application, and b) vertical flight performance. The vehicles

chosen cover the complete spectrum rather well. If very high altitudes

and/or heavy payloads are considered. the Titan 1l is clearly' superior

from the performance point of view. If lower altitudes and lighter pay-

.:oads are considered, Polaris appears to have an adequate performance

* capability. For the middle altitude ranges, the choice of Minuteman was

made over the Thor and it. offspring, Atlas anid Titan I; primarily on the

basis of apparently simpler operation or lesser quidarice modifications

and a possible cost savings.

12. 2 EVALUATION OF BOOSTER PERFORMANCE

Detailed studies have been conducted in order to evaluate the per-
formanrce capabilities of the five bQost vehicles which were selected is
most promising for the SIS mission. Initial studies were conducted to

determin~e the maximum range-altitude capability envelopes for these

vehicles as a function of payload weight without regard to the resultant

interceptor -target trajectory geometry at intercept. Later studies were
concerned with evaluating vehicle intercept capabilities when intercept

geometry constraints are considered.. The effects of aerodynamic heating,

loads, and guidance constraints on interco-ptor ascent trajectories were

considered in all studies. In some cases these constraints were not well

defined so that their effect could only be estimated.

12. Z. I 2anke -Altitude Capability Envelopes

Presented in this section are the altitude versus surface range

capabilities of the five boost vehicles selected for. detailed study; na.ely

Polaris AZ and A3, Minuteman Wings 11 and V1. and Titan IL Where avail-
able, the performance data presented by the respective 'booster vehicle

contractors have been utilized; howeve'r. for the most part the results are

b.p on STL trajectory simulations because of the incompleteness of the

diata presented by, the contractors. In the case of Polaris, lack of definitive

configuration data and information pertaining to trajectory constraints made
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it impossible to simulate exactly the performance capabilities of the

"nissile. However, it is believed that any discrepancies between con-

tractor missile performance estimates and the estimates presented. in

this report will be relatively small. A final definition of booster per-

formance is also dependent on the payload design since it will affect

booster weights, aerodynamic characteristics, and may impose additional -

constraints on the ascent trajectory.

Range-altitude capabilities are presented for Polaris and Minuteman

for payloads of 500. 1000, and 1500 pounds. Because of the greater capa-

bility of Titan II, data are presented corresponding to payload weights of

622. 3000. 5000. and 6000 pounds. Payload weight for all vehicles is

defined as the weight above an adapter and therefore includes the payload

weight plus shroud if required. All borster ascent trajectories are based

on an estimated 3 cr propellant reserve to insure that the capabilities pre-

sented can be achieved by a booster with non-nominal performaice

characteristics.

A detailed description of the trajectory simulation and constraints

considered in computing vehicle performance is presented in Appendix A

of Reference 12-1. Also presented there is a summary of configuration

data for all five boosters.

12. 2. 1. 1 Polaris A2 and A3

Polaris AZ and A3 maximum range-altitude capability envelopes are

presented in Figure IZ-2 for payloads of 500, 1000 and 1500 pounds. Each

curve in the figure was generated by simulating several trajectories

ranging from vertical flight to maximum range capability, plotting the

resultant range-altitude loci, and then drawing an envelope tangent to

these curves. A comparison of these trajectories with Polaris weapon

system trajectories indicated that aerodynamic heating and loads con-

straints were not exceeded; however, the near~vertical trajectories do

violate a guidance constraint which restricts the vehicle attitude at burnout.

12. 2. 1. 2 Minuteman Wings II and VI

Presented in Figure 12-3 are Minuteman maximum capability

envelopes for 500, 1000, and 1500 pound payloads. STL and Boeing per-

formance estimates for Wing VI were in close agreement, hence Boeing

"12-10
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12. Z. 2 Interceptor-Target Trajectory Geometry. Considerations

Of critical importance to the homing stage designer is the relative

interceptor -target geometry at the initiation of the acquisitinol phase. IL

the homing stage design limits the satellite intercept to apogee or near

apogee attacks which permit favorable homing geometry, then the inter-

ception of targets in low altitude orbits at maximu~m range may present

some special problems for a boost vehicle designed for an IRBM or ICBM

mission. This point is illustrated in Figure IZ-6 in which range-altitude

envelopes for a Minuteman are presented. Curve A, in the figure shows

the range versus altitude attained using typical ICBM trajectory shaping.

This shaping is characterized by a three second vertical rise followed

by a simulated "kick" gravity turn until approximately 90 seconds, after

which a constant inertial attitude is maintained until Stage 3 burnout.

Note that at Stage III burnout the missile is at an altitude of I 12 n mi and

that the resultant apogee altitude is approximately 660 n mi. At a

re-entry altitude of 100 to 200 n mi the interceptor is descending very

steeply so that if intercept was to occur at this point of the trajectory

the interceptor-target relative velocity would be very high even for an

in-plane intercept. Furthermore. the tracker field-of-view would include
the earth since the target would be below the interceptor at initial

acquisition.

It is apparent therefore, that the ICBM trajectory shaping is not

suitable for intercepting low altitude targets unless one is content with

kills at short range from the launch site. A simple method of attaining

a low altitude apogee would be to cut off the Stage 3 motor early, there-

by severely limiting the range capability. It appears that the best tra-

jectory shaping for intercepting low altitude targets at maximum range

is to depress the trajectory by pitching the interceptor nose down during

Stage I, burning rather than holding a constant attitude. The effect of
this pitch maneuver on the range-altitude envelope is illustrated by curves

S, C, and D in Figure 12-6. Using the ICBM trajectory shaping (curve
A). at 90 seconds the vehicle has pitched to an attitude of 67 degrees

relative to the launch vertical which was maintained until Stage 3 burn-

out. The trajectories for curves B, C, and D were identical to the tra-

jec.ory for curve A up until 90 scconds of flight, at which time a pitch

-I-I
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rate of 10 deg/sec was simulated until the indicated attitudes were attained.

All trajectories are based on full Stage III burn. The effect of the pitch

maneuver is seen to be a reduction of the burnout and apogee altitudes

and the surface range attained. However, the re-entry angle is not nearly

as steep and because of this. postapogee attacks will be possible over a

considerable range with tolerable interceptor-target relative velocities

and without the tracker's field-of-view intersecting the earth.

Based on the above method of trajectory shaping and other systems

considerations, a plan has been devised for intercepting low altitude tar-
gets. This plan is illustrated schematically in Figure 12-7. For targets
which pass close to the launch site in Region 1, short range apogee attacks

"will be used, resulting in the most favorable Interceptor-target closing

"geometry. The desired apogee altitude will be achieved by using early

upper stage cutoff or, for Polaris A3. homing stage separation prior to

Stage 1 burnout. The desired lateral reach. d, will be achieved by varying

the launch azimuth. In Regions Z. 3. and 4 postapogee intercepts will be

".*-' utilized. Intercepts in Region 2 will utilize a fixed launch azimuth and a

"variable upper stage cutoff time to achieve greater ranges. Intercepts

in Region 3 will utilize the maximum range capability of the booster for a

specified trajectory shaping and a variable launch azimuth to achieve

greater lateral reaches. Thu.s the same trajectory shaping is used for

intercepting targets in Regions 1., 2, or 3 with the cutoff time and launch
azimuth being varied to achieve greater lateral reaches. However, to

achieve the maximum possible lateral reaches it may be necessary to

change the shaping, since a highly depressed trajectory does not result

in maximum range capability (see Figure 12-6). This would correspond

to intercepts occurring in Region 4.

The same general launch scheme can be used to intercept targets in

high altitude orbits. The only difference is that as the targut altitude

increases, more of the intercepts will occur at or near apogee.

This proposed launch scheme is not intended to preclude preapogee

intercepts. Additional analysis is required to determine if preapogee

intercept is more optimal than an apogee intercept for targets passing

close to the launch site. Launch azimuth and range restrictions for speci-

fic launch sites would also influence the choice of launch geometry.

1Z-13
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12. 2. 3 Boost Vehicle Lateral Reach Capabilities

As can be seen from Figure U?-7. the effectiveness of a single

unrestricted launch site depends largely upon the width of the deifended

corridor. This corridor width is twice the interceptor lateral reach.

where lateral reach is defined as the distance of closest approach between

the ground trace of a target orb~it and the luc ieofnItecepo

which can kill that target. In this sectioxi the lateral reach capabilities

that can be achieved by Minuteman Wing 31. Titan LI, and Polaris A3.

are presented as a function of some pertinent interceptor target geometry -

parameters. in the deployment analysis presented in Chapte.r 14, inter-

ceptor lateral reach will be related to system reactioa time.,

The following parameters are evaluated as a function of lateral

reach:

V Magnitude of relative velocity vector

a Angle between target and interceptor velocity vectors

q# Angle between target velocity vector and relative
velocity vector

TCA Track crossing angle, angle between, target and interceptor
ground traces

ELA Earth look angle, angle between line-of-sight from
interceptor to target and local horizon

These parameters are related to lateral reach (d), target velocity

IV T). interceptor velocity (V1 ), interceptor surface range (R1 ), ard inter-

ceptor flight path angle ( = -90) through geometry as follows,

a:.Cos- [os TCA cos1

V =[V2+VZ-ZV Co
R T I T I T
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41 j= sin (VIsin oIVR)

ELA = cos-l (VI sin P/VR) -76. 4° (target altitude = 100 n mi)

12.2.3.1 Minuteman Wing Ui

The lateral reach capabilities of a Minuteman Wing IU booster with

1000 and 1500 pound p.yloads were evaluated for interceptifg targets in

100. 500. and 1000 n mi circular orbits. The resultant capabilities are

presented in Figures 12-8 through 1Z-13 as a function of the intercept

geometry. The principal criteria used in computing these data was to

keep the relative velocity less than 20, 000 feet per second and the earth

look angle greater than four degrees over as wide a range of lateral

reaches as possible. This was achieved for each altitude by selecting

different interceptor ascent trajectories and by varying the Interceptor
launch geometry as described in Section 12.2. 2. Noted on some ofthe

Figures are the regions corresponding to the launch plan used. For the

1500 pound payload, only one set of initial conditions (Vi. R1 . A,) was

used to evaluate lateral reach capabilities for each altitude. In each

case, conditions were selected which would result in rnaximum lateral.

reaches for the specified VR and ELA criteria.

Range-altitude envelopes for the ascent trajectories on which these

capabilities are. based are presented in Figures 12-14 and 12-15. All tra-

jectories were shaped so as not to exceed the constraints specified for the
operational Minuteman. However. as was previously mentioned s•tructural

modifications are required in the Minutei an third stage if these constraints

are to be applicable for an intercept mission with large homing stages.

The weight of these modifications will subtract directly from the payload

weights considered.

From Figures 12-8 through IZ-13 it is seen that forVR Z0.000

feet per second and ELA t4 degree, a Minuteman Wing II booster has the

following lateral reach capabilities:

12- 15
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Target Altitude. n mi Lateral Reach, n mi

WpL =000 Ib W -1500 Ilb

100 2160 1720
500 2640 2000

1000 2300 1380

For a target altitude of 100 n mi. Minuteman lateral reach is limited

by the minimum look angle constraint. In order to satisfy this constraint.

a depressed trajectory must be flown which has a resultant range con-

siderably less than the maximum range capability of the booster. If the

ELA constraint is relaxed so that the tracker field-of-view can include a

portion of the earth, the maximum lateral reach for a 1000 pound payload

and VRS 20. 000 ft/sec would be increased from 2160 to 2630 n mL For

target altitudes of 500 n mi and higher. Minuteman lateral reach in limited

by the relative velocity constraint. At these altitudes, the ascent trajec-

tories, which result in maximum lateral reach, generally correspond to

maximum-n booster range capability.

12. 2. 3.2 ' Titan 11

The lateral reach capabilities of a Titan II booster with 5000 pound

payload were evaluated for target altitudes of 100, 500 and 1000 n ml.

These capabilities are presented in Figures 12-16. 12-17, and 1Z-18.

and range-altitude envelopes for the ascent trajectories on which they

are based are presented in Figure 12-19. All operational Titan Iltra-

jeclory constraints were satisfied in generating each of these curves.

The geometry presented in Figure 12-16 for a target a.titude of

100 n mi is based on the interceptor being injected into a circular orbit

at that altitude. In this case the earth angle is a function only of the alti-

tude. and curves of intercept range versus lateral reach can be drawn for

a specified relative velocity and track crossing angle. Curves are pre-

sented for relative velocities of 20. 000. 30.000. and 36. 190 ft/sec. the

lhtter case corresponding to a cross plane intercept. It can be seen that

orbital intercepts alleviate problems associated with the minimum earth

look angle constraint, but lead to higher relative velocities at intermediate

lateral reaches. The data presented for target altitudes of 500 and 1000

n ml are based on ballistic type ascent trajectories and are similar in form

12-16
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to those presented for Minuteman. These data show that with a 5000 pound
payload and VR S Z0, 000 ft/sec. Titan II has the foil-swing maximum lateral

reach capabilitiest

Target Altitude. n mi Lateral Reach, n mi

100 Z750
.500 3000
1000 3280.

The intercept geometry presented in Figures 12-17 and 12- 18 plus

similar data based on other ascent trajectories were used to draw V

contours. The results are presented in Figures 12-20. and 12-21 for tar-

get altitudes of 500 and 1000 n mi respectively. In these figures, target

motion is assumed to be in a downrange direction, thus crossrange dis-

tance corresponds to lateral reach. For a given VR* these contours

represent the intercept footprint that. can be achieved by Titan II n-eglecting

launch azimuth. impact range,' and tracker field-of-view constraints.

Shown. on each figure is a constraint line corresponding to a tracker line-

of- sight tangent to an altitude of 400, 000 feet. For a specified launch site.

launch azimuth and impact range constraint lines could also be added;

however, the reader is cautioned that angles are not generally preserved

in the projection shown.

12. 2. 3.3 Polaris A3

A preliminary analysis was made to determine the Polaris A3 lateral

reach capabilities utilizing the launch plan previously described. Since

sufficient detailed information regarding Polaris configuration data and

trajectory constraints was not available, confidence in these estimates is

not as great as that for the Minuteman estimates.

Typical range-altitude envelopes for the Polaris A3 with a 1000

pound payload are presented in Figure 12-22. The curve labeled "no

pitch maneuver" is roughly representative of a weapon system trajectory

This trajectory was shaped by fimulating a short vertical rise period

followed by a gravity turn until 90 seconds, after which a constant inertial

attitude was maintained. The atmnospheri.; portion of the trajectory was

very similar to that described by Lockheed in Reference 12-3 as being

acceptable for aerodynamic heating and lcads. As can be seen from the
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figure. this shaping results in an apogee altitude of approximately 450

ni mi with a steep re-entry angle in the altitude range from 100-150 n mi.

* ~In order to depress the trajectory. ,the vehicle was pitched. at 84 seconds

to attitudes of 67, 77. and 87 degrees as noted in the figure. According

to a statement made in Ref erence 12 -3. a pitch maneuve r at this time

is permis sable; however. the angle through which the vehicle can be

pitched is constrained by the guidance system. If the vehicle is pitched

past an attitude of approximately 78 degrees, one of the guidance accel-

erometers will saturate and the guidance accuracy will1 be degraded

accordingly unless suitable guidance system modifications are made.

Thus the trajectory profiles shown represent varying degrees of guidance -

deg radati on.

Using initial conditions for apog'ne and postapogee attacks from the

depressed trajectories. intercept geomnetry was computedi for attacking

targets in 100 n mi circular orbits. From this it was determined that

only the ascent trajectory which was depressed by pitching the vehicle

to an attitude of 87 degrees resulted in favorable closing velocities and

earth look angles at a re-entry altitude of 100 n mi and a range correspond-

ing to full Stage 2 burn. These data are presented in Figure 12-2 3. Using

this trajectory shaping, a lateral reach capability of 940 n nil was attained

for V = 20,000 ft/sec and ELAt 5degrees. From a.cornparison of *the inter-

tR

cept geometry for the trajectories which were not as severely depressed.

tit appeared that the optimal pitch attitude to maximize lateral reach was

between 77 and 87 degrees, so that the Polatris A3 lateral reach can prob-

ably be extended to 1000 n mi.

1Z. 2. 4 Minuteman Heating and Loads Trajectory Analysis

Since the trajectory- shaping recommended for intercepting targets

in low altitude orbits differs considerably from that-previously analyzed

for weapon system application a study of the sensitivity of these trajec-

tories tonon-nominal missile performnance was performed to determine

the effect on aerodynamic hic-ating and loads. Current operational

Minuteman nominal and perturbed trajectories were used for compara-

tive purposes since these trajectories had already been generated for

another purpose (Reference 12-4). Using identical configuration data

(corresponding to a payload weight of approximately 900 pounds) and
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simulation models, nominal and perturbed trajectories were computed for

a satellite intercept mission. The powered flight trajectory shape was

controlled by the pitch plane velocity steering method used for the weapon

system, and therefore it was necessary to evaluate coefficients for the

pitch steering polynominals prior to making simnulations. These were

evaluated for a SIS trajectory which was depressed to an apogee altitude

of 130 n mi with full Stage 3 burn. .

In the perturbed trajectory simulations for both ICBM and satellite

interrept missions, the Stage I thrust was increased 5. 3 percent. drag

decreased by 15 percent, normal force increased 7 percent. and a

Maritime Tropical atmosphere used throughout flight so as to result in.

the. combination of non-nominal per formance which would rnaximize aero-

dynamic heating and loads. These trajectories result in pseudo 3or plus

conditions for design heating and loads.

A summary of pertinent parameters from these trajectories is

presented in Table 12-2. Comparison of these data show .that t1~e nominal

or pri•irbed trajectories for both missions are essentially identical at

the times. corresponding to maximum dynamic pressure and Stage I burn-

out. At approximately 80 seconds a nose-down pitch maneuver was simu-"

lated in the trajectnries for the interceptor so that by the end of Stage 2

the intercept trajectories are more depressed. However, at this time

the vehicles are at a sufficiently high. altitude so that the magnitude of,

the aerodynamic heating indicator is essentially the same for bothmissions.

The results of the study did show that the Stage 2 interstage must be

jettisoned prior to performing the pitch maneuver or the interstage jetti-

son time delayed approximately 15 seconds to avoid excessive aerodynamic

loading at separation. The interstage jettison time was 80.4 and 77.4

seconds respectively for the nominal and perturbed trajectories so týat

the pitch maneuver can be performed after interstage separation and still

achieve a low altitude apogee. If this shaping technique is used for an inter-

cept mission, ascent trajectories based on non-nominal booster performance

will be no more sensitive to aerodynamic heating and loads than those for

the: current operational Minuteman. r"
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Table 12-2. Comparison of Minuteman Wing UI Nominal and Perturbed
Trajectories for Satellite Intercept and ICBM

Satellite Interceom ICBM

Nominal Perturbed Nominal PettarbAt Ma:ýimur Dynamic Pressure "

Time. t (eec) 36.96 38.46 36.51 38.44
Dynamic Pressure. q (lb/ft 4.160 4.806 4.163 4. U1

Angle-of-AttLck. a (deg). 0.04 0.12 0.04 0.15

Heating Paramete r. qVa dt x 10 1.54 2.23 1.48 2.23

Velocity, V (ft/eec) 3.740 4.373 3,678 4.375

Altitude, h (it) 37,275 43.729 36,424 43,783

Flight Path Angle. 5 (deg) 56.80 57.70 56.80 57.70

At Stage I Burnout

t 60.36 57.36 60.36 57.34

q 622 749 623 750

a Q.19 0.29 0.15 0.25
RqV dt x 108 4.65. 5.28 4.65 5.28

v 7.443 7.553 7,446 7.556

h 106,938 103,548 106,925 103.53,
. .61.40 61.40 61.40 61.40

At Stage 2 Burnout

t 121.53 118.53 121.53 118.53
q 0.70 1.20 0 0

a 8.00 8.00
J qV dt r. 10-8 5.03 5.73 5.00 5.70

V i4,309 14,418 14,394 14.506
h 291.861 287.395 363. 153 361,363
p 80.80 80.90 69.50 69.60

At St~ase 3 Burnout

t 176.55 173.55 176.55 173.55
q0 0 0 0

£ 2.90 2.90
jqV dtx10 5.03 S.73 5.00 5.70
V 23, 549 23. 663 23, 272 23,385

h 404, 022 399,044 694.210 693.866" "85.20 65.20 71.30 71.30

At Apogee

Altitude. h(nnmi) 129.50 132.40 696 714
Range. R (n ml) 1.519 1.647 2.949 3.039
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CHAPTER 13

"* . BOOST VEHICLE GUIDANCE ACCURACY.AND
REQUIRED SYSTEM MODIFICATIONS

This chapter presents the results of boost vehicle studies in the

areas of guidance accuracy'and required system modifications. As ex-

"" plained in Chapter 12, these studies have concentrated on Minuteman

Wings 11 and VI, Polaris AZ and A3, and the Titan II boost vehicle systems.

Boost vehicle 'system modifications required for the satellite inter-

* ception mission generally fall into two categories:

. Those modifications which are necessary to accommodate
the mission, independent of the reaction time requirement
imposed on the system.

e Those modifications required to achieve a fast reaction time,

i In summary, only two of the required modifications appear to be

,. major. These have to do with the Polaris guidance system and the use

of large, heavy homing stages on the Minuteman boost vehicle.
"The Polaris guidance system suitability is dependent upon the use

of a modified accelerometer which has not been adequately evaluated for

this missiom'

In the event that large, heavy homing stage designs (1500 pounds

or more) are required, Minuteman (both wings) would require major

structural modifications. The elongated payload fairing required for

such designs creates excessive aerodynamic loads in the third stage

motor casing, requiring structural beef-up of the third stage. The

smaller homing stage designs, with their corresponding smaller payload

fairings, do not give rise to structural problems.

The majority of the required modifications are relatively minor.

Guidance and control modifications iticlude airborne computer program

changes for all of the boost vehicle's considered, and a mirnor hardware

change to the Titan 11 potted autepilot module to accommodate lighter

payloads. The provision of means to transfer data from" the booster guid-

ance system to the homing stage is required for all vehicles studied.

Additions to the ground support equipment include a data receiver, a pun'ch

"V13-
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unit or direct input to the airborne computer. and a precise GMT clock

linked to the launch control equipment (except for Minuteman Wing VI,

which already has one). The Polaris A3 payload separation mechanism

. must be modified to allow the homing stage to be accelerated away from

the still-burning second stage.

The guidance accuracies of the modified Minuteman and Titan II

boost vehicles are presented in Table 13-I, along with the current weapon

system accuracy figures. The guidance accuracies in this table are ex-

pressed in terms of time-of-arrival uncertainties at the intercept point

on a typical intercept trajectory. These results will vary'with range,

launch azimuth and trajectory shape, but generally will not exceed

0. 4 second. These figures are comparable to Set I ephemeris errors,

which were 0. 3 second error in track and 0. 3 n mi radially. Polaris

accuracy figures are expected to be similar for typical intercept trajec-

tories if the potential accelerometer problems do not arise.

Table 13-1. Time-of-Arrival Uncertainties at Intercept (11) '
for a Nonmaneuvering Payload

Minuteman- Minuteman- Titan 1
Wing II Wing VISource of..."

Uncertainty Current Modified Current Current Modified

Command
Gcneration 0.5 0.07 0. 10 0. 5 0. 10

Command
Transmission - -

Command
Interpretation 0.3 - - -

Countdown 0.13 0.01 0.01 3.0 0.01

Liftoff 0.06 - - -

Guidance
Control. 3.0 0.10 0.10 0.06 0.06

RSS Subtotal 3.1 0.12 0.14 3.04 0.12 . I
Guidance
Measurement 0. 16 0.16 0.08 0 1_6

RSS Total 3.1 0.20 0.16 3.04 0.20
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The minimum reaction time that can be achieved for the Minuteman
or Titan 11 is approximately 8 minutes, assuming a maximum azimuth

change is required. The corresponding minimum reaction time for Polaris

is 14 minutes. These reaction times are measured from target ephemeris
availability to launch.

13. 1 MISSION-DEPENDENT MODIFICATIONS

Mission-dependent boost vehicle modifications are required primarily

for the following purposes:

0 Providing the horning stage with information necessary to
• perform intercept. At the very least, attitude information

and a time reference must be transferred in-flight from
the booster guidance system to the homing stage.

* Providing the boost vehicle guidance necessary to insure
that the homing stage will be placed on a trajectory which -
will cause it to achieve desired acquisition conditions.
Other modifications in this category includi possible
changes to flight control systems and payload separation
techniques, as required by the payload characteristics
and the booster vehicle.

Mission dependent booster and booster guidance modifications are,

of course, a reflection of the detailed choices made in Implementing an

antisatellite capability. The following discussion presents one possible

set of choices, but many variations could be considered.

Assume that a target satellite has been detected and declared hostile.

Assume furthermore that a precise determination of threat orbital elements

has been carried out by a U. S. facility, i. e., SPADATS. This computation

must be based upon data inputs from a suitable SPACE TRACK network.

The resulting ephemeris data permits one to forecast future positions of

the target, but it is clear that the error in the forecast will always increase

as the target position is forecast further into the future. For this very

reason the forecast time should be minimized and this is true independ-

ently of the desired reaction time.

Put into other words, the antisatellite interceptor should have the

benefit of as up-to-date target data as possible. The implications of this

factor can be demonstrated as follows. Imagine that, for one reason or

"another, one were content with 24 hour reaction capability. Suppose that

13-3
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at the time origin from which reaction time is measured, ephemeris data
were available. Now one possibility would consist of forecasting the'

position of the satellite at some suitable time in the prospective 24 hour
period, when the tariet is within reach of a launch site. Targeting pro-

gram constants can now be generated and inserted into the interceptor
guidance system. Since many hours are available, this entire exercise

could take place leisurely, but this leisure extracts a sriff price. That

homing stage must be sized to cope with ephemeris uncertainties which

result from a long forecast time.

A much more preferable mode of operation would be to take advantage

of allowable reaction time to absorb more tracking data to establish orbital.
elements. More important, the forecast time would be cut and thus, the

expected uncertainty of target position at the time of homing stage acquisi-

tion would be much smaller, permitting operation with smaller, simpler

h'oming stages. This feature requires. however, a capability for rapid

targeting. This capability appears highly desirable independently of
whether the overall system must react rapidly or not.

Returning to a possible operational sequence, ephemeris data were

generated by SPADATS and from these data a suitable kill point and kill
time were selected. At this point two possibilities need investigation.

First, SPADATS could generate the booster guidance program constants
and relay them to the launch site. This approach requires much data

transfer between SPADATS and the site. but obviates the need for on- site

targeting computations. Alternatively, SPADATS could relay only the
position and time of kill to a launch site with the targeting computations

being performed at the site. In this case, the communication traffic is

of low volume, but on-site computation is required.

The choice between the foregoing alternatives seems to depend on
launch site location, the principal question being whether the site is con-

nected to SPADATS by wire lines. In this case, central SPADATS target-

ing appears reasonable. I•. however, the site is remote (in a communication

sense$, on-site targeting may be the preferable alternative.

The targeting program for the boost vehicle must be based on a
constant time of flight guidance scheme, in order for the homing stage
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to arrive at the nominal point of kiU at a chosen Greenwich Mean Time

(GMT1. This requirement implies two things. First, the guidance equa-

tions must be constant time of flight. Second, a precise clock must be

startable on the pad at a chosen time. Only Wing VI Minuteman provides

these features in its weapon system configuration. All other boo'st vehicle

guidance systems must undergo some degree of modification to achieve

these features.

The targeting program must also calculate a number of parametere

to be inserted into the homing stage computer. These parameters include

the inertial orientation of the nominal LOS at acquisition, the time of

acquisition, a forecast of relative velocity, VR, and possfibly some fuzing

parameters. Shortly before booster thrust termination, the booster guid-

ance system must provide the homing stage with attitude information and

; time reference, in order to enable the homing stage to assume attitue

memory and to carry out its operational sequence in the proper time

frame of reference.

13.2 MODIFICATIONS TO REDUCE REACTION TIME

The second category of modifications is required to assure an

acceptable system reaction time. This includes modifications to proce.

dures and hardware necessary to receive the targeting constants and

information, direct the. targeting constants to the boost vehicle guidance

computer, direct targeting information to the homing stage, realign the

boost vehicle or its'platform in azimuth (if required), conduct the neces-

sary launch control operations to specify the precise GMT for gu4dance

function initiation, and conduct the terminal countdown; all of these func-

tions must be performed within the required reaction time. It has been

assumed here that the satellite ephemeris determination. missiues analysls,

and targeting calculations are all being performed at a point remote from

the launch site and that the required targeting constants and additional

information will be transmitted in the proper format to the launch site.

13. 2. 1 Current Targeting Procedure

The current procedure used by SAC to target the Minuteman and

Titan II missiles is described below. The SAC Director of Intelligence

is responsible for the production and distribution of all target trajectory
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materials requested by the SAC Missile Force. The Targets, Division of

*the SAC Directorate of Intelligence selects, the target and assigns the

launch-target combination. The Target Materials Division obtains the

pre~cise geodetic data for the launch site and target, and then programs

* the production and distribution of the target trajectory kit, which consists
K. of several sheets.of information and a Mylar punched launch-target tape.

The SAC Trajectory Center (TJC), upon rece~ipt of the proper information.

forms, produces and distributes the trajectory materials. The TJC
transcribes the information onto IBM keypunch forms and then keypunches

the launch-target data into IBM cards; Normally there are only 15 cards

used. These cards are required by the IBM 7090 missile targeting pro-

gramn to generate the launch-target guidance constants. To generate',
verify, and assemble the guidance constants, the program requires from
3 toý 5 minutes, depending slightly on the target range and, for Titan,

slightly on the trajectory shaping requirements.

The output of the targeting program is two magnetic tapes-one for

printing the target kit instruction and information sheets, and one for

punching the Mylar target tape. The target kit sheets can be printed

b4.4

directly by the 7090 but they are usually printed by a separate equipment

item~ for reasons of economy; -however, the 7090 cannot punch the Mylar

tape. This is performed in less than 2 'minutes by a Digitronics D-105.
which is a bi-directional magnetic -to -punched tape converter. The target

trajectory kit materials are assembled and transmitted to the launch site.

13. 2. 2 Proposed Targeting Procedure

For the satellite interception application, the desired reaction time

nec.essitates a major departure from the weapon system targeting procedure.

The Ladic targeting procedure proposed is shown in Figure 13-1, which
also iicludes the command, control, and task descriptions. If the mission

analysis and targeting calculations were performed on an IBM 7090 linked

directly with the output of the computer which determines the target satel- '
lite orbital data, the combined mission analysis and targeting calculations

could probably be completed within 5 to 7 minutes, with launch azimuth

availablt after about two minutes. The targeting constants and additional

"information should then be transmitted to the launch site by a direct secure

data link in order to avoid the delays associated with transporting the

13-6
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* Launch atim-uth information is available at the launch site
after two minutes

9 Targeting constants are available at the launch site after
seven minutes.

13. 2. 3 Targeting Program Modification.

To illustrate a typical targeting program and its required modifies-

tions, the Titan Operational Targeting Program (TOTP) is examined in
Appendix H. Similar logic and modifications would be required for the

other missile system targeting programs. -
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13.3 MINUTEMAN, WING U

13.3. 1 Summary

The guidance equations for Wing rl Minuteman must be changed to

constant time of flight for the SIS mission. The Wing V1 equations can

be used for this purpose. Other changes to the airborne guidance corn-
puter program will also be necessary. All of these changes involve soft-

ware modifications only and can easily be incorporated into the present
Wing I D17 airborne digital computer (ADC) memory.

The guidance computer must be started at the appropriate precise

GMT. requiring the addition of an accurate GMT clock at the launch con-

trol facility. This clock must be linked to the GSE in order to initiate

the countdown and to achieve precise timing of entry into the ADC flight

mode.

Analysis of the Minuteman Wing II arrival time (ta ) uncertainty for

satellite interception indicates that, with the indicated ground support

equipment (GSE) and airborne digital computer program modifications.

the ta uncert ainty may be reduced from 3. 1 seconds to 0. 20 second (1")

for a typical intercept trajectory. Large variations -in the above results

can occur because o! guidance measurement errors which vary with range,

azimuth, and trajectory shape.

A major structural modification may be required for the bulkier

homing stage designs employing radar sensors and 250 pound explosively-

deployed pellet warheads.

When the launch azimuth is more than 10 degrees away from the

inertial platform azimuth alignment, the Wing II Minuteman must be

realigned. The current realignment procedure require.s 8 hours. In

order to provide a faster reaction capability, special procedures must

be iollowed. Using these procedures, it is possible to perform the target-

ing operation, realign, and complete the terminal countdown in less than

8 minutes after the target ephemeris data are available in the targeting I
computer. A slight loss of alignment accuracy would result but this loss

would be partially offset by the probable improveiment in target ephemeris

data as a result of using later tracking data.
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13.3 . - Cur'rent. Guidance Equations

The Wing 11 guidance equations. are delta equations which do not

control the time of flight. The powered flight trajectory shape is con-

trolled by a pitch plane velocity steering method utilizing polynomials

with arbitrary coefficients. Thus, the reference trajectory may be

reshaped easily by changing the coefficients. The flight control system

is a "digital" control system, i. e., the system is mechanized by equations

in the airborne digital computer. This enables the control system to be.

modified by only software changes. A feature of the Wing 11 guidance

equations is that of being able to choose the guidance (target) azimuth as

much as 10 degrees away from the inertial platform azimuth alignment.

Although the yaw gimbal limit is *18 degrees, the azimuth offset is cur-

rently limited to *10 degrees to enable the attitude control system to

correct for missile performance and environmental perturbations.

13. 3. 3 Guidance Equation Changes

The satellite intercept mission requires constant time of flight (CTOF)

guidance equations, which will always affect interception at a time and posi-

tion predetermined by the targeting program. The CTOF guidance equations

which have been developed for Wing VI Minuteman are recommended for

incorporation into the Wing 11 flight program for the antisatellite minion.

For the highly lofted trajectories needed to intercept high altitude

targets, several of the flight program equations require modification. The

* control system gain change criteria should be based on a combination of

downrange (1) and vertical (i) velocities instead of just ic, which is not

precise enough for nearly ver,,ical trajectories. Another change required .

by nearly vertical trajectories is a rescaling of all the guidance equations

because of the larger variation in the magnitudes of their coefficients.

Further inve.,tiga•ion of the nearly vertical trajectories revealed a need

for more terms in the equations for pitch command and both downrange

and time-of-flight velocity-to-be-gained guidance equations. The third

stage muot be cut off by a combination of downrange and vertical velocities .-

P-ince the present method of cutting off on only downrange velocity loses its

effectiveness for nearly vertical trajectories.
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For extremely depressed (flattened) trajectories. the current guild-

ance equations require no additional modification. The reference trajec-

tory may be obtained simply by changing the arbitrary coefficients of the

pitch plane velocity steering polynomial. The criteria remain unaltered

for changing the missile attitude control system gains and for staging the

missile. The proposed Wing VI equations for pitch command and CTOF

guidance are also acceptable without change.

Once the guidance system is aligned, the missile may fly downrange

or backrange. This is accomplished by using positive or negative pitch

commands. The weapon system trajectory is designed to alwaysafy down-

range. If siting considerations require a missile to fly backrange. then

some alterations in the flight program are required. The flight equations

must be capable of accepting negative values ofe (downrange velocity$ in

the control system gain change criteria. The flight equations must also

be capable of accepting a negative value of acceleration experienced by

the x accelerometer. Xa, which is used in the missile staging driteria.

A further problem in the missile 'a staging criteria exists for some oe

the backrange trajectories because the missile xa may be zero or very

nearly zero. This problem may be solved by always staging on a com-

bination of xa and i a. The downrange guidance equation (V x) must be

changed to include an arbitrary coefficient for i.

The flight program will require a routine to execute the initiation

of the guidance computations prior to launch. Further additions to the

flight program may be required by additional flight safety checks or by

a need for a routine to remotely read new launch-target guidance constants

into the computer.

Preliminary investigation indicates that all of the above could easily

be ir.corporated into the Wing 11 airborne digital computer (D17) memory

as sh,.;wn in Table 13-2. The post-attack emergency alert mode and the

t%%o-target capability do not apply to the satellite intercept mission; the

same is true of certain monitor checks which are presently performed.

''J

This routine is simply a repetitive test performed in the airborne

computer which continues to look for the signal to i.Litiate guidance

computations ("go inertial").
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Table 13-2. Minuteman Wing 1 D17 Computer Memory Budget ', -

Memory Cells

Wing 11 D17 ground and flight program utilization 2560

Unused cells in D17 Wing 11 program 0

Additional cells required by CTOF guidance 50

Required for near vertical trajectories by
control system and guidance equations 50

"Initiate guidance" routine 15

Additional flight safety checks 25

Routine for remotely reading launch-target 0
4,guidance constants 5

Deletion of monitor checks which are unnecessary
for satellite intercept mission -50

Deletion of emergency alert mode -194

Deletion of two-target capability -50

Total Budget 2456

Unused cells in D1? satellite intercept program 104

Total D17 Memory Cells 2560

13. 3. 4 Launch Control Timing Accuracy

The major contributors to time-of-arrival, t a uncertainty are:
SThe command and launch control timing errors prior to

entry into the airborne computer flight mode

*The variations in the time of flight, tf, from entry into
the flight mode to the desired intercept point.

The first set is considered in this subsection and the second set *-'1
in the next. Entry into the flight mode, which occurs prior to liftoff,

is chosen as the start of tf since the ADC commences solution of the

guidance equations at this time. The missile guidance system attempts

to control the tf to the nominal value determined by the targeting program.

Modifications to the ground support equipment (GSE) and the airborne

digitAl computer program are required to reduce t uncertainties.
13-I-,
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An trror analysis of the missile guidance must consider both the

"position and time errors. However, position errors can be converted to

timing errors by dividing °- .n by the velocity of the homing stage. Thus

a total 'a uncertainty may -e computed as the root- sun- square (rss) e5

the timing error which is computed from the position miss and the time

measurement errors. Since the guidance miss is required to size the
homing stage engine and the satellite homing tracker, the miss may be
determined by multiplying the total ta uncertainty by the homing stage

yelocity at intercept.

The launch control errors which affect the miss are:

o Command generation to initiate the launch countdown

* Command transmission

0 Command interpretation

"e Countdown...

13. 3.4. 1 Command Generation

The current Minuteman Wing 11 command. generation uncertainties

in Table 13-1 include estimated errors from visual clock reading and

manual launch key actuation. The modified uncertainties occur when a

command generation system such as that employed by Minuteman Wing VI

is incorporated. This may be .accomplished by replacing the clock reading

and the launch key. by an electronic device to initiate the launch countdown

at a prescribed GMT, quantized to 0. 45 second or better.

13. 3. 4. 2 Command Transmission

The transmission system does not add any t uncertainty for a single

missile launch.

13. 3.4.3 Command Reception and Interpretation

The Wing II Minuteman command is received by a mechanical decoder

:.'hich then transmits the signal to the Autonetics coupler, C53, with a time

accuracy of ±0. I second. The ADC is synchronized with the C53 clock
8

which has an accuracy of I part in 108. However, the clock pulses occ.ur
only once every 1. 04 seconds and the countdown is not started until it

senses a clock pulse. Thus the interpretation of the command signal has

13-1"
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a la uncertainty of 0. 3 second. At a prescribed time later, the "enter

flight mode" signal is sent from the C53 with an accuracy of I part in 108

Both of the above errors may be eliminated by using the current "enter

flight mode" signal from the C53 to activate the ADC to look for a new
"enter flight mode" signal, which will be generated at a prescribed time

interval after the nominal initiation of the launch countdown. The pre-

* scribed interval must allow for both uncertainties above, but it must not

hold the missile on missile battery power for more than 2 seconds

longer than it is presently held.

13.3.4.4 Countdown

The Minuteman Wing 11 countdown is controlled with an accuracy of

I part in 10 by the Autonetics OSE. However, the ADC currently deter-

mines the end of the countdown with a time quantization of 0.45 second.

The modified accuracy in Table 13-1 can be accomplished by changing the

quantization in the ADC to 0. 03 second by software reprogramrnming of the

ADC.

13. 3. 5 Booster Guidance Accuracy

The second set of errors which result in time-of-arrival uncertainty

(or target miss) are those errors resulting from:
* Liftoff

e Guidance control

* Guidance measurement..

Table 13-1 also summarizes the ta uncertainties of the above errors..

13.3.5. 1 Liftoff

Normal liftoff variations contribute insignificant uncertainties when

CTO" guidance is employed. CTOF guidance is used in Titan 11 and

Minuteman Wing VI and is recommended for Minuteman Wing II, primarily

for reduction of guidance control vaiations.

.L..- 13. 3. 5.2 Guidance Control Accuracy

Propulsion and mass uncertainties contribute the most to the inac-

curacy of the current guidance control. With CTOF guidance the inaccura-

cies are reduced to the levels indicated in Table 13-1. or about 0. 1 second.

13-13
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".Use of CTOF guidance for Minuteman Wing 11 has been estinmated to be

about as accurate as the Wing VI equations, since they are recommended

for incorporation into the Wing H1 ADC. The t& uncertainty is thereby

reduced from 3. 0 to 0. 1 second. It has been assumed that environmental

control comparable to that in the weapon system silos is rthaintained.

13. 3. 5. 3 Guidance Measurement

In order to augment the Autonetics SEP data presented in Reference S.

Spherical Error Probable (SEP) miss distances were computed and pre-

sented in Table 13-3 for five trajectories. The meaning of the miss dis-

tance associated with SEP is that 50 percent of the missiles will be closer

to the desired point than the given distance. SEP's were derived from the

combined effects of the following: gyro drift and compensation errors,

velocity meter bias, scale factor, nonlinearity, calibration, and miscel-

laneous errors; platform initial aligntnent, component alignment, and

servo errors; approximations for the airborne computer and guidance

equations; control system errors; cutoff impulse; geodetic and geophysical

uncertainties (target errors not included). The resultant inertial guidance

system error volumes were computed.

Guidance measurement uncertainties propagate into position miss at

the prescribed intercept time. However, they may be related to timing

errors by dividing them by the homing stage velocity at the intercept time.

The guidance rnLasurement uncertainty included in Table 13-1 has been

estimated from a guidance SEP for Minuteman Wing II of 0. 5 n ml. The*

actual SEP varies from 0. 2 to 1. 8 n mi depending on range, azimuth, and

trajectory shape, As can be seen in Table 13-3. It can be seen that the

largest guidance errors occur for highly flattened trajectories used to

maximize lateral reach against low altitude targets; and even these errors

are not significant compared to Set Z ephemeris errors.

The accuracies are based on guidance system nmechanizations which

compensate for both liftoff time delays and booster engine burning rate

dispersions. This implies that the guidance equations will control the

nominal time to satellite intercept as recommended in Section 13. 3.3.
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13. 3.6 Other Required Modifications

As discus sed in Section 13. 1. an electrical cable from the ADC

output to the homing stage computer will be required to provide an attitude

information and a time reference to the homing stage just prior to boost

vehicle thrust termination.

A major structural modification to the boost vehicle may be required

for the bulkier homing sta" ,signs employing radar sensors and 250 pound

explosively-deployed p, ,arheads with ephemeris errors corresponding
to Set 2 or larger. A preliminary analysis of structural loads for the

largest homing stage considered for Minuteman indicates that the allow-

able bending moments in the guidance and control section and in the third

stage are exceeded due to aerodynamic wind loading on the payload fairing.

(See Appendix I. ) This critical aerodynamic loading occurs due to a maxi-

mum qa condition, based on the 1959 Sissenwine wind profile criteria, at

a point in the trajectory very near maximum dynamic pressure (q). This

condition is less severe for highly lofted trajectories than for the depressed

trajectories necessary to intercept low altitude satellites at long ranges.

While a structural modification of the guidance and control section would

not be a major modification, modification of the third stage structure must

be considered major.

13. 3. 7 ReactiOn Time

"The general targeting operation outlined in Section 13. 2. can be

used for the Wing I1 Minuteman. However, Minuteman can be brought to

launch readiness by only specifying the guidance system alignment azimuth

and the launch site dependent constants. Since the launch site dependent

constants are fixed and can be stored at the launch site, only the coarse

alignment azimuth needs to be transmitted (by voice if permitted) for early

missile guidance system alignment and calibration. The precise target

dependent guidance constants can be transmitted later, after more precise

ephemeris data is obtained. The difference between the coarse alignment

azimuth and the precise target azimuth, whichmaybe as large as 10 degrees,

can be handled by an azimuth offset matrix in the ADC.

When the launch azimuth is more than 10 degrees away from the .,

inertial platform azimuth alignment, the Wing II Minuteman must be

13-16
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realigned. The current realignment procedure requires 8 hburs. In order

to provide a faster reaction capability, special procedures mnst be fol-

lowed. Using these proceduzes. it la possible to perform the targeting.

operation, realign, and complete the terminal countdown in less than

8 minutes after the target ephemeris data are available in thM targeting

computer. A slight loss of alignment accuracy would result but this loss

would be partially offset by the probable improvement in target ephemeris

"data as a result of using later tracking data.

When the missile was plaqed on the launch pad, its pitch plane would

be aligned to within 0. 5 degree of a fixed azimuth, A1 , determined by the

anticipated launch azimuth probability density function. The precise align-

ment in azimuth would be conducted with an accurate gyrocompass and a

"twist autocollimator." Calibration of the inertial measurement unit (IMU)

would follow. When the coarse launch azimuth became available, the fol-

lowing procedure would be followed:

. . The platform would be torqued in azimuth at a known rate
"to determine the relationship of the. current alignment azimuth,
Al, with respect to an adjacent roll gimbal pickoff. These
pickoffs are located 72 arc seconds apart, and at earth rate
this would require 5 seconds.

e The platform would be then slewed at 2 deg/ sec to the roll
gimbal pickoff nearest to the coarse launch azimuth. The
maximum slew would be 60 degrees and would require
30 seconds for slewing.

" The airborne digital computer (ADC) would next compute the
difference between the gimbal pickoff azimuth and the coarse
launch azimuth and store this difference in the current target
azimuth offset matrix. The ADC would then transform the
platform torquing rates and the INIU calibration biases into
the new azimuth alignment plane.

' Four minutes would then be allowed for settling of the plat-
"form leveling loops and refinement of the gyro biases.

* When the targeting constants are received, a launch azimuth
"offset matrix will be included which will compensate for the
difference between the coarse and final launch azimuth. This
"matrix must be combined by the ADC with the offset matrix
computed earlier.

This procedure must be performed within a few minutes of launch, because

of the open loop platform drift incorporated with aligning to a roll gimbal

pickoff. This drift does not exist when aligning to the autocollimator.
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The accuracy of this scheme is about 30 arc seconds (la). Changes

must be made in the booster guidance steering equations to allow a roll

maneuver of A60 degrees during a four second vertical rise after liftoff.

The Wing VI Minuteman steering equationa (Lor Stage I) could be used for

this purpose. The additional D17 ADC memory requirements imposed by
the above procedures could be accommodated by eliminating the present

* .nautomatic ground calibration program. This program is only utilized

when the missile is emplaced and every.3 months thereafter.

The quick reaction azimuthal coverage for the Wing II Minuteman,

using the above procedure, would be A1 *60 degrees. By reversing pitch

polarity, the sector A1 + 180 degrees *60 degrees would also be covered,
for a total coverage of 240 degrees.

The minimum system reaction time, using this procedure for a

maximum azimuth change, is presented in Figure 13-2. The reaction

time shown assumes a direct input from the targeting data receiver to the

airborne guidance computer. I a punched tape is generated and read in

at the launch site, an additional 7 minutes would be required. Further-

.. targets which correspond to launch azimuths outside of the two

120-degree sectors could not be attacked without an 8 hour delay for the

normal Wing 11 realignment. Range safety restrictions on launch azimuth

would reduce the effect of this limitation. In the absence of range safety

restrictions, a second interceptor could be used to cover the remaining

two 60-degree sectors.

TIME (INUTES)

8 7 6 5 4 3 2 1 0

TARGET EPHEMERIS DATA AVAILABLE *
INTERCEPTOR LAUNCH AZIMUTH TRANSMITTED __'

GENERATE TARGETING CONSTANTS

REALIGNMENT, LEVELING AND BIASING

ENTER TARGETING CONSTANTS

"TERMINAL COUNTDOWN -- Il
TLAUNCH- - II1 I -

Figure 13-2. Minimum System Reaction Time With Wing 11 Minuteman
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13.4 MINUTEMAN, WING VI

13.4. 1 Summary

The guidance equations for Wing VI Minuteman are constant time

of flight equations. as required by the SIS mission. For highly lofted.

trajectories, minor software changes would be required in the airborne

computer program. These changes can easily be incorporated into the

Wing VI D37 airborne digital computer menory.

The Wing VI launch control~timing accuracy is adequate for the SIS

mission, as shown in Table 13-1. Without any changes to the weapon

system, Wing VI Minuteman can achieve a time-of-arrival uncertainty

of 0. 16 second (1g) for a typical intercept trajectory.

A major structural modification may be required for the bulkier

homing stage designs employing radar sensors and 250 pound explosively-

deployed pellet warheads.

Azimuth realignment presently requires 15 minutes when the required

azimuth is more than 10 degrees from the existing alignment, but 14 min-

utes of this time are required for the airborne computer to compute the

biases for the earth rate components associated with the realigned platform

axes. These biases can be computed in the targeting computer in a few

seconds, and slight changes to the airboine computer program can then

reduce the realignment time to one minute.

The minimum system reaction time, assuming a direct input to the

airborne guidance computer, would be less than 8 minutes.

13. 4. 2 Current Guidance Equations

The Wing VI guidance system will have all of the features mentioned

in Section 13. 3. 2 except that the guidance equations are to be CTOF equa-

tions and the computer memory is to be greater. Realignment of the plat-

form will require only 15 minutes, and a 360-degree azimuth coverage is

provided.

13. 4. 3 Guidance Equations Changes

The changes recommended for Wing 11 in Section 1 3. 3. 3 for nearly

vertical trajectories, depressed trajectories, flight safety checks, and
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remote read-in are also applicable to Wing VI. The Wing VI D37 ADC

can easily handle the required SIS changes.

Wing VI trajectories winl not require the missile to fly backrange.

since the guidance system can be realigned quickly to any azimuth.

13. 4. 4 Launch Control Timing Accuracy

The Wing VI launch control errors which affect miss are:

* Command generation to initiate the launch countdown

o The countdown.

Table 13-1 summarizes the current Wing VI time-of-arrival

uncertainties. •

13. 4.4. 1 Command Generation

Minuteman Wing VI comynand• generation contributes 0. 1 second

to ta uncertainty because GMT launch prescription is obtained from two

numbers, each quantized to 0. Z5 second.

13. 4. 4. 2 Command Transmission and Interpretation

Command transmission and interpretation do. not add any tA uncer-

tainty for a single missile launch...

13.4.4.3 Countdown

The Minuteman Wing VI countdown is synchronized by the ADC with

a time quantization of 0. 03 second.

13. 4. 5 Booster Guidance Accuracy

Table 13-1 also summarizes the t uncertainties resulting from:

o Liftoff
"o Guidance control

a Guidance rneasurement.

13.4.5.1 Liftoff

Norm.al liftoff variations cause insignificant ta uncertainties with the

use of the Wing VI CTOF guidance equations.
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13. 4. 5.2 Guidance Control Accuracy

For a 5500 n mi trajectory, the WVing V1 guidance control contribution

to t is about 0. 1 second.

13. 4. 5. 3 Guidance Measurement

According to Autonetics information in Reference 1, the SEP's for

Wing VI were about one-half to one-fourth as large as Wing II SEP's for,

the same intercept trajectory. Thus, in light of the Wing 11 SEP presenta-

tion in Table 13-3, the Wing VI one sigma uncertainties in position at

intercept will always be less chan Set I satellite ephemeris errors.

-J The accuracies are based on guidance system mechaniizations which

compensate for both liftoff time delays and booster engine burning rate

dispersions. The current proposed Wing VI (WS-133B) guidance equations

perform these tasks.

An SEP of 0.25 n mi was assumed for use in Table 13-1. However,

the actual SEP will probably vary from 0. 1 to 0.6 n mi depending on range,

azimuth, and trajectory shape. The Wing II variations 'are shown in

Table 13-3.

13. 4. 6 Other RequiredModifications

Other required modifications for Wing VI are similar to those die-

cussed in Section 13. 3. 6 and Appendix 1.

13. 4. 7 Reaction Time

The general targeting operation outlined in Section 13. 2. 2 can also

be used by the Wing VI Minuteman.

The Wing VI Minuteman is capable of 360 degrwes of azimuth cover-
"age without repositioning the missile. This is accomplished by rolling the

missile after liftoff through an angle of *180 degrees.

Presently, if the new target azimuth is more than 10 degrees from
the guidance system alignment azimuth setting, IS minutes are to be

required to realign the inertial platform. The realignment time could be

reduced to I minute with little loss in accuracy. especially if the targeting

program were implemented to compensate for the errors associated with
the I minute realignment. The platform is actually realigned in about
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I minute but it takes 14 minutes for the airborne computer to compute the

biases for the earth rate components associated with the realigned plat-

"form axes. Computing these biases in the targeting computer would proba-

bly add (at most) a few seconds to the time required for the targeting

calculations. It is also possible to perform a simple matrix transforma-

tion in the airborne computer in a few seconds. This modification would

require additional changes to the airborne computer program involving

software changes only. The D37 computer memory is sufficient to allow.

all of the modifications considered, since it is twice that of the Wing II D17

computer memory.

Wing V1 has radio and cable inputs directly to the airborne computer

from a remote location which could be used as a direct link to the targeting

center of the satellite interception system. The data rates are 8 bits per

second for radio. inputs and 64 bits per second for cable. These rates can,

b. increased to 16 and 256 bits per second, respectively,* with minor

modifications. Thus, a message consisting of 40 constants can be trans-

mitted in less than 4 seconds by cable.

The minimum system reaction time for Wing VI Minuteman. assum-

ing a maximum azimuth change, is presentod in Figure 13-3, The reaction

time shown also assumes a direct input from the targeting data receiver

to the airborne guidance computer. If a punched tape is generated and

read in at the launch site, an additional 7 minutes would be required.

TIME (MINUTES)

8 7654 3 2 1 0

TARGET EPHEMERIS DATA AVAILABLE *

"INTERCEPTOR LAUNCH AZIMUTH TRANSMITTED *1

PLATFORM ALIGNMENT, LEVELING AND BIASING -. _. .- .

"GENERATE TARGETING CONSTANTS , --

ENTER TARGETING CONSTANTS - -L fL
TERMIN'AL COUNTDOWN ..

LAUNCH

Figure 13-3. Minimum System Reaction Time with Wing VI Minuteman
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13.5 TITAN 11

13. 5.1 Summary

The Titan 1 guidance equations are constant time of flight equations.

as required by the SIS mission. Minor airborne computer changes will be

required, as described below. The potted autopilot module will also re-

quire slight modification for payload weights of less than about 4000 pounds.

An accurate GMT clock is needed for precise timing of the initiation

of countdown and entry into the ADC flight mode. This clock must be
linked to the GSE.

Arrival time Uncertainty for a typical intercept trajectory would be

about 0. 2 second (hr) after the indicated modifications were made. Large

variations could occur because of guidance measurement error variations.

The Titan 11 does not require realignment in azimuth and has a

1-minute terminal countdown. The minimum system reaction time,

assuming a direct input to the airborne guidance computer, would be

8 minutes.

13.5.2 Current Guidance Equations

The Titan II guidance equations are delta equations which control the

time of flight (CTOF). The powered flight trajectory shape.is controlled
by a pitch plane velocity steering method utilizing poly'iumials with arbi-

trary coefficients. Thus, the reference trajectory may be reshaped easily

by changing the coefficients. The guidance platform does not require

realignment when the launch azimuth is changed.

13. 5. 3 Guidance Equation Changes

The Titan II steering equations require almost no change for the SIS

mission, primarily for two reasons: first, they are already constant-

time-of-flight; and. second, the definition of the guidance coordinate sys-
tem will keep the form of the steering equations invariant for almost any

SIS mission. As a result, the only change anticipated is the possible
addition of a (z) term to the booster steering pitch command equation

for extremely depressed trajectories. If this addition is necessary, its
inclusion into both the targeting and flight programs can be easily

accompli shed.
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The flight program will require additional features in the form of

a routine to test for the precise time to initiate -guidance computations

prior to launch. additional flight safety checks, and a routine to remotely
enter targeting constants into the airborne computer. All of these changes

can be accommodated within the present flight computer by deleting the

three-target capability or parts of the ground program which aria needed

only for the operational weapon system.

A homning stage weight of less than 400.0 pounds would also require

modifications to the potted autopilot module in order to change'the control

system gains to assure dynamic flight stability.

13. 5. 4 L~aunch Control Timing Accuracy

The Titan 11 launch control errors which affect miss are:

e Command gene-ration to initiate both the launch countdown
and the entry into the flight mode

* The countdown.

Table 13-1 summarizes the Titan 11 current and modified time of

arrival uncertainties.

13. 5. 4. 1 Command G;.*.neration, Transmission and Interpretation

The current Titan II command -generation errors are similar to the

current Wing 11 Minuteman errors (se~e Section 13. 3. 4. 1). These can also

* be reduced by an electronic device which initiates both the launch count-

down and the entry into the flight mode with only 0. Z5 second quantizations.

Transmiss ion and interpretation do not add to t auncertainty.

13. 5.4. Z Countdown

The Titan 11 one minute terminal countdown is "event sequenced"
and controlied by the Martin GSE. Timing variations occur for many of

* the events in the countdown. Since each event must be completed before

sequencing to the next event, the entry into the flight mode (the last event)
* ~has almost a 3 second one sigma va~riation (see Table 13-1). This error

can be reduced by placing an electronic switch in series with the "enter
flight mode"t ;ignal in the A-C Spark Plug GSE. The signal can then be

transmitted to the ADC electronically at a prescribed GMT. The countdown

initiation must allow for 3ar variations in the countdown duration.
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The ADC only looks for the flight mode entry signal once every

0. 5 second. Howvever, the quantization error .in the ADC can be reduced

to 0. 05 second by software reprogramming of the. ADC.

13. 5. 5 Booster Guidance AccurAcy

Table 13-1 also summarizes the t uncertainties resulting from:a

* Liftoff

a Guidance control

a Guidance measurement.

13. 5. 5. I Liftoff

The use of CTOF guidance equations causes insignificant ta uncer-

tainty for normal liftoff variations.

13. 5. 5. 2 Guidance Control Accuracy

For a 5500 n mi trajectory, the guidance control contributioni to t

uncertainty is about 0. 06 second.

13. 5. 5. 3 Guidance Measurement

Spherical Error Probable (SEP) miss distances were computed and

are presented in Table 13-4 for typical trajectories. SEP's were derived

from the combined effects of the following: gyro drift and compensation

errors; accelerometer zero set, scale factor, nonlinearity, and other

sources; platform initial alignment with a I-hour hold. cvrmponent align-

ment, and servo errors; computer approximations; control system errors"

cutoff impulse; geodetic and geophysical uncertainties (target errors not

included).

Guidance measurement uncertainties propagate into position miss

at the prescribed intercept time. However. they may be related to timing

error, by dividing them by the homing stage velocity at the intercept time.

The guidance measurement uncertainty included in Table 13-I has been

based on a guidance SEP for Titan 11 of 0. 5 n mi. The actual SEP varies

from 0.2 to 1. 7 n mi depending on range, azimuth, and trajectory shape as

can be seen in Table 13-4.

The accuracies are based on guidance system mechanizations which

compensate for both liftoff time delays and booster engine burning rate dis-

persions. The current Titan II guidance equations perform these tasks.

13-25
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13. 5.6 Other Required Nlodifications

The only other required modification for Titan 11 will be the addition

of an electrical cable from the ADC output to the homing stage computer.

as previously discussed in Section 13. 1.

13. 5. 7 Reaction Time

The general targeting operation outlined in Section 13.2. 2 can be

used by Titan 11.

The Titan II is capable of 360 degrees of azimbtth coverage without

repositioning the missile. This is accomplished by rolling the mis'sile

after liftoff through an angle of k90 degrees and then by flying downrange

or backrange according to the pitch attitude polarity.

The minimum system reaction time for the Titan II is presented in

Figure 13-4. The reaction time shown assumes a direct input from the

targeting data receiver to the airborne guidance computer. if a punched

tape is generated and read in at the launch site, an additional 7 minutes

would be required.

TIME (MINUTES)

____________________ 876543210 ,

TARGET EPHEMERIS DATA AVAILABLE

GENERATE TARGETING CONSTANTS. 0jIjI*E'
ENTER TARGETING CONSTANTS J
TERMINAL COUNTDOWN I
LAUNCH j

Figure 13-4. Minimum System Reaction Time with Titan II

11
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13.6 POLARIS

13.6. 1 Summary

The guidance iquations proposed by General Electric should accom-
plish the SIS mission, although some improvement in accuracy may be

desirable and easily obtainable. The hardware changes to the guidance

computer will use the same basic circuit design, packaging, and production

procedures as presently used. Theadditions to the computer should not
11 ~seriously affect its electrical, mechanical, or thermal environment. i

An accurate, absolute time of entry into the computer flight mode

can be achieved using the Ship's Inertial Navigation System (SINS) time

reference.

The inertial measurement unit (IMU) is a potential source of prob-

lems for Polaris in the SIS mission. To make efficient use of the booster's

capability by flying lofted or very depressed trajectories, the Z-axlis

acceleromnater must have its saturation level increased. This may be

done with relatively little trouble.. However, the characteristics of this

accelerometer at high accelerations (5 gas) are virtually unknown. Fur-

thermore, the stability of the known characteristics between calibration

periods is questionable in light of the limited experimental test data avail-

able to STL on the type of accelerometer used. More frequent calibration

might reduce this latter problem.

With the modifications indicated, the Polaris should be capable of

reaction times only slightly longer than the minimum reaction times for

the Titan II or Minuteman.

13. 6. 2 Current Guidance Equationu

The Polaris guidance equations are based upon the 0 concept. This

means that steering and prediction are based upon the solution of the vector

equation

- V, -,'
9 *g T *

where V• in the velocity-to-be-gained, 0 is a time-varying matrix, and
* g•-

a. is the acceleration vector. The steering equation controls the direction

of a`T so that V-- 0 is attained. For Polaris A-3, the pitch steeringTl "
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equation follows a gravity turn during the atmosphere, and terminal steer-

ingscauses the missile to fly perpendicular to an axis in the'pitch plan*

defined by a scalar quantity called skew. This is the means by which the

pitch profile is varied, and corresponds- roughly to kick angle in other

missile systems.

13.6.3 Proposed Guidance Equations

The proposed formulation for Polaris for this mission is

gy y

Vgx ax Qxx Vgx QxZ V552

• "[a- Aa ::
""ft

The yaw channel becomes a nulling loop. In the pitch plane equations,'

the term -Aax in the equation for is unusual. This. is the skew terra

"which reflects into the pitch steering equation

p r g + V92,

Figure 13-5 defines the guidance coordinate system. It can be shown that

V goes to zero before burnout and V becomes small near burnout.gz gx
Hence

6C K(az "Aa)= 0
x]

when

a Aa
Z x

Therefore, skew effects the burnout attitude, and by varying A, the pitch
profile is varied (since its presence is felt earlier in flight as well).

The proposed mechanization uses a time varying term for Q, ,

namely

, Ko + K t

while the other Q's would be constants.
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450

Z

Figure 13-5. Polaris Guidance Coordinate System

A General Electric simulation of these equations resulted in a

Spherical Error Probable (SEP) due to the equations alone of about

2000 feet. Burnout attitude was 15 degrees above the x-axis and the

target was about 900 n mi downrange at an altitude of about 700 n m"

(slightly past apogee). Improvement could be made using "optimum"

Q's and a linear time term for Q0x The Q's used for these simulation

results were not optimized, but corresponded to *optlmum" 0's for a

tburnout attitude very near to the x-axis.

1 3.6. 4 Guidance Computer Chan!ý*

The guidance computer hardware changes require the addition of

3 or 4 computer sticks to the present 13, using the same basic circuit

elements, design and production as presently used in the Polaris com-

puter. General Electric reports that there is sufficient space for these

additions, and they would not upset the thermal, mechanical, and electri-

cal systems presently in the Polaris missile. Hence, there is little reason

to believe that suitable guidance equations could not be mechanized for the

SIS mission.
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13. 6.5 Launch Control Timing Accuracy

The go-inertial time may be closely controlled (within 20 milliseconds)

using SINS to update the Fire Control Computer (FCC) clock- SINS is very

accurate with a drift iate'of 10" sec/sec, and is synchronized with GMT

every 8 hours. Some minoradditions to FCC hardware are necessary to

allow it (rather than an operator) to send the go-inertial signal.

1.3.6.6 Inertial Measurement Unit Accuracy

The prement Polaris missile constrains its thrust attitude to be within

about *30 degrees of the x-axis at burnout. This is because the %-axis

PIPA saturates at about 4. 5 g's and the total acceleration is about 7 g's

at burnout. This'precludes very lofted trajectories and, more important,

very depressed trajectories, which would give about 5 g's to the PIPA."

To remove this limitation, General Electric proposes to increase

the PIPA range by a factor of three by reducing the pendulosity of the

sensor float by the same factor. This technique would undoubtedly be the

simplest way- to increase the range of this PIPA. It would require a reds-

sign of the float (which could be ieadily accomplished) and a rescaling of

the computer processing of the input from this accelerometer (also a

minor change). The present caging electronics for the accelerometer

could be used without modification.

The accelerometer scale factor, bias and quantization level will

increase three-fold as a result of this change. The bias uncertainty will

alsfo increase by a factor of three. The scale factor uncertainty, when

expressed as a ratio (I. e. . ppm. etc. ) will remain the same except that

the bias uncertainty will decrease the measurement repeatability asso-

,acted with two point scale factor calibrations. This effect is probably

negligible when compared to the long term scale factor uncertainties.

There are, however, two other important problems. The first has

to do with the rms uncertainty of the PIPA scale factor from its initial
calibration. The current recalibration period is one year. General

Electric asserts that this value is 150 ppm and that the bias uncertainty

is 0. 1 cm/sec . In STL's experience with the testing of one such PIA. .

and based on comments of various manufacturers of these instruments,

STL £hels that these numbers are grossly optimistic. This instrument
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suffers from a torquer ferrite rotor magnetization problem whereby

shutdown. cooldown, and certain types of open loop operation result if

changes in both bias and scale factor which considerably exceed the above

uncertainty numbers. Development effort is being expended by various

organizations in an effort to improve or correct this defect, and It is

reasonable to assume that at least a partial improvement will eventually

be accomplished.

The second problem is with the PIPA characteristics above 1 g.

The scale factor is quoted up to 1 g, but at higher accelerations no accu-

rate and extensive measurement of the PIPA linearity has been made.

An absolute specification is *1000 ppm for scale factor at *3. S g'o.
A limited number of these instruments have been tested at this point

and have been found to be satisfactory. However, the limits at 5 g's

(for the modified PIPA) is not known. If nonlinearities exist, it would

be important to test an appropriate sample in order to determine whether

the values are essentially the same throughout the accelerometer popula-

tion or vary from unit to unit. If the latter situation arose, expensive

calibration on a precision centrifuge would be necessary.

In summary, the performance of the modified PIPA at high accelera-

tions is not known, and its stability between calibrations is rather uncer--

tain. An error analysis was performed by General Electric using the

trajectory mentioned in Section 13.6.3, and a SEP of about 3800 feet

resulted. This analysis used their estimates of the stability of the instru-

ments and neglected initial position errors. The SEP would be about

5800 feet using a 0. 5 n mi navigation error in both horizontal directions.

13.6. 7 Other Required Modifications

%ttitude information to the homing stage must be provided through

a direct link from the IMU to the homing stage. The sines and cosines of

gimbal angles are available, and they may be transmitted via cable pro.

vided the impedance is high so that negligible loading results. ..
The present Polaris A3 R/V separation is accomplished by accelerat-

ing the payload away from the still-burning second stage. Some modifica-

tion to the booster-payload interface will therefore be necessary to

13-32

H%

...................................
j q ~ , , .~~... ., % ... e S

9.. . . . . *SI %S *% 4:_.

S- t9



-. o.

accommodate the homing stage and a small rocket motor which will be
.J

necessary to provide the required acceleration.

13.6.8 Reaction Time

The general targeting operation outlined in Section 13. 2. 2 can be

used for Polaris. A detailed discussion of alternate methods of calculat-

ing the targeting constants is presented in Appendix J.

The Polaris launch site, be it a surface ship, submarine, or on land,

must be provided with a data receiver capable of receiving 10 to 20 param-

eters (depending on the targeting) and of reading this directly into the FCC.

This could be done without modifying the FCC hardware since it has a tape

reader now and only the program need be made receptive to the particular

format.

The Polaris countdown procedure is indicated in Figure 13-6. The

guidance platform may be realigned in azimuth at a rate of 0. 75 deg/sec.

for a maximum required realignment time of 4 minutes. The targeting

constants are not required to be entered into the airborne guidance corn-

puter until about one minute before launrh. Launch aziiiutih corrections

as large as 0. 5 degree may also be made at this time. The resulting sys-

tern reaction time would be as shown in Figure 13-7.
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CHAPTER 14

DEPLOYMENT ANALYSIS AND SYSTEM PERFORMANCE

14. 1 INTRODUCTON

The specific reaction time requirements considered in the deployment

analysis were those provided in the ARPA Study Guide. For orbit altitudes

ranging from 75 to 2500 n mi and for all orbital inclinations, those require-

ments are:

* Interception within 24 hours of launch

e Interception during first orbit (with emphasis on
target launches from present Russian launch
site@)

* Interception before first pass over the continental,
United States

* Interception within one orbital period after a satel-
" lite is designated as a hostile target.

Based upon the foregoing reaction time requirements. a deployment

analysis was performed and this chapter presents a summary of the results

generated by this effort. The deployment analysis was carried out in two
steps. First, consideration was given to unrestricted launch sites, i.e.,
sites which are not limited by any range safety considerations. Next,

attention was shifted to system performance levels which can be achieved

by the use of specific launch sites which are subject to range safety limi-
tations. Further analysis was devoted to the examination of the impact of
interceptor constraints upon reaction time. Such constraints result from

limits on the relative velocity. VR. and the imposition of a requirement
that the, homing phase tracking sensor cannot "look" at the earth or its

sensible atmosphere.

14.2 INTERCEPTOR REQUIREMENTS WITHOUT REGARD TO
CONST RAINTS

As was discussed previously in Chapter I?, the effectiveness of a
single launch site depends largely upon the width of the defended corridor.
If no interceptor launch azimuth. impact range, or intercept geometry

constraints are Imposed, this corridor width is twice the interceptbr
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lateral reach where lateral reach is defined as the distance of closest

approach between the ground trace of a target orbit and the launch site of
an interceptor which can kill that target. Therefore, the lateral reach

.required from a specific launch site to counter the target threats posed in
the ARPA Study Guide: is a good measure of the effectiveness of that launch

site. In later sections it will be shown how these requirements are affected
* by system constraints.

14. 2. 1 An Approxim~ate Method for Obtaining Required
Numnber of Interceptor Sites

The fol~lowing method is useful for determining the numbe r of inter- *

* ~ceptor launch mites required on the equa~tor (and their position) for a given

interceptor lateral reach capability, and a given waiting time within which

interception must occur.

Assume that all interceptor sites are on the equator, that there is

unrestricted azimuth coverage from each site. and that the target is in a
*polar orbit (an example of a geome~trically worst case).

Right ascension swath of ascending nodes cove red by one launch site Is

0d + weT (deg)

whe re

d Interceptor lateral reach (ni)

weRotation rate of earth (approximately
equal to 15 deg/hr)

T Waiting time (hr)

A total of 180 degrees must be covered by an integral number of sites.
N, so that

ISO
Zd

ro+ ST

whc re N is the smallest integer larger than n.

A correction to the above formula Is required to account for the
phasing of satellite position relative to its ascending node. Since it is
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possible that almost one full revolution may be required for the satellite

to enter the attack zone after its node has entered the attack zone, the
total formula is now

d+5400

d+450(T -1.35

using 1. 5 hours as an approximation to one revolution (for a 100 n mi cir-

cular orbit alt~itude).

For multiple sites (N -1) the location for the case in question must

be such that in'time T the 180 degrees of ascending nodes are covered.

Thus, equal longitudinal spacing, 180 deg/N apart, is required such that

in time T. the right ascension of the eastern most edge of the attack zone

of one site just reaches the right ascension of the western most boundary

of the attack zone of the next easterly station, as it was at the beginning.

* Nothing is different for N equal 1, but it is a trivial case.

14. 2. 2 Interception Within 24 Hours of Launch

The most relaxed reaction time requirement is the one requiring

satellite interception within 24 hours. Figures 14-1 through~ 14-4 present
the lateral reach requirement for one interceptor base for orbit altitudes

of 100, 500, 1000, and 2500 as a function of interceptor launch site latitude.

Thus, for an orbit altitude of 100 n mi, an interceptor base at latitude

11 degrees or less w'ould result in a lateral reach requirement of approxi-

mately 650 n mi for all orbit inclinat~ions. Using AMR or PMR would re-

suit in reach requirements of 1700 and 2 100 n.mi. respectively.

For a 2500 n mi orbit altitude the ideal latitude for an Interceptor

base would be at latitude Z3 degrees, resulting in a reach requirements of

1320 n mi. Here the minimum is more pronounced, although the use of

lower latitudes still costs, at most, less than 100 n mi. Thusi for cover-
¶ age of all orbit inclinations and all orbit altitudes through 2500 n mi. it

can be seen that the use of AMR as an interceptor base results in a reach

requirements of approximately 400 n mi more than the ideal latitude of

23 degrees.

For convenience all tables and illustrations in Chapter 14 are placed
at the end of the chapter.
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14. 2. 3 Interception During First Orbit After Launch

Presently, the most probable locations for a satellite launch site

are Kapustin Yar (slightly east of the northern tip of the Aral Sea) and

Tyuratam (slightly northwest of the northern part of the Caspian Sea).

Figure 14-5 shows the band of orbit traces for orbital inclination between

48 and 75 degrees for satellites launches from the launch site'situated at

Tyuratam. (All past Russian satellite launch azimuths were less than or

equal to 90 degrees with inclination of either 65 degrees or 49 degrees).i

Assuming the existence of an interceptor launch site within this band of

orbit traces, the time interval from satellite orbit injection t0o.intercept

would be on the order of one-half of the satellites orbital period. For ,14

orbit altitudes ranging from 100 to 2500n mS, that interval ranges from

about 44 to 96 minutes. This statement presumes that the target has been

detected, declared hostile, adequate ephemeris has been computed, the

interceptor was targeted-all in time to exploit the first launch opportunity.

14. 2.4 Interception Before. First Passage Over the Continental
United States

Also shown in Figure 145. is the band of orbit traces for passage

over the continental United States during the first revolution. This band

has been drawn by assuming that the enemy uses his present site locations..

but launches at an azimuth which minimizes the time to satellite crossing

over the United States (such a launch probably falls outside the azimuth

limits of enemy launch sites. ) In case of interest, it may be noted than an

unrestricted antisatellite launch site located on the northeast coast of

Greenland and operating with a lateral reach of about 1000 n mi could

destroy such satellites.

Such sLatements, however. are academic answers to unrealistic

questions. First, if an enemy were really motivated to deliver payloads

over the United States in minimum time from launch, he 'Vdklid ,16 A;104

himself to known space launch sites, but presumable would launch from

operation.l ICBM sites. To then argue that some antisatellite interceptor

deployment can destroy these satellites before first passage over the
.41

United States, amounts to claiming a solution to the midcourse anti-ICBM

problem, and such a claim seems absurd.
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It appears much more reasonable to assume known inclination angles

(49 and 65 degrees) and to inquire what antisatellite deployment can destroy

satellites launches from known sites along- known inclinations before their

first passage over the United States. This amounts to kill within 4 and 6

revolutions respectively, and, as will be shown, this capability can be

achieved quite easily from accessible and non-exotic antisatellite launch

Ssites.

14. 2. 5 Intercepti-on Within One Orbital Period After a
Satellite is Designated as a Hostile Target

14. 2. 5. 1 Single Interceptor Launch Site

The lateral reach requirement for a single interceptor laun.ch site

is shown in Figure 14-6 for target orbit altitudes of 100, 1000, and 2500

n mi. The maximum required lateral reach of 5400 n ml for each orbit

combination occurs at the launch latitude which is complimentary to the

inclination angle. The effect of orbit altitude on this plot is illustrated

by the dashed lines representing 1000 and 2500 n mi orbit altitudes. The

largest effect of increased orbit altitudes on lateral reach requirements

occurs for low orbit inclinations and low launch site latitudes.

14.2. 5. 2 Two Interceptor Launch Site Analyses

An analysis was conducted to determine the latitude and longitude of

two interceptor bases which would result in minimum lateral reach require-

ments against all orbit inclinations (direct orbits only). The analysis was

carried out for an orbit altitude of 100 n mi. An increase in orbit altitude

would simply result in slightly longer, lateral reach capabilities, but would

not affect launch site selection significantly.

The analysis was performed in the manner stated in Chapter 4 of the

first interim progress report.. It was determined that the minimum re-

quired lateral reach for all orbit inclinations was achieved when the inter-

ceptor bases were in the same hemisphere (northern or southern) separated

by 180 degrees in longitude, and when the latitudes of these bases were

complements of one another. It should be noted that the same optimum

First Interim Progress Report Satellite Interception System Feasibility
Study" (U) STL Report No. 542446003-RS000. dated 27 June 1963. (S)
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can be achieved by placing the two interceptor sites on the same longitude,..•

but placing one base in the northern hemisphere and one in the southern,

with the latitudes again complements of one another. In either case, the

required lateral reach is Z700 n mi.

14. 2. 5. 3 Multiple Launch Sites

For a nonrotating earth, if all launch sites were placed on the same

longitude, but spaced apart equal distances in latitude (i.e.. separated by

180 degrees/n, where n equals the number of interceptor launch s;tes),-

this would represent one possible combination of sites with minimum

lateral reach requirements. This procedure was 'followed to find the

lateral reach requirements for multiple sites (n - 2). The result is shown

in Figure 14-7. The solid curve represents 5400/n, while the dashed

curve represents the actual lateral* reach requirement when the earth's

rotation is considered. As can be seen, the lateral reach requirement
can be fairly well defined by .5400/n.

It should also be pointed out that a similar minimum lateral reach

requirement occurs when the sites are on the equator and separated by

180 degrees/n.

14. 2. 5.4 Specific Interceptor Launch Site Combinations

Having shown that the mraximum lateral reach requirement for twt

interceptor sites for coverage of all orbit inclinations is 2700 n mi for

suitably placed sites, combinations of AMR and a second interceptor site.

and PMR and a second site, have been analyzed to determine the reach

requirements of several such combinations. The second launch site was

chosen for its favorable position against one of the following two reaction

time requirements for satellites launched from present Russian launch

sites:

o Interception during first orbit after launch

o Interception before the first pass over the

continental United States.

The additional intercep-*or launch site areas considered are shown

on the map of Figure 14-5. Johnston Island, Tahiti, Wake Island. and

the southern tip of South American (point A on the map) were areas con-

sidered mainly in connection with reaction time 1) above. Point Barrow.
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Alaska. and the northeast coast of Greenland (point B on the map) were
considered in connection with reaction time requirement 2).

Figure 14-8 shows the lateral reach requirement as. a function of
orbit inclination for combinations of AMR. ard the above -mentior.ed launch

sites. These curves are based upon the worst possible position of the
longitude of the ascending node and the satellite at the time of defined

hostility (i. e., that combination of nodal longitude and satellite position

which results in the largest lateral reach requirement within one revolu-

tionr. Note that PMR is of little help when considered with AMR.

The southern tip of South America is the best location for a second

interceptor base, when considering only lateral reach' requirements. The

lateral reach in this particular case is 2800 n mi. almost the minimum

that can possible be obtained. However, this latter site would not give

good protection against the reaction time requirement of interception before

the first pass over the continental United States. Greenland as a second

interceptor base results in a 3600 n mi lateral reach capability. Three

interceptor bases-AMR, Greenland, and Wake Island-would require

about 2900 n mi lateral reach capability for defense against all orbit in-

clinations and reaction time requirements.

Figure 14-9 is a similar plot for PMR and a second base. In this

case, for protection against all reaction time requirements, the best sites

would be PMR. Greenland, and the vicinity of Tahiti. A laterotl reach of

slightly under 2500 n mi is required for this combination of launch sites.

The lateral reach values shown in Figures 14-8 and 14-9 are worst

cases and therefore do not take advantage of knowledge pertaining to enemy

launch sites. If one assumes that the launch site location is known (as

shown in Figure 14-5), reach requirements become'much m'ore modest if

it is desired to intercept within one revolution of satellite launch. This

fact is made evident by Figures 14-5, and indeed this consideration in-

fluenced the choice of launch site locations analyzed. Finally, it should

be stated that the specific locations of the distant launch sites studied do

not necessarily imply terrestrial bases, but are merely indicative of

geographic locations.
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14. 3 EFFECTS OF SYSTEM CONSTRAINTS

The deployment analysis up to this point has been concerned with

lateral reach requirements for various launch site combinations and loca-

tions without regard for such system constraints as range safety and
Interceptor-target geometry during homing. The specific constraints

which must be considered depend on the interceptor design and specific

launch site locations. It is the objective of this section to examine the

effects of certain coistraints on the launch opportuniticc available frorr.

AMR, Johnston Island, Alaskan, and Puerto Rican launch sites.

The following constraints will be considered.

14.3.1 Constraints Considered

• 14. 3. 1. 1 Range Safety'

There are several range safety aspects which must be considered in

detail for each vehicle launch. However, for the purpose of this analysis

it is assumed that range safety constraints can he specified in terms of -4

permissible launch azimuths and maximum ranges. The permissible

launch azim'ith limits used in the analysis are listed below:

Launch Azimuth Limits
Launch Site Jdrees)

AMR 44 to 110

PMR 170 to 301

Johnston Island 0 to 60 and 81 to 360 (assumed values)

Kodiak, Alaska 120 to 270 (assumed values)

Puerto Rico IS to 132 (assumed values)

AMR 0 to 360 (assumed values)

14, 3. 1. 2 Interceptor Performance Limitations

The maximum altitude-range capability of the satellite interceptor

limits the permissible intercept area. Since the capabilities of the boost

vehicles being considered vary over a wide range, the maximum altitude-

range capability will be treated parametrically. A minimum range con-

straint is imposed by range safety considerations, engine cutoff require-

ments for some booster vehicles, and because (for vehicles incorporating

a homing stage) some minimum time is required between booster cutoff

and target interception for homing stage separation, warhead deployment.
'¼t
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and target acquisition and homing. A minimum constraint of 500 n mi

was assumed for intercepting targets in 100 n mi altitude orbits.

14. 3. 1. 3 Intercept Geometry

There exists two critical parameters pertaining to the iatercept
geometry:

* Relative velocity, VR. between the interceptor and "
"target

"" The angle between the target velocity vector and the
relative velocity vector.

For a given target orbit and launch site, both parameters are de-
pendent on interceptor trajectory shaping. To simplify the computations
and decouple the deployment analysis from the booster performance studies.

the intercept geometry constraints are approximated by specifying a maxl-
mum permissible interceptor-target track crossing angle (TCA). For a
100 n ml altitude target, a maximum angle of 50 degrees corresponds to

a maximum relative velocity of 20, 000 fps, if the interceptor flies k flat-
tened trajectory as discussed in Chapter 12. As the target orbit altitude

increases, both interceptor and target velocities decrease for near-apogee
attacks. This allows for larger interceptor -target track crossing angles
while still maintaining a maximum relative velocity of approach of 20. 000
fps. For-orbit altitudes of 1000 and 2500 n mi, a maximum angle of ap-
proximately 55 and 75 degrees,. respectively, can be tolerated.

The sun look angle (defined as the angle between the target-interceptor

and target-sun vectors) imposes an additional important constraint on those

interceptors incorporating a reflected sunlight tracker. The effects of this
constraints will be discussed in Paragraph 14. 3. 7.

14.3. 2 Intercept Footprints

If no TCA constraint existed, the "intercept footprint" would consist
of the entire area bounded by the launch azimuth and impact range con-
Atraints. However, for a given set of constraints, a restricted intercept
footprint can be drawn. The footprint defines an area, and each passage
of the target over any portion of that area represents one launchopportunity.
Footprints for launches from AMR are presented in Figures 14. 10 through
14.22 for target orbit altitudes of 100, 1000, and 2500 n mi and various

14-9
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target orbit inclinations. It is significant to note that launches from AMR

are in the same general direction as the target motion (for direct target

orbits), so that launtch opportunities will occur for targets moving both

north to south and south to north except for near polar orbits.

Footprints for PMR are shown in Figures 14-23 to 14-25. The foot-m

prints for each target orbit inclination to the area bounded by the contour

line representing the~maximurn allowable TCA and the 170 degree Inter-

*¶.ceptor launch azimuth line. It should be clear that with constrainedVR
these footprints correspond only to targets moving from no'rth to south.

Figures 14-26 through 14-30 represent similar footprints for Johnston

Island, Kodiak, Alaska, and Puerto Rico. Figures 14-31 and 14-32 are

AMR footprints for a 100 n ml target orbit altitude, but with no interceptor

launch azimuth restrictions.

If it is assumed that a launch opportunity will occur if the target pass&s
through the footprint on a given revolution, the probability that a launch

opportunity will occur iii a specified time Interval can be computed it the

distribution of the ascending nodal longitudes is known. For the most

general case it is reasonable to assume a uniform distribution of nodes

(for specific target launch sites and reaction times a probable distribution

of nodes could be computed). Then the probability. P1 . that at least one

launch opportunity will occur in a specified time for a given orbit inclina-

tion is just the fraction of the total possible orbits, measured in terms of

their ascending nodes, that cross an intercept footprint in one revolution.

P was evaluated as a function of waiting time for the various as -

* sumned launch sites, and for combinations of these sites. This data Is
presented In Figures 14-33 through 14-52. The change in slope of some

curves results from the fact that for some constraints a target can be

intercepted only when tr.aveling in one general direction (e.g.. north to

*.south), wvhereas in other cases they can be intercepted when traveling in

either direction.

The malximumn waiting timies required for at least one launch oppor-

2. ~*tunity (P1I 1. 0) were tabulated from these latter figures and are presented
*in Tables 14-1 through 14-6.J

14-10
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14. 3. 3 Interception Within 24 Hours

Table. 14-7 lists the interceptor launch sites considered and the 'range
* ~of target orbit inclinations that can be intercepted from each site (or comn-

bination of sites) for target orbit altitudes of 100 n mi and a TCA~of 50.

degrees. This is done for interceptor surface range capabilities of 3000

and 5500 n mi. The maximum required waiting times for an interceptor
launch opportunity for those sites having complete coverage of all target

orbit inclinations are listed. The surface range capabilities of various
boost vehicles and various payload weights are i'nfluenced by constraints
(V R for example) and these numbers are presented in Chapter 12.

For a single interceptor launch site, only Johnston Island, Puerto

Rico, and AMR (with no launch azimuth restrictions on AMR) are capable
of protection against all orbit inclinations. Thus, for the requirement of

* . .interceptions within 24 hours. either Johnston Island or AMR (with no -

launch azimuth restrictions) would be best since these sites already exist.
Each of these sites (Johnston Island and AMR) require a maximum waiting

* . time of about 11. 5 hours for an interceptor with a 3000 n mi total range
capability. Assuming an interceptor site at both of these locations (and
again no launch azimuth restrictions on AMR) reduces the maximum wait-
Ing time to slightly -under 5 hours.

14. 3. 4 Interception During First Orbit and Before First Pass
Over the Continental United States

This analysis was performed only for targets launched from the two
present Russian launch sites and was composed of two parts. The first
part assumed targets launched from: 1) a site'situated at 480N latitude
and 46 E longitude (Kapustin Yar) and 49 orbit Inclinations. and 2) a site

* ~at 48 0 N latitude and 66 0 E longitude (Tyuratarn) and 65 degrees orbit in-
clinations. The second part assumed polar orbits from both s ite s.

Table 12-8 is the result of the first part and shows the range of

revolution numbers during which an intercept can occur for a target alti-
tude of 100 n mi and a 'maximum VR of 20, 000 fps. No one interceptor *
base allows interception of targets launched from both Russian sites during
the first revolution. An interceptor base at Puerto Rico (and 3000 n ml

14-11
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surface range capability) would give a launch opportunity within one revo-

lution for targets with orbit inclinations of 49 degrees. A site at Johnston

Island or Kodiak, Alaska would allow for an interception of targets in a

65 degree inclined orbit.

Passage over the continental United States does not occur until the

end of the 6th and 4th revolution of the 65 and 49 degree inclined orbits.

respectively. Thus, an interceptor site at AMR, Johnston Island or

Puerto Rico would give interceptor launch opportunities prior to a target

passing over the United States.

The results of the second part are shown in Table 12-9. Only an

interceptor site at PMR (and 3000 n mi surface range capability) allows

interception of targets in polar orbits launched from either Russian launch

site during the first orbit revolution. Increasing the interceptors surface

range capability to 5500 n mi would also give Johnston Island the same

capability.

For polar orbits, passage over the continental United States occurs.

during the first and at the end of the sixth revolution for targets launched

from Tyuratam and Kapustin Yar, respectively. Thus, all the interceptor

sites condiseedhave intercept opportunities for targets in polar orbits

launched from Kapus'tin Yar prior to passage over the United States, but

no site offers such protection for targets launched from Tyuratam. It

should he noted that if no intercept is allowed over a land mass, and keep-

ing the V less than 20, 000 fps., there seems to be no convenient inter-

ceptor site available for this latter case..

14. 3. 5 Interception Within One Orbital Period After a Satellite
is Designated as a Hostile Target

Figures 14-53 through 14-64 present the locus of satellite orbits

that can be intercepted within one orbital revolution from each respective

interceptor site. The figures are for direct motion orbits only, at an

altitude of 100 n mi. It was also assu•r.ed that the target was at the ascend-

ing node at the instant of defined hostility.

The area of the locus of points of each figure represents the per-

centage of coverage against all possible combinations of target orbit

inclinations and nodal longitudes. These percentages of coverage are

14-12 z "
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listed in Table 12-10 for each assumed interceptor site. As can be seen.

AMR (with no launch azimuth restrictions) and Johnston Island give the

best coverages. PMR and the site in Alaska offer the least amount of

coverage.

14.3.6. Summary of Constraint Analysis

Table IZ-1l is a summary of the reaction time coverage capability

of each interceptor base considered. For each interceptor bass which

provides protection against a specified reaction time requirement (based

on the assumption used in this analysis) there is a mark (X). Thus, of

the sites considered, none offers complete protection. However, Johnston

Island with interceptors of surface range of 5500 n ml can protect against

all reaction time requirements except for the unreasonable "AICBM" case.

Each of the other sites afford defense against only one or two of the reac-

tion time requirements. It needs to be recognized however, that no inter-

ceptor studied is capable of 5500 n mi range performance against the

complete spectrum of threat altitudes. Thus, one should not be ensnared

by the delusion that a single site on .4ohnston Island meets all reaction time

requirements. It is interesting, however, that the combinatlon of Johnston

and, say AMR . can achieve significant reaction time with realistic inter-

ceptor designs.

14. 3. 7 Imposition of Sun-Loop Angle Constraint'

An analysis was performed to determine the effects of the sun-look

angle (defined as the angle between the target-interceptor and target-sun

vectors) on launch opportunities for those interceptors incorporating a

reflected sunlight tracker. It was performed only for a target orbit alti-

tude of 100 n mi. The following axsumptions were made:

* At the time of target acquisition, the target and interceptor
are separated by a distance of approximately 125 n mi

a From the time of target acquisition to intercept the sun-
look angle had to be equal to or less than 140 degrees.

* Intercepts with an interceptor velocity of 20,000 fps
with velocity vector near local horizontal.

* A- the time of defined hostility the target was at an
ascending node (this assumption has little affect on
the analysis). .

14-13
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The analysis was performed only for a target satellite being defined

as hostile on June 21 and December 21 for the hours of 0000 hours and

1200 hours (Greenwich time). TUh was done for an interceptor site at.

AMR and one at Johnston Island.

* Again assuming uniform distribution of nodes. Figures 1A-65 and

14-66 show the probability that at least one launch opportunity will occur

in a specified time for a given target orbit inclination for an interceptor

base at AMR and Johnston Island respectively, for midnight (Greenwich

time) of December 20. The curves are quite erratic because of the inter-

play of all the constraints, especially the sun-look angle limitation and the

eclipsing of the target by the earth. Figure 14-64 can be compared with

Figure 14-43 to observe the diminishing launch opportunities due to the

added sunlight constraint. This comparison reinforces the intensive esti-

mate that the use of a sunlight tracker doubles the average required re-

action time.'

From Figure 14-65. it can be seen that the second day of waiting

time adds little (if any) increase in probability of intercept opportunities.

This is the result of the interceptor site being able to intercept only ihose

targets whose nodal loigitudes were covered the previous day, thus adding

nothing to the probability.

The maximum waiting time required for at least one launch oppor-

tunity for the dates and times considered are tabulated in Tables 14-12

and 14-13.
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Table 14-1. Maximum Waiting Time Required for at Least One
Launch Opportunity from AMR and PMR Without
V Restriction

(Interceptor Maximum Range Capability a 1000, 3000, and 5500 n mi)

A. Target in 100 n ri Circular Orbit
Waiting Time (hr)

Orbit
Inclination AMR Only* PMP. Only AMR and PMR -

(1000) (3000) (5500) (1000) (3000) (5500) (1000) (13000) (O0o)
0 * -. 5 * -1.5 "1.5 * i.5 ,s 11.5

15 i 15.1 "*1.5 4 -1.5 I.S 4 4.5 -0.$
30 19.2 14.7 7.5 16.2 7.6 '1.5 6.1 ..S
45 .16.6 13.7 6.5 16.3 8.5 -1.5 6.1 -1.5
60 9* 12.8 6.0 22.1 9.0 3.2 5.7 3,z
75 4* 11.8 7.9 22.3 8.6 4.4 4.7 4.4
9n *4 10.4 7.4 19.2 8.1 4.7 5.8 3.9

B. Target in 1000 n mt Circular Orbit
Waiting rimm (hr)

Orbit ..
Inclilntion AMR Only PMR Only AMR and PMR

(1000) (3000) (5500) (1000) (3000) (5500) (1000) 43000) $SOO)
0 * * =2,1 * "=2.i ,•2.1 4 "2.1 "2.l1''.,

1i * 16.0 --2.1 4 -2.1 -2.1 * 2.1 -2L.
30 19.9 15.6 7.9 19.1 6.5 " 2. 1 7.0 -2.1

4S 17.3 14.3 8.3 9.2 z C2.1 7.0 -2.1
60 * 13.3 8.0 9.2. 3.1 6.5 3.1
75 4* 12.2 7.S 6.9 4.4 5.5 4.4
90 44 10.6 7.5 8.9 6.1 4.5 4.5

C. rarget in 2500 n ml Circular Orbit

Waiting Tihes (hr)
Orbit "- -

1Iiclinat.on AIR Only PMR Only AMR and 1'MR

(lok0)) 3000) (5.o00) (1000) (3000) (.oofl) (3000) (3000) 5•r0o)

0 _ ' -3.2 " -1.2 -3.2 4 -3.2 3. 2
Is * 17.5 4.6 * 3.7 -1.2 0 -3. -. 3.2
30 21.4 17.1 8.8 ZO.4 9.0 - 1.Z %.7 -'1.2
4S I. 1.9 8.9 9.9 -3.2 8.6 -1.Z
"t,0 14.9 8.5 9.8 3.7 8.1 3.7
71, *4 13.8 , .0 9o.S S.1 7.1 S.I
90 1, 33.7 9.8 9.7 7.1 5.7 5.7

Interietpt not possible
f•-nc.,.*i.e target orbit traces straddle the intercept footprint, waiting tine

-24 hr..
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Table 14-2. Maximum Waiting Time Required for at Least 2
On~e Launch Opportunity from AMR and PMR
With Maximum V = 20. 000 fps

(Interceptor Maximumr Range Capability 1000. 3000, and 5000 n mi)

A. Target in 100 n nmi Circutlar Orbit

Orbit ___________Waiting Time (hr)
inclination AMR Only PMR Only AMR and PMR -

(1000) (3000) (5500) (1000) (3000) (5500) (1000) (300). (5500)

0 * * -1.5 C , C * * xI.S
15 * 15.2 -1.5 * 15.2 --1.5
30 19.1, 15.6 15.1 C * * 1S.6 15.2
"'45 00 15.0 13.O0 e 22.0 20.1 6.6 7.-?S

60 * 14.0 14.0 ,, 1.8 21.0 8., 6.6
76 * 11.0 13.0 ib, Z2.6 21.6 7.5 6.6 -

90 CC ,, ** ** 22.0 19.6 21.0 19.2

B. Target in 1000 n nil Circular Orbit

Orbit Waiting Time (hr)

Inclination AMR Only PMR Only AMa and PMR"

(1000) (3000) (5500) (1000) (3000) (5500) (1000) (3000) (5500)

0 .C C 2.1 C C C 2.1
15 * 16.0 -2.1 * * * * 16.0 -. 2.1
30 19.9 16.3 13.B 23.1 23.1 9.2 7.7

45 17.5 19.2 15.2 21.6 20.3 6.9 76

60 * 15.2 15. 22.2 21.3 9.3 6.0
75 ** 12.9 12.9 22.6 21.0 1.7 6.7

90 ,, t C* Z.4 17.8 15.4 14.5

C, Target in 2S00 n mi Circular Orbit .1
Orbit Waiting Time (hr)

Inclination AMR Only PMR Only AMR %d PMR

(1000) (3000) (5500) (1000) (3000) 55o00) (1000) (3000) (5500o

0 0 * -3.2 3 .C * * ,32
is * 17.9 -c3.2 C 21.2 21.6 8 3.9 -3.2

30 21.4 17.3 6.7 ** 21.2 20.0 9.0 S.3

4S ** 16.1 6.8 00 22.2 20.4 9.1 5.2
60 CC 15.1 15.1 ** 23.0 20.9 8.6 6.2
75 * 14.1 14.1 *C 23.0 19.7 6.1 7.4

90 *, 11.7 10.9 C 19.6 16.0 11.3 6.1
40

p Intercept not possible.

Successive target orbit traces straddle the intercept footprint, waiting time
s-Z4 hours.
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Table 14-3. Maximum Waiting Time Required for at Least One Launch
Opportunity from Johnston Island and AMR Against Targets
in 100 n mi Circular Orbits

A. No VR Restriction

Orbit " Waiting Time (hr)

Inclination Johnston Island Only Johnston Island and AMR

(1000) (3000) (5500) (1000) (3000) (5o00)

0 4'1.5 -1.5 <1.5 ,1.5 -*.t -i. "
• 15 12.2 S...5 -. 1.5 -. 5 "1.S

30 11.8 -1 -. 1...1.5 -"1.5
45 1Z. 7 5.6 1.5 . -. 1.2
60 12.4 6.2 2.3 3.7 2.7
75 11.9 6.4 3.1 4.7 Z.9

90 11.7 6.9 5.8 4.5 3.5

B. Maximum VR 20,000 fps

Orbit Waiting Time (hr)

JInclination ohnston Island Only Johnston Island and AMR

(1000) (3000) (5500) (1000) (3000) (5500)

0 * -I.5 1.5 * .I5

30 7.9 2.7 3.3 -1.5

45 9.9 9.1 4.3 3.4

60 11.4 9.9 4.9 4.7
75 11.0 9.3 5.7 5.7
90 10.3 8.9 10.3 8.9

*Intercept not possible
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A . NoVRstitoTable 14-4. Maximwn Waiting Time Reuired for at Le'ast One L.aunch
Opportunity from Kodiak and AMR Against Targets in
100 n mi Circular Orbits

• ~A. N4o V'R Restrictionk•

Orbit Waiting Time (hr)

Inclination
Kodiak Only Kodiak and AMR

(1000) (3000) (5500) (1000) (3000) (5500)

0 * * -•1.5 * * -15.

15 15.9 "1.5 * 7.5 -41.5

30 12.4 "-1.5 5.6 -1.5
45 20.5 10.5' 2.3 4.4 -1.5

60 16.0 8.8 3.4 3.3 2.9

75 13.0 7.7 3..4 4.5 3.3

90 10.6 6.7 5.5 4.3 3.7

B. Maximm VR= 20. 000 fpsR

Orbit Waiting Time (hr)
Inclindatlon Kodiak Only Kodiak and AMR

(1000) (3000) (5500) (10.00) (3000) (5500)
*0

15 * * 21.2 * 15.2 -1.5

30 20.3 17.8 19.1 9.1 6.5

45 23.5 18.6 16.7 7.6 5.7

60 23.3 20.3 18.8 9.1 4.7

75 23.0 19.3 17.2 9.0 6.9

90 22.7 18.1 15.9 15.7 14. Z

* Intercept not possible
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Table 14-7. The Range of Target Orbit Inclinations that can be Intercepted
from Each Assumed Interceptor Launch Site for Targets in
100 n mi Circular Orbits With Maximum VR 20000 fps

Maximum Waiting
Time (hr) for

Interceptor Target Inclinations Coverage of All Orbit
Site Protected Against Inclinations f .1

(3000) (5500) (3000) (5soo5 0.

AMR 15-75 0-75 ...

PMR 45-90 45-90

Johnston Island 0-90 0-90 11.4 8.9

Kodiak (Alaska) 30-90 15-90

Puerto Rico 0-90 0-90 23.5 23.5

AMR (no launch azi-
muth restrictions) 0-90 0-90 11.6 8.7

AMR-PMR 15-75 0-90 --- 19.2

AMR - Johnston Island 0-90 0-90 10.3 8.9

AMR -Kodiak 15-90 0-90 " 14.2

Johnston Island -

Puerto Rico 0-90 0-90 8.6 7.3

Johnston Island - AMR
(no launch azimuth
restrictions on AMR) 0-90 0-90 4.9 3.5

14-Z0
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Table 14-8. Revolution Numbers During Which an Intercept Opportunity
Occurs for Targets Launched from Present Russian
Launch Site

Interceptor Target Launch Site I Target Launch Site 2 .

Sites Inclination 490 Inclination = 65.0
(3000) (5500) oo(3000) (5500)

AMI' ?,-9 2-9. 5, 11-13 5,11-13

PMR 12-13 12-14 16-17 1, 16-18

Johnston Island 6-9,13-17 1.6-9 1-3.9-11. 1-3,9-11.
12-17 17-19 15-19

Alaska 11-14 11-15 , 1,16-18 1-2,15-19

Puerto Rico 1-4.8-12 1-4,8-12 4-6,11-12 4-6,10-12

AMR (no. launch azimuth
restrictions) 2-11 2-11 5-9 4-.5

Target launch site I Kapastin Yar.

Srarget launch site 2 Tyuratam

14-21
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Table 14-9. Revolution Numbers During Which an Intercept Opportunity
Occurs for Targets Launched from Present Russian

. , Interceptor Target LaunchStt unch Site 2
""Sites Inclination = 90 de& •Inclination 90 deg

AMR None " None None None

•PMR 1 -2,17.718 1-3.16-19 1-3.17-19 1-4.17-20
Johnston Island 1-3.9-11 1-3' 9-11. 2-4.10-12 1-4, 10-I2

179 17-319- 18 2 18-20

Kodiak (Alaska) 1-4017-21 1-5.16-Z1 -5,18-22 1-6.17-21

i - Puerto Rico 4-5,20-21 4-5.20-21 5,20-21 5,20-21

AMR (no launch azimuth 5-8,13-16 1,5-8, 1,6-8, 1-2,5-9.
restrictions) 1?,-17 14-17 13-18

Target launch site I Kapustin Yar

"Target launch site 2 Tyuratam

14-22
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Table 14-10. Percentage of Satellite Orbits that can be Inter-
cepted Within One Orbital Revolution c.

"Percentage of Coverage Within One
Orbital Revolution

Interceptor Sites (3000) (5500)

"AMR '33 44

PMR 10 13

Johnston Island 63 72

Alaska 18 28

Puerto Rico 50 56

"AMR (no launch azimuth .i

restriction) 65 80

.1
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Table 14-11. Sumniary of Reaction Time Coverage Capability
of Each Assumed Interceptor Site

Interceptor Su~rface Range

.3000 n ml 5500 n mi

Requirement* Requirement*

a b b c c d a b b c c d

AMR X X

. .,. .. .. . , . :• .

Johnston Island -- - ,. x

.,-*

Kodiak (Alaska) x - x -

Puerto Rico X X X X

AMR( no launch azlk- xx xx x
muthrestricti'ons)' I I I x x

Note: A(X) refers to coverage capability

Reaction time requirements are. interception:

a) Within 24 hours

b) During first orbit

b1  Targets launched from Kapustin Yar (inclination 49 0)
and Tyurata 0 (inclination 650)

b.) Targets launched from Kapustin Yar and Tyuratarn with

inclinations of 900.

c) Before first pass over the United States

c I b I above

...................

P.R b. a .bv

d) Withnd one o p a b defne as hot

41 -24,

Kodia (Alska) X .

%'i'



I i

p..q

Table 14-12. Maximum Waiting Time Required for at Least One
Launch Opportunity from AIMR and Johnston Island
with Both VR and Sun-Look Angle Restrictions for
December 21

Orbit Altitude = 100 n mi-

Time of day of defined hostility: 0000 hours Greenwich time

Orbit Waiting Time (hr)

Inclination AMR Only Johnston I. Only AMR and J. 1.

(3000) (5500) (3000) (5500) (3000) (5500)

0 * 7.3 -1. 5 -1.5 z1. 5 n1.5
15 ,, 10.3 E1.5 "1. =1.5 ý1.5
30 ** 20.5 17.6 2.9 10.3 2.9
45 ** 23.5 19.1 17.6 14.7 10.3
60 2* ** 23.5 17.6 23.5 10.3
75 2e Z3.5 19.1 23.5 10.3
90 ** ** 23.5 20.5 23.5 20.5

Time of day of defined hositlity: IZ00 hours Greenwich time

Waiting Time (hr)0Orbit '"

Inclination AMR Only Johnston I. Only AMR and J. 1.

(3000) (5500) (3000) (5500) (3000) (5500)

0 * --. 5 2.9 !1.5 2.9 -1.5
15 ** :I.Z5 2.9 2.9 2.9 .-. 5

30 ** 22.0 11.7 5.9 7.3 2.9
45 ,* 22.0 14.7 11.7 8.8 5.9
60 ** 49.9 16.1 13.2 10.3 7.3
75 ** ** 17.6 .17.6 10.3 10.3
90 ** ** 16.1 16.1 16.1 16.1

* Intercept not possible
W*Waiting time greater than 50 hrs. -computation stopped
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Table 14- 13. Maximum Waiting Time Required for at Least One
Launch Opportunity from AM.R and Johnston Island
with Both VR and Sun-Look.Angle Restrictions or.
June 2 1

Time of defined -hostility: 0000 hours Greenwich timen

Waiting Time (hr)
Orbit.

Inclination AMP. Only Johnston Island Only AMR and J. L

(3000) (5500) (3000) (5500) (3000) 15500)

0 * 7.3 -1.5 =1. . 1.5 B1. 5
15 ** 8.8. •.5 . .15 .I. 5 _I1. 5
30 32.3 19.1 16.1 2.9 8.8 2.9
45 32.3 20.5 14.7 14.7 7.3 7.3
60 22.0 Z2. 0 22.0 ZZ. 0 14.6 14.6
75 Z3.5 Z3.5 22.0 22.0 16.1 16.1
90 ** 0** 2.0 2z2.0 ZZ.0 22.0

90.

Time of defined hostility: 1200 hours Greenwich time

OrbitWaiting Time (hr)O rbit .... ...

Inclination AMR Only 3ohnston Island Only AMR and 3. 1.

(3000) (5500) (3000) (5500) (3000) (5500)

0 * -1.5 Z.9 =1.5 2.9 _<1.5
15 20.5 .1.5 2.9 2.9 •Z.9
30 20.5 20.5 11.7 5.9 7.3 2.9
45 19.1 19.1 14.7 11.7 8.8 5.9
60 20.5 20.5 16.1 13. Z 10.3 7.3
75 38.1 36.7 17.6 17.6 10.3 10.3
90 ** ** 16.1 16.1 16.1 16. 1

Intercept not possible

Waiting time greater than 50 hrs. - computation stopped

4'-z64 14-26 '
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Figure 14-7. R~equired Lateiral Reach for Interception within One
Orbit Revolution io'r All Orbital Inclinations
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Figure 14-8. ,ateral Reach Requirement for AMR and A Second
Interceptor Launch Site
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Figure 14-9. Lateral Reach Requirement for PMR and A Second
Interceptor Launch Site.
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S0. 6 601____ 
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LAUNCH OPPORTUNITY
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5 10 15 20 25
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Figure 14-33. .AMR Launch Opport-ties Against Targets in 100 N Mi
Altitude Circular Orbits- No VR Restrictions
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Figure 14-34. AMR Launch Opportunities Against Targets in 1000 N Mi ••
Altitude Circular Orbits - No V R Restrictions

14--9

S. . .. . . " . . e.. . • . ,i,:., .%.',. .. ... ,.., . - .. . ,,.. ......... ... ,. ,.. -., . .: .- .. . .•.•



0.8

P1 0.6 60- __ _ _1_ _ _ _ _ _ _

75 MAXIMUM SURFACE RANGE =5500 N MiL90 NO MINIMUM SURFACE RANGE
0. PROBABILITY OF AT LEAST ONE LAUNCH

OPPORTUNTIY
P 1.0 FOR i 0

0.2

0.8 -

0.45

0.26

WAXITING TIMFAE (RANE30)

0.4

0.. . . . . . .. . . . . .. . . . . . . . . . . . . . . . . ...



600

* 0.8_

90-

Pj 0..6

MAXIMUM SURFACE RANGE =5500 N Mi
MINIMUM SURFACE RANGE =500 N Mi

0.4 P = PROBAB.ILITY OF AT LEAST ONE LAUNCH OPPORTUNITY

P1 = 1.0 FOR is: 45* AND t :5 ORBITAL PERIOD

J. 0.21

1.0 -

0.8

300
* - .45

P 0.6_ _ _ _ _ _ _ _

60 90 ______ ___ __

MAXIMUM SURFACE RANGE =3000 N Mi
0.4 MINIMUM SURFACE RANGE = 500 N Mi

P1. 0 FOR 1 5.15* AND t :5. 1 ORBITAL PERIOD

0 5 10 15 20 25

WAITING TIME (HR)

Figure 14-36. PMR Launch Opportunities Against Targets in 100 N Mi
Altitude Circular Orbits-Nu V R Restrictions
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Figure 14-37. PMIR Launch OpporA ities Against Targets in 1000 N MM
Altitude Circular Orbits-No V Restrictions
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Figure 14-38. PMR Launch Opportunities Against Targets in 2500 N )Ai
Altitude Circular Orbits-No VR Restrictions
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Figure 14-39. Johnston Island Launch Opportunities Against Targets in
100 N Mi'Altitude Circular Orbits-No V Restrictions
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Figure 14-40. AMR and PMR Launch Opportunities Against Targets in
100 N Mi Altitude Circular Orbits-No V Restrictions
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Figure 14-41. AMR. and PMR Launch Opportunities Against Targets in
1000 N Mi Altitude Circular Orbits-No V Restrictions
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Figure 14-42. AMR and Johnston Island Launch Opportunities Against
Targels in 100 N Mi Altitude Circular Orbits-No VRRv strictions
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Figure 14-44. AMR Launch Opportun~ities Against Targets in 1000 N Mi _
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Figure 14-45. AMR Launch Opportunities Against Targets in ZS00 N M-
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Figure 14-46. PMR Launch Opportunities Against Targets in too N Ml
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Figure 14-54. Locus of Satellite Orbits That Can Be Intercepted from
1P.VMR within One Orbital Revolution
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Figure 14-54. Locus of Satellite Orbits That Can Be Intercepted from
PhIR within One Orbital Revolution
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INTERCEPTOR SURFACE RANGE =5,500 N MI
TARGET ORBIT ALTITUDE = 100 N Mi

MAXIMUM =20, 000 FPS

* 100

w80 -

z
0

'60

zo

z

944

MJ 40

U,,

' 0 -'-" -. . -

Lu 20' ... ,

0 40 80 120 160 200

LONGITUDE OF ASCENDING NODE (DEG)

Figure 14-60. Locus of S.tellite Orbits Than Can Be Intercepted from

PMR within One Orbital Revolution
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. CHAPTER 15

PROJECTED SYSTEM COSTS

This chapter is concerned with the development of cost estimates

for nine proposed interceptor configurations, including three booster sys-

tems and three different homing stage designs, namely; the Wing VI

Minuteman, Titan U, and Polaris A3 boosters with electro-optical, in-

frared, and radar sensing homing stages. The cost estimates were de-

veloped by the use of scaling factors. Accurate estimates could have

bcen achieved by preparing detailed development plans, but such an ef-

fort did not appear warranted in the light of ARPA's interest in only crude

cost data.

The cost categories include research. development, test and evalua-

tion, initial investment, and annual operations. The Minuteman and

Titan II launch complexes are assumed to be land sites' while the Polaris

launch complex is assumed to be a ship based site. Each launch complex

is, defined as consisting of two ready interceptors and four spares; two

launch pads with associated GSE items and one launch control center with

its support and control equipments. The estimates do not include cost for

command and control equipments necessary. to tie the launch complex into

an overall global antisatellite system.

Surface ships for the Polaris interceptors are assumed to be GFE'

from the mothball fleet. The initial investment and annual operations cost

for a land complex is assumed to be independent of site location, because

the cost difference associated with different launch complex locations is

insignificant relative to the total cost. (For example, the estimated cost

of land acquisition and site preparation for a Minuteman base at Johnston

Island is only $-00 x lO more than at AMR. and the transportation cost

difference is insignificant.)

The results of the analysis are summarized-in eight tables* which

provide a means of estimating the total cost of each interceptor configura-

tion. the number of launch complexes, and program years necessary to

For convenience all tables are placed at the end of the chapter.

15-1
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achieve a particular objective. This has been done because each inter-
Ulf, ceptor configuration has a different operational capability, causing the

number of launch complexes necessary to achieve a given objective to

* vary with the particular configuration under consideration. No provision

has been made for the dutty cycle of a ship, which means that In estimating

the number of Polaris complexes, additional ships should be included as

an allowance for the off-duty time.

The total cost summary Is presented in Table 15-2. In summary,

it appears that the cost differences between configurations are within the

errors associated with the estimating technique employed. The Titan aI
booster and the 'rdrcontrolled homing stage appear to be slightly more a

costly than their respective alternatives. The electio-optical and infrared

homning stage cost estimates were virtually identical.

Table IS -Z contains the R, D, T and E cost category breakdown.

The cost estimates include a complete launch facility with two launch pads
(or tubes) for flight testing. Sixteen interceptors are assumed to be pro-

cured for the flight test program, and a provision for targets has been

included. Significant cast differences which appear are primarily due to

the higher cost of the Titan 11 booster and the higher cost of development

for the radar homing stage.

or Table 15-3 presents the initial investment cost per launch complex

lrthe interceptor configurations -under consideration. The cost estimates

include land procurement and preparation. facilities. OSE. booster, and

homing stage procurement. A complex consists of two ready interceptors

and four spares. Both the Minuteman and Titan 11 launch complexes are

land-based, while the Polaris launch complex is ship-based. As noted

previously, the location of sites for the land complexes is assumed to

have an insignificant effect on cost. The results indicate that the Minute-

man and Polaris configurations have approximately the same initial in-

vestment cost per launch complex.

The costs of the Titan U1 were expected to be much higher, based
on the cost estimates for the weapon system version presented in Chapter

12. However, launching from pads instead of from hardened silos greatly >
reduces the cost of base construction, facilities, and GSE. Thus the cost

-I-



of boosLer, base construction. facilities, and GSE for one interceptor are
about one-third the cost of the operational weapon system version. At

the same time. the Minuteman system costs for base construction. (acil-
itles and GSE are increased slightly over the weapon system version. The

Polaris costs are also lower than the weapon system version due to re-
placing the submarine with a GFE surface ship.

Table 15-4 shows the annual operations cost per launch complex for
the interceptor configurations. The personnel costs are based upon a
staff of 65 people per complex for the Minuteman and Titan 11 systems and

30 people for the Polaris complex, exclusive of ship's crew. at $7500/man/
year. The 65 persons include a three shift operation at the launch control
center, plus missile maintenance, security, and on-base logistics support.
The 30 persons are for operation of the launch control center and missilt

maintenance only. The $7500/man/year includes pay and allowance, re-
placement training, supply consumption, etc.. and is based upon Refer-

ence 1. The land facilities maintenance and interceptor system parts

consumption costs are based upon 5. 8 and 6. 6 percent of their respective

initial investment costs. The booster and homing stage parts consumption
also includes the firing of one missile per complex per year as a readiness
demonstration exercise. The ship operation cost is based upon Reference Z.

The results Indicate that the Minuteman and Polaris configurations have
** approximately the same annual operations cost per launch complex. while

Titan 11 operations cost slightly more.

Table 15-5 presents the homing stage nonrecurring and recurring

cost estimates. Nonrecurring costs are those that do not vary with the

number of stages produced, and include a prototype stage. Recurring
costs vary with the number of stages produced. The structure subsystem

includes two tanks and the basic stage structure, The propulsion system
cost is for a pressure-red variable thrust engine, and the altitude control

subsystem includes a hot gas system and the associated control electronics.
The power supply system includes batteries, cables, 3 -boxes, and con-
verters. The warhead for all homing stages is an explosively deployed

pellet warhe.ad. The guidance and sensor subsystem for the electro-

optical and infrared systems includes a computer, sensor, gimbal plat-

form with gyros, and an electronic control unit. The radar guidance

15-3
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and sensor subsystem includes a computer. an X-band radar system, and

tw6 antennas of which one is gimballed with gyros. The radar controlled

homing stage is approximately S20. 0 x 106 and SO. x 106 higher thaA the

other stages in the nonrecurring and recurring cost categories, respectively.

Table 15-6 presents the booster nonrecurring and recurring cost

estimates based upon a preliminary analysis of the modifications required.

The booster costs include the fairings. interstage adapter, interstage.

booster, recurring modifications, and those rthnrecurring costs associ-

ated with developing the booster system modifications. The Polaris non-
recurring cost estimate for booster modifications is highest because of

the homing stage separation problems, which have been considered part

of the booster system for simplicity.

-Table 15-7 presents the Minuteman and Titan 11 initial investment
costs per launch complex for facilities and GSE. -The assumed launch

pad facilities for Minuteman and Titan 11 are above ground, which neces-

sitated the addition of an environmentally controlled shield for each of the
two ready interceptors. All building costs are based upon a rough esti-

mate of size and a cost of $30/square foot. The personnel facilities cost

is based upon having 65 people at a complex at an initial investment cost
of $14, 500/man. The $14, 500 is predicated upon Reference I and includes

initial training, facilities, original equipment, etc. The OSE costs in-
clude two sets of pad related equipment plus the control center related

equipment, modified as required.

Table 15-8 presents the Polaris Initial investment cost for facilities
and OSE. as well as the chip operations cost per year. The ship costs

are predicated upon reactivating a GFE C4 ship from the mothball fleet

and modifying it extensively, as indicated. The Polaris OSE equipment

cobt is assumed to be the same as the Minuteman GSE cost.

REFERENCES
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Table 15-1. Total Cost Summary (All Costs in 106 j)

Pt "(@Tone@ Minuteman Tihta It Polavis

batTable go/it Radar Milk Radar tolIN patar

A Afawarch. Dervelopment, Test and 16.1 116. 262. 10. j $ 11.4 6.

2 Inltial It~veatnent Per Launch 11-3 47.4 14.. M.1 U0.2 10.4 .0.0
I Annual Operations. Pt L.aunch 11-4 S.A 6.0 6.9 7.) '.5 4.3.

4 Reaureing Cost Pet operational 13$., 1. . 131, 4.1 4.4 3.0 A. I
Launc ..

Table 15-Z. Research. Development, Test and
Evaluation Costs (in 103 )

N o tem r• ar r i p t o I a b l e tO /II S I t S a a r LO AR R a d a r to / I n R a d a ,

I Systems Engr and Program MinA 0,400 t09 606 10,.00 11,000 9,400 11.00"
S Itomning "t. Development 1$-6 0,0o0 )0.00o 60,000 00,000 40,000 00,000

3 "eester Modification Development 5..4 11.700 11,A700 I$.000 I,000 10. NOO 0.6,010
4 rlight Teat

Launch Facilities 1-.7,10 214r111 1,46 4.44 4,14S S,000 o slow
loelisr GOL 15.,7's 1.4 ,10 £10 S,1$ 5,153 1,6,3S 4.6%
Doosser Proculr,."-1 Ite qdl 1.6 £1,740 17,140 39,440 33,440 11. 74" 11.760
Homing Stage fIL I-. 900 1,100 900 1,100 90 l. kf
Horn+if StAlore Proflmen •,1l6 r d r IS-11. 11,600 10,400 03,600 10,400 AS.40• , 0,400

Launch Operations 116 reqd) is.S,4 q3, 00 3,400 11,100 I1,6 5 00 ,600 9,440
Targets is000 13,000 A3,0040 45,000 21 004 13 000

1 Total R, D. T and Z 10, 303 101,91 30,040 13,S 340 1A0, % 01,39.

M

Table 15-3. Initial Investment Costq Per
Launch Complex (in 10- 3)

Minuleman I Ttai 1 , Polaris
MsfptnTable E0111% Radar t.0/lit Radar iLOs R14 Mada

I Land Acquisition end Preparatios -00 t 200 4f0 4100

0 ractlities 15-7,5 3. #00 3.4,00 S, lq0 S, ktoO s,3.0 if' SI P~ooelrr GS•E (M-,qlw,+redl ] S-7, 2, k. 1 I 2,+) k% 10 ,,'As S,-as$ 1 *4. J i Z.,), 6,o1Po. ,,,,. •++',+ IV) i.+ o4+ |,+ - +o I . . .,o -
4 booster Prdcur~rtt ~i~nd 3 10.440 tO, 440 147 4 I, M1 5. 1 0,4,0IS Homiinp Stee. GSS tDeHiired| Is-$ 4OV4 1,200 0o0 1,200 )q4l0 -i'1"", oosrr , C 11,,t,. ....... , 37 2'' g.,,o0 I,' ,,,,o .p O 3 i,:.3_ i_,.)3 1,.+5. .+.

6 "ornins StateP 1.3 Is 4.0 1,400 _ 4, f 00 11,400 4,4,,o I1',1 440"

Total_____________ _____ 17. 370 21,'470 4, 13 ~s. M3 If'. 03s AA.4"S

1.',.%
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Table 15-4. Annual Operations Cost Per Launch Complex (in 10 3

MinUtamnat Titan 13 Polaris
Item Descriptioa j O/I- - l - - I

7EOIIR Radar toJilo Radar EC/IR Radir

I Persronne Costs at SlSOOlmas yr 490 490 490 490 US t u5

2 ractititth. MA•nteneicie and
Operatlona

Utind.laaad at A.1 parcae
ul Item 1, Table I5.- 11st a0 300 .00

Ship-Based (5s. Table £1-.5 1,200 1, A4W

I Wuaster SSE Parti Consumptel I
at 6.6 aecn% of herem J.Table F51-7 171 117 345 US 175 171

4 booiter Parts Consumptimo
at 6i, p*rcent of Item 4.
Table IS.)plus I Doosa- 2.4)30 1,410 3.440 1.440 1.100 1.•"0

S Homing Stage GS0 Parts
Cenoumption it 6.4 pesasi
of Item 5, Table 11.3 so 00 40 s0 60 s0

"Homing 1.t1e Parts Cunsurlnsco,
at 6.6 percent uf Item 6.
rbilo I s. s plus I Homisas

Stage e.11 L,6)0 .1)s 1,600 i,'l C.6O0

7 Total 5, ,00 o 0)5o 6,70 -, 0jo 5,79S 6,1,0
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Table 15-5. Homing Stage Nonrecurring and
Recurring Costs (in 103 $)

Elect rn -Op~t ical /Infra. rod Radar "

Item Subsystem Description ~. c / f aa
Nonrecurring Rec.urring Nonrecurring Recurring

I System Engr and

Program Mgt $ ,1Q00 $ 7,000

I Structures 10,000 110 10.000 It0
3 Propulsion 10.000 $0 10.000 " 0.

4 Attitude Control 5,000 so S,000 so

5 Power Supply 1.000 0 1.000 90
6 Warhead 2.000 Is Z.000 is

7 Guidance and Sensors 19,000 7S0 30.000 10O

8 Integration and Test 5.000 57? S.000 S?7

Total Recurring $1,600 $1,900 .

10 Prototype Fabrication
and Ground Test 2.000 3.000

II GSE .000 900 7. l00 12,00

12 Launch Operations
(Flight Test) 300 300

13 Total Nonrecurring $60,000 $80,000

15-
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Table 15-6. Booster Nonrecurring and Recurring Costs (Bx 103)

M~mi~naaThem iPolari

Not. fl.ciptioman~umIl Recortial m~eawecrrUim kReau,*agi Oniwero"Mme fleurral

I U4jm imeging&~l

I b.tromp Ad.$.t .6 I 4 * 40

S. 0"S. w S..

4O~ad~c4 .4W 1.4IW

cos 1.4.. 7" irsag.00s I*0, 000
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Table 15-7. Minuteman and Titan I Initial Investe os fo
Facilities and OSE for One Launch Complex (In 10

No. Req'd
Per Launch

em Description Complex Minuteman Titan 11

I Facilities

Launch Pads 2 900 1, 100

Control Center 1 .230 340

Environmental Shielding 2 100 *200

Missile Storage Building 1 110 220

Spare Parts Storage Building 1 75 150

Maintenance Building t Qoo .225

Propellant Storage . 310

Umbilical Towers 2 200 400

Roads 
100 100

Powerhouse (Equipped) 84. 0 . 200.

Subtotal 
2,655 4, 245

Personnel Facilities 94..5 94.5.

Total 3, 600 5, 190

2 GSE

Pad Related 2 1, 870 3,740

Control Center Related 1 750 1,500

Modifications i 10 15

Total 2,630 5,255

15-9
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APPENDIX A

LINEAR ANALYSIS OF BODY
FIXED TRACKING GYRO UMSALIGNMENT-

The effects of gyro misalignment on roll stability uaing a body fixed

tracker and gyros and using a single engine. roll-to-maneuver technique

are considered.' Analytical result&, are obtained by assuming small angles.

to linearize the equations.

The results of the analysis show that the effect of the gyro misalign-

ment on roll stability depends on the sign of the misalignment angle. A

positive znisallgnrnent angle has a pronounced destabilizing effect, while a

very small negative misalignment angle has a stabilizing effect.. It is shown

that the misalignment angle is analagous to a negative roll control system

time constant and that with a misalignment A. and a roll control system time4

constant T, the effective roll control systemn time constant can be cc~nslde red

to be O'r - j3/w) where w is the LOS rate.

Tracking loop and guidance system dynamics are neglected. Constant "

ft . relative velocity is 'assumed and it is assumed that VR = -R. Proportional

3i~avigation with a dead zone (scalar bias) is considered for the guidance

technique. Perfect pitch and yaw attitude control is assumed.. thus the

interceptor acceleration is always normal to the LOS. A first order lag

for roll control system dynamics is considered. The coordinate system

used is shown in Figure A-1.

The kinematics equation with the assumptions stated is

*r xa1
T& 6 (A.l1)

.and the guidance equation is

a I X R rjJ wb A. 2

where

X= Navigation constant

V R = Relative velocity

A-11
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Figure A-1. Coordinate System For Gyro Misaligricnent Analysis
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= LOS rate vector-

a = measured LOS rate vector

T = R/VR = time to go

First order roll control system dynamics are considered

- .ro + I=* A. 31

In the presence of a yaw gyro miisalignment, p• with respect to the roll

axis, the measured LOS rate will differ from the Lrue LOS rate.

Z . +polyI rot W (A. 4)

where t and I are unit.vectors.
y h

Referring to Figure A-1, the acceleration aI can be resolved into

components along and normal to the LOS rate vector, giving.

S a -asin(, -e)l +a cos(o -o•)( (A. 5) .

Substituting Equations (A. 5) and (A. 2) into Equation (A. I) and resolving

into components along and normal to the LOS rate vector gives kit

Tit + lowa) 2 1 WW. -,X(•, In Wb) [T,. cos a, - + I" si.n a .

(A. 6)
Decomposing gives

Týt r 2w - (M - cab) osC(o - C) (A. 7)

Tw& X* M Wm hb sin( ) (A. 8)

Referring to Figure A-I, the triangle with sides w.w and P has

"interior angles of (0 - a). (900 + 0 - 0 ). and (900 - * + a). Using the
c

"law of sines therefore gives the following relations:

,,.cos(• - w)w sin ( -6) (A.9)
c c

and

Wi cos(9 - 9 C} =wcos( -() (A. 10)
M c

A-3ý



* � � �f"� �

4�

'S .........................................................

54 . .

Now, assume that� - remains small, thus either the time constant . 1

* 'r defined In Equation (A. 3) is small or the roll rate � remains small. Also

assume that - o remains small, thus u.�wcI�l. Thus let(� - � £ 6 and
- a) = p and neglect second order terms in 6 and p. Equatioi�s (A.7)

through (A. 10) then become

m b

(A.lZ)

= .�p (A.13)

* (A.14)

* These, along with Eq.aation (A. 3) are the equations to be solved.

Substituting Equation (A. 14) into Equation (A. 11) and solving for w

T� 1 d(T24 w) 3

d(TZ4 w)a�y -

T T

since dt -dT

I

- 2)T

WhenT=T.letw=w. Then *

b I

3�2 �TT

T *1
0and

� (A.16)
v� Wb lfo - t�2 Wb) �)

This is the solution for w whic)� Is used later in the analysis.

A-4
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Now, differentiating Equation (A. 13) gives

(LP +p4~ (A. 17)

Substituting for 4) from Equation (A. 11) and for p from Equation (A. 13)

gives6

.Z %2w-W - Wb'9 + -(j'. -(A.. 18)

Solving for Twa and equating to Equation (A. 12) gives

-X( Wb)( 6 + p) T3 + (2w - Xw + ~ -+ T4, (A. 19)

Diff-erentiating Equation (A. 3) gives

~0 +r (A. 20)

Substituting for ýCfrom Equation (A..20O). for p from Equation (A. 13), and

for 6 = - from Equation (A. 3), Equation (A. 19) becomes

Rearranging gives

Tw(T . X(w ~wb)(1' - A/w) (X- Z)P+ + X WOA.Z

The solution of this equation io of the form

-Mw-Wb)(T -P/u) (X - Z)A + -&Wb/W + Tw
~C exp [--.~-------- - dT] (A. 23)

where w is given by Equation (A. 16). The integral in Equation (A. 23) in

riot tcasily solved in general; however, the form -of the solution can be ob-

tained by considering the effects of the roll control systein and the yaw

gyro misalignment separately.

A..5



Consider the effect of roll conitrol system dynamics *only and.no yaw

gyro misalignment, x 0. Equation (A. 23) becomhes

-)T(UgW)=C Iexcp L+J T dJ (A. 24)

~~,U ~ +ixL~( w+~b~ (A. 25)

For X 4 and substituting for w from Equation (A. 16)

aC1 ex + . (A. 26)

r aT ;T b T

where

a Zw and b a(w - Zb)I 2

C ep IT +4w 7- I (A. 27)
ýa+bT

CC 4  (W -2w b) (TTT (A.Z28)

When

T T 0  '0i

Thus

W -TI/-
C1  T 4  0 a 0

and

"a,~~~ T h i 0eu l ( T )o e . . .( & ) (A . 2 9 )

This rsult sowq that for a nonzero time lag in the roll control system.
the roll rate will got large as the time to go T approaches zero. However, _

with a zero time lag the roll rate will be zero.
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Next consider the effect of yaw gyro misalignment only and a perfect

roll control system, -r = 0. Equation (A. 23) becomes

rA('~-w.)t~ -(N. - Z)A + X%~P/w + To, -

C2 exp [+f d"J (A. 30)

iC expL+( ~~dJ (A. 31)

Substituting for w from Equation (A. 16) and letting X : 4

~TV= C cxp + 2.wb. (Wo " b) )jj dT} (A.3) 3 "2

fimc • exp [- /ZbnT - Zw bT/P - I o( " 2w°b] T3A.33)

Sat T T

C2 =T*0  exp bTo + (o - 2.b) T"}

and •,

exik 2A4(T T) + (w 2W  (A. 34)

This result shows that a very small negative misalignment angle, , has a

stabilizing effect, slace the exponential goes to zero as PI goes to zero from

the negative side. However, as A goes to zero from the positive, side, the

exponential goes to infinity and has a destabilizing effect. Therefore, the

overall roll stability with gyro misalignment depends on the sign or direc-

tion of the misalignment.

Ul the case = 2W is considered, Equation (A. 34) reduces to
0 b

T~r (A. 3 )
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and Equation (A. 29) reduces to

0=~ 0 * (61 J A. 36)

Comparing Equations (A. 35) and A. 36) shows that the effect of the gyro
rnksallghment is analagous to a negative roll control system time constant.

Referring to Equation (A. 23), the factor (v -ý 01w) may be considered

to be an effective open loop roll control system time constant. Therefore
if the gyro misalignment angle is positive and large enough to result in an
effective negative tine constant, a serious instability in roll will result.

* U the misalignment angle I* negative and'lirge In magnitude, a resultant

sluggith roll control sy stem exists and the roll rate will get large as the
time to go approaches zero.

A-8
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APPENDIX B

STATISTICAL ANALYSIS OF MISS DI$TANCE

Because of the nond~ete~rministic inputs to the guidance system, the

measured output quantities of interest (the miss distance#) must be treated

-, in a statistical manner to arrive at some suitable conclusion with respect

to the performance characteristics of a particular system configuration.

Two outputs of each computer run were the terminal misses which

are denoted as Mh and M. . From the terminal misses obtained for each

set of computer runs for a particular value of noise and system parameters

a miss scatter diagram can-be generated. This diagram would provide

* . information on how large a nonfused warhead would have to be in order to

successfully destroy the target by collision.

The approach to be taken In determining warhead size would then be

to simply enclose all miss points in an envelope centered. perhaps. about

the tracker axis. This,'then, would be the required size of the warhead
for a nonexplosive interception. One disadvantage in such a procedure

is readily apparent. Since the number of samples (misses) to finite and

the miss concentration may not be well defined the warhead size might

be ;rosely under~sized or oversized. An undersized warhead would mean

that the probability of interception would be small. Conversely, an over-

sizecd warhead would probably guarantee a kill but at the expense of an
lot impractically oversized system.

For determining warhead size, it is more convenient to consider

the probability that the miss to less than a given number. Then, after.
selecting a reasonable kill probability the warhead radius could be found.

With a nonzero mean miss, however, the derivation of -the expression for

the miss radius for various interception probabilities is difficult. There-

fore, the equations relating the miss radius to the statistical parameters
of the miss ensembles will be. derived for a zero mean miss.

Several simplifying assumptions were employed to expe~dite the

statistical computations, namely:
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o The distribution of the miss in each of two directions,
h and p. is Gaussian. The mean miss in the h direction
is Mah with standard deviation ch and similarly the mean
miss in the p direction is Map with standard deviation

o The cross correlation coefficient of the misses Mh and Mp
is zero. This implies that the two misies are
statistically independent.

The equation for the estimate of the magnitude of the mean vector miss is

.M a M= (Ma'h +Map)
Mh Ma-

* .hii (b. )

where n is the number of samples (chosen to be 30). The estimated

standard deviations of Mh and M are
h p.

(B 2)
p n z Mp (B. 3)

CP~ = p '..

The probability that the miss magnitude r is less than or-equal to "

P(r) for the independent random variables Mhand Mp with zero means",.

and variances a and a1 is

2 Z 2P(r) = (N + M r• (B.4) "

where r is the miss distance. Proceeding formally

P~~r)M 2¶rrf ~ 2  Z B5r p

B-2.
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I Letting .

"' PW h prhcog W (B. 6)

,,'-" Mp ffi $ein Wi
p

with the Jacobian D• h a
h W P~h' (B. 7)

P/- Pph&p

Equation (5) after substitution becomes

1 r-w

Jo h 'h

~ph 0ooh J
(B.9)

P(r) J p exp Ir+

wher .1Cos]d }dp (B.l10)

-wherethe bracketed term is a zero order Bessel function of the second

kind. Eqtiation (B. 10) has been numerically evaluated for several values

of P(r) and is presented in normalized form on Figure B-I. Here. the

normalized factor a which is the ratio of the standard deviations in defined

such that it is bounded at the values zero and one. Hence

B-3
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Figure B-I. Ratio of Miss R~adius to Larger Standard Deviation as
a Function of Interception Probability
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f: "P *a
for V

A
hA .(B. .11)

* .for w a

hh

The two special cases occur when a =.0 and a = 1. For a = 0 the

distribution is Gaussian and hence*

fri Ze

Jr e I dp B. 1)

For a = I the distribution is Rayleigh and

Z
* - r

Zr1
P(r) = I - e (.13)

In addition to the circular probability radii given.by Figure B-I it is

useful to place a confidence interval on-the miss radius. With this additional

information a more conservative estimate of warhead size can be made.

For a particular interception probability P(r) and for a fixed a the miss

radius r is

r K w (B. 14)

For a 1

a/j I + cr Z

r Ka K - .V -- rL •B. 151

The miss radius computed from n miss samples is denoted by r* and is

r* =KA I(B.16)

where S1 and S are the sample variances.

B-5
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4.t.

Hence

r* S(B .S (..17)

For the estimated (iL. e., computed) r* to be within 4 at its true value

I E <_ T I + f. (B. IS) .... ,

S2
Squaring and multiplying by n, the number of samples

n({I- s.)n(zl*)2 h(l + - (B. 19)

Now

2 nS 2 nS 2(---nx,,t I - +z 2 r (B. 20)_'::•:

where nS 1/Z is a X variate with n - I degrees of freedom. Also.

ns- is a X2 variate with n - 1 degrees of freedom. Therefore, the sum

n 

s*.

is a X) variate with Zn'- Z degrees of freedom.

Hence

P [X(..,1 n X 2 1 a ( 3.21)

where a is the confidence (probability) that n(r*/r) lies between 1 2 and

The bounds X I and X are chosen in a conventional manner such

that

2 dF .( dF (X ) :1..- (B.ZZ)

"0 .X2
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Where Fn(X ) is the chi square distribution function. For n'= 30 samples.
oTl~I= I and a 0.95 (a 95 percent confidence interval),

'i =0.19 (B. 2 ) i~

Hence

0. 81 !E r* 1 .19 (B. Z4) "-
r

Inverting

This inequality, then, gives the 95 percent confidence interval on the true

miss radius as a.function of the estimated radius.

The confidence interval derivation for 2/wl= 0 is similar to the

preceding.

For w t 0

- l~B. Z6) ,
r all

where Si is the estimated-standard deviation. Bounding the estimated r*

as before

- * +- 4z ( ,B. 27) i-r -

and

(1 n( ~n I + t2 (B. 28)

Where n(r*/r) is the X variate with n I degrees of freedom.

Hence 2 z
P n "• a (B. 29) *

Where X i and X are chosen to satisfy Equation (B. 22).
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For a 0.95 and n 30

Since the inequalities of Equations (B.Z5) and (B. 30) do not differ

drastically from tach other a straight line approximation to the percentage

confidence interv;al for 0 cL I~ has been made. The 95 percent confidence

interval for a 0.95 interception probability is shown graphically'on'

Figure B-Z. This graph was used in the computation of the miss Ai~tance.

3.5

3.0

2.51 . ~2.0 4 i

Figure B-Z. Ratio of Miss Radius to Larger Standard Deviation for I
M5 Peiccnt Interception Probability
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APP�ND1X C

DEVEt.OPMENT OF RADAR PARAMETRiC EQUATIONS

1. PARAMETRIC RELATlONSI-IIPS FOR A RADAR SEEK1�R
Let us consider the signal-to-noise ratio per pulse for-a conventional

pulse radar (starting the analysis with a pulse radar causes no loss in

generality).

P*LG
4-. 44 t t ii � I �

-. .. where

s/N Peak signal-to-noise ratio per pulse

L System loss factor

= Peak transmitter powert

* �44. R Range

A = Antenna area

p Antenna efiiciency

Target echoing

B Bandwidth -

K Boltaman's constant - 1.38 wattslcpsl0 K

T Effective noise temperature of the radar receiver
E

The terms in Equation C. I are arranged to illustrate the flow of power.

The first bracket represents the power density at the target (power trans-V. initted x antenna gain .- space loss). The second bracket is simply the re-

ceived power density per unit power density at the target.

For a single pulse matched filter, the bandwidth B is approximately

the reciprocal of the pulse length t. Substituting, we have

PtTLGt � £
S/N: -�- -i- pA �- (C.Z)

4iiR 4'*

C-i

*1
I

* 4 -.
....................

* . . . ** .' ** . . . . . - .. *. . . *. . . - -w< * � . . .. .. * * . . . 9. . . .*.. **- . . - . . -*. .*. -.4. .x * * * *.. �-.
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If we integrate mnpulses coherently, the resultant output signal to-noise

ratio is

L(P mnr)G

047r; 4wR

Now let T, be the total time of coherent integration. The basic transmitter

quantity of interest is the energy transmitted during the integration time

E.MTa n (C. 4)

under the assumption of coherent integration, where P is the average trains-t
) mittal power.

For a CW radar, this is equivalent to assuming that

B T 1I (C. 5)

and the peak transmitted power Pt equals the average transmitted power'

P.
av

Consider next the relationships among the antenna related parameters

and the field-of-'view. The ephemeris errors dictate a certain areaA

over which the radar must search for the target. At the minimum accept-

able detection range Rmthis corresponds to a solid, angle

i2=4"f- 7 I= (c. 6)
in in

neglecting curvature corrections. If we assume for the moment a perfect

antenna. then the gain Gt is assumned constant-over the solid angle w cov-

ered by the antenna beam so that

0' p4wb.&a (C. 7)

where p is the aperture efficiency.

The departure of the gain from a constant over the beamwidth will be

included in the beam shape and scanning portions of the loss factor L. In



order to obtain a total time of T. for integration, the antenna beam musta
ilumninate the target for T~ seconds. Therefore a total time of

T T seconds (C. 8)

will be required for the antenna beamn to scan the required field-of-view.

In this amount of time the target, which is traveling toward the interceptor

[ ~.at velocity V. can close a distance of

A= VT (C. 9)

.. To incorporate ofes detections let-us return to Eqain .3 The

s igal-o -noie rquied fte inegrtio'(SN) s dterine bythe re-
quied robbilty f dtecion(and vice versa), If we define R as the

00

4 P tT 1GpAw.L

(4wv) MCT

or

(4wT) KT 4 C~l
t L'T iGpA~r 0

Substituting the relations in Equations (C. 7) (C. 8) and (.9)

KT
Pt 4 0 4

P AT

4 n

In Equation C. 13 we have delineated the significant parameters af-
fecting rad.Lr performance. The quantities in the first brack~et are only
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sorne••&at dependent on system design and choice of frequency. The quanti-
ties in the second bracket are dictated by the problem. The third set of
quantides

Ro/Rm)4 (a / ) (C. 14)

is the ratio of signal-to-noise at Rt o the fraction of R traveled in a
scatim ie T. Since the other factors in Equation (C. 13) are constants (ex-
cept for slight variations with choice of frequency), this. last ratio (Equa-
tion (C.14) should be minimized to. optimize the transmitter power .

',1o

Subsequently we will show that the minimum of Equation (C. 14) is a
funcliza only of the cumulative probability of detection P required at the

speci•ited range rms that is

(T-F /AsvR ~rawPc
.t 41r kT L. C Lc.,5)

where

"a(Pc = optimum signal to noise Ro/Rm required to
achieve the cumulative probability of detec-
tion PC

,(Pc) optimum A/R for the required Pc (C. 16)

The-eiore from Equation (C. 15) we can see the interrelationship of the pri-
Smarr parameters in system performance. The required radar power
var~es linearly with the ephemeris uncertainty area, the closing velocity
and with the minimum acceptable detection range. It varies inversely with

the iatenna area and the target nominal area. %

The linear dependence of Pt on (A6 , Vc, R ) is most significant.
c M

"This relationship otmphasizcs the significance of improving the ephemeris
and reducing closing velocity by favorable attack geometrics. It also sug-
gess that improved detection range may be achieved at a rather moderate
cos in radar investment, thereby reducing peak homing stage acceleration

and fuel requirements.

It is also interesting to note that frequency does not appear explicitly
a.%lough the terms (N--, L, •r) may have frequency dependence. Frequency

C-4 'V-! I,.
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does enter in a crucial way. however. We have assumed that the prede-

tection bandwidth B is matched to the time on target Tit thereby achieving

coherent signal processing. This requirement ii difficult (perhaps impos-

sible) to achieve exactly in practice, requiring extremely narrow antenna

beamwidths and hence very high frequencies. These high frequencies are

undesirable from the viewpoint of noise temperature T.. efficiency of power

generatLion, and the difficulty uf pointing and sweeping a narrow beam

antenna.

These considerations will force us to consider nonoptimum signal

processing. As shown in Section 3. nonoptimum, signal processing, i.e.,

noncoherent or post detection integration, can incur additional penalties

of from I to 5 db. Also, it is important to note here that with nonoptimum,

processing the desirable linear dependence of power required with range

io bpuilcd somewhat, perhaps approaching a square relationship.

Z. OPTIMIZATION Or SCAN TIME

Consider the minimization of Equation (C. 14). The object of the radar.
design is to achieve a certain cumulative probability of detection Pc at the

specified range Rm with the specified parameters .of target size. closing

velocity, antenna aperture. etc. From rather extensive analysis by

Marcum. Swerling. and others. the probability of detection on a single

look, the so-called "blip-scan" ratio, has been determined for constant

and fluctuating targets as a function of R/R or equivalently (SIN)'/4.
0

Denote this ratio (probability) as p(R/Ro).
.0

If we assume the target is fluctuating (scintillating) with- scan-to-

scan independence, then. since the final scan must catch any particular

target before it reaches Rm* the cumulative detection probability for that

particular target is

P , 'W A) P R + I& J C.17

where

R R' R +A (C.18)m m

C-5
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Since the target can be anywhere in the interval specified in Equation (C.18)

with equal probability, then the overall cumulative probability is

P(Rm A)m• f P1 (R'. A.) dR' (C. 19)

RC

The required optimization is to minimize Equation (C. 14) by choice

of A. subject to Pc(Rma A) from Equation (C. 19). being equal to a pre-

scribed value. Increasing the interval Aincreases the time for coherent

signal integration and thereby improves the signal-to-noise ratio. This

results in an increased blip-scan ratio. On the other hand, increasing A
decreases the number of looks at a target, and hence, tends to decrease

PC. As might be expected. there is an optimum (A/R y•). This optimi-

zation has been addressed by Mallett and Brennan and Dishington. The

results of the analysis by Mallett and Brennan are presented in Figure 4-1

anTd 4 •o" Volfumie 1.' Figure 4-1 displays the signal-to-noise ratio C re:-

quired (out of a predection filter matched to the time-on-target) versus the

desired probability of detection PC for two false alarm numbers n of 10
3C

and 108. Figure 4-2 shows the dependence of the optimum scan ratio

A/= R m) on the desired PC. Only the results for the most severe.

(Swerling Case I) type target fluctuations are presented here.

The false alarm number n is the reciprocal of the false alarms per

look at noise. This number is computed as follows. A practical radar

which achieves a performance almost equivalent to the assumed perfectly

coherent system will generally have a number m of narrow band filters (of

bandwidth B). Each filter is looking at noise and the number of looks per

second is mB. If the average time between false alarms is specified at

TfaI then

n (looks per second) (false alarm time)

or

n= mB T fa (C. 20)

Conservatively. m = 100. B = 100 and Tfa = 104. so that n = 106 or less.

C-6
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3. IMPLICATIONS OF COHERENT SIGNAL PROCESSING

Fundamental to the previous analysis has been the assump3tion that

the. r.dA~r signal has been processed coherently. This means that in effect

the predetection filter is matched to the time-on-target Ti. The radar sys- ..

tem detection configuration comprises a bank of doppler filters of bandwidth

(l/T I each of which is followed by a square law detector which directly
feeds a threshold circuit. No post detection integration (filtering) is called -

for. The target echo pulses are thereby integrated coherently in the dop-

pier filter'for T. seconds. One advantage of this configuration is that since
the signal is integrated prior to detection. the signal-to-noise ratio into the
square law detector is high, thereby incurring only a small degradation..

VC (RELATIWV VLOCITY)

INTEACEPIO

1,,

Figure C-i. Typical Geometry at Target Acquisition

The most basic difficulty in achieving the requisite narrow doppler
bandiwidths is simply the rate of change of doppler shift as the target closes.
To il~ustrate. in Figure C-1 we have shown a typical geometry at target
acquisition indicating the LOS to the target and the relative velocity V~
vector. We shall assume that the magnitude and direction of this relative
velocity are accurately known. The dt.ppler shift is proportional to the pro-
jection of the relative velocity onto the LOS

2Vi

R co (0.21)

where e is the angle between VR and the line-of-sight.

C-1
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Now each filter preceding a detector/integrator must be wide enough so

"that the received signal remalns in the bandpaus of the filter for the inte-

I':.. gration time. i.e.,
i...-• B iT' (C. 2 Z)

*;. On the other hand there will be a minimrum bandwidth that will be achievable

considering carrier spectrum width, availability of components, etc.,

therefore .

B-Bmin (C.23)
• .

as well. t

From Equation (C. 21)

R- (Rcos a VR sin eI (C.24)

Now

$in 0 (C.25)

where M is the nominal miss and R is .the range to the target, so that

Mvii

cos0 Cos o (C.Z6)
R

Substituting m into (C. 24), we obtain

In this proble-m we assume V to be constant (no target maneuvers). so that

M2

.2 T (C.28)
R

Now, the number of pulses N that must be integrated is given by

N BT. (C.29)

C-8
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For coherent processing, N = 1. so that

T r (C.30)

This is not usually the case. and we. must compute N as

N ji ~ B~T (C. 31)

Now, the time or; target is

R m RZ ( Z"

•TL =.T a a iT (C.32)
R s

assuming a beam dimension of X/D. Therefore

2 MtZ Rk3 X14.

N D • BiT (C.33 3)

However. we can see that N is largest at the maximum miss M. so that with

M 3w and recalling that
bU

As (3,'a (3wb) 1 (C.34)

we obtain

N 7z Zz, = B T. ( 3 5)
72a D1 D~ min C.5

The loss corresponding to N#i= I is given in Figure 4-4 of Volume I. For
example. N = 3.

4. OTHER LOSS CONSIDERATIONS

Two other loss phenomena should be considered, eclipsing and modu-

lation. A pure CW system appears to be ruled out by considerations of re-

ceiver isolation. An attractive configuration for this intercept task is an

ICW.system using PRF tracking for range rnformation. In this system. the

C-9



transmitter is turned on for the tround trip period to the target and then

switched off to receive the incoming echo. Before the target has been de-

tected this range is unknown an~d a. progragned PRF mu~st be used.L The

discrepancy between the actual range and the programmed range will cause
the transmitted pulse to overlap the received pulse causing an effective

loss in return signal energy. This phenomenon is called eclipsing. An

estimate of this loss for the case of detectiou at 125 n ini with appropriate

. ephemeris uncertainty in range yielded a loss of 0. 5 db.

C-1O
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APPENDIX D

RADAR ANGLE ERRORS

1. INTRODUCTION

Two contributors to the tracking noise in a monopulse tracking radar

are random fluctuations in the phas'e front of the received signal called
anglo noise, and random fluctuations in the amplitude of the received hgs-

I...

nal called amplitude noise.

The random fluctuations in the phase front of the received signal

result from the interference of energy reflected from various scatterers

on the target. Because the tracker uses the phase front to determine the

radar target direction, the result is an apparent target motion. The

return signal amplitude noise causes apparent target motion due to the %

fact that amplitude fluctuations cannot be completely removed by the auto-

matic gain ciontrol.

In this study a target model will be used to assess the effect of AG"

and tracking circuit bandwidths on the magnitude of the tracking noise from

these two sources. One target model advanced by R. H. Delano, and later
3

used by R. B. Muchmore. assumes that the target consists of an infinite

number of scatterers with equal amplitudes and independent, random,

phases. Equal amplitudes are assumed to make the results expressible in

a readily usable form. Due to the form the approximation takes, the

results do not lose appreciable significance as a result of the approxima-

tion of equal amplitude scatterers. From this model, conclusions can be

drawn about the character of a general target.

Z. AMPLITUDE NOISE AND ANGLE NOISE

2
R. H. Delano determined the error signals introduced into a conically

scanned tracking system by the fluctuation of the phase front and amplitude

of the received signal. Although the results were obtained specifically for

a conically scanned system, the results apply to essentially all linear

tracking systems. This is due to the fact that all such systems develop a

modulation on the signal from each scatterer which is in phase with the

unmodulated signal from that bcatterer. From Delano's study, the error

signal present, after linear detection of the scattered signal is given by

D-! "
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error signal E =U +U b.

where

U Gaussianly distributed angle noise with a meanUa .

square value of

a 0
1=rb° £.

d Distance from the tracking axis to the individual. scatterer n and R. is the range from the radar
to the target

Ub Ebot -E is the Raleigh distributed output of the detector,
bo is the error signal per unit angle error between the
tracking axis and the target, and t is the angle
between the tracking axis and the mean radar center
measured in a signal tracking plane.

For the case of no automatic gain control or a slow AQC. the error
signal E is substantially unchanged and is given by

Es -bore + U (D. 3)

which may be written is

Es =-bo +a (D. 4)

The first term (-b at) in Equation (D.4) is a restoring term pro-
0

portional to the angle a, between the tracking axis and the radar center.
The second term [b. (r, - E)J is an amplitude noise term with a mean
value of zero. and a magnitude proportional to the instantaneous value of t.

The third term is the Gaussianly distributed angle noise.

For a *ero time constant AGC, the error signal given by Equation (D. 3) ii
is effectively multiplied by !1E. and hence becomes

Es = -botE + (D. 5)

The amplitude noise term is not present in Equation (D. 5) to give.

spurious tracking signals, however, the angle noise term is no longer U
a

but tUa /E.

-7
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U a is Gaussianly distributed and E is a Raleigh distributed

variable. Then the term U /E is a special case of the Student t. distribution.a
The resultant distrib~ution is wider than the Guassian. distribution of

The rzns value of a true Student t distribution is infinite, resulting in an

infinite power in the angle scintillation spectrum of a zero time-constant

tracking system. This is not a realizable system because the power in the

scintillation spectrum will always be finite due to the electric time con-

stants and phyaical inertia of the syst~em. 'Thus. a fast AGC while increas-

ing the angle noise, -will decrease the tracking noise due to amplitude noise.

4
Dunn and Hroward have assessed the relative merits of slow and fast

t-y; automatic gain controls. The comparison was made by simulation of an

enti._e tracking system including the AG, and the closei loop tracking

circuit, and the radar target itself. The spectrum of the amplitude noise

in the signal simulating the target (with -the bandwidth suitably scaled) is

shown in F ig%"e 4. 1lb.

Thel results of that study ibndicated that a fast AGO would give lesi

total tracking noise than a slow ACC under practical tracking conditions.

This may be seen from Equation (D. 4); the amplitude noise induced angle'

scintillation, b i OE - E), with slow AGO is proportional to~the anglet

between the tracking axis and the mean radar center of the target. Be-'

cause this term' is small in a fast AGO, and because the angle co~isella is

independenx of the angle t, there is a relatively sniali~value of t (about

one-half body length), above which the slow AGO tracking noise exceeds

the tracking noise v'ith fast AGO.

In Section 4 of this appendix it is shown that the total spectral width

of the tracking noise will be 0. 4 cps as contrasted with the 1. 4 cps total

bandwidth noise used in the siniulation by Dunn and Howard. However.

the results obtained in the simulation will be appropriate to this study if

the simulated bandwidths are scaled by the samne faLt.Jr is the noi.ie band-

widdis. The results of the radar siirnulation by U~unn and $~oward are shown
in Figure 4-11a of this report with the AGO and tracking bandwidths suit-

4 ably scaled.

.,SERVO DYNAMIC LAG

It wais found in Section Z that the trackins nRise induced by target

amplitude noise was a function of the antenna pointing error. In this

D-3
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section. an expression will be given for the tracking lag, under proposed

tracking conditions of a prograuued.2. rar/rac. LIDS.

For the AN/FPS-16(XN- 1) 5 radar, the relationship between the

dynamic tracking lag and the tracking-servo bandwidth is given by

49 T T iL.. + higher order termse (D. 6)

where
AG 0 Tracking lag in rnr sec

WT Line-of-sight rate in mnrluec

W First derivative of LOS
'e 1ý T rate in mr/secZ

BN Bandwidth of tracking servo

As suming a similar relationship between the tracking bandwidth and

dynamic tracking lag, and for the case

W T -2 mr/sec

T

B N =1. l5 cps

Then

AO~ 0. 5 mr (D. 7)

Expressing the tracking lag in feet at the target:

at I mile range Ae(ft) 0. 11

at 10 mile range AO(ft) 1. 1

at 50 mile range AO(ft) =5. 5

4. SCINTILLATION SPECTRA

The portion of the angle and amplitude scintillation spectra which

fall in the bandwidth of the AGO and tracking circuits determine the actual

effect (, e -cintillations on the tracker. tistequeiMportant to
krow the widths and general shapes of the spectra.

D-4
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The actual angle scintillation spectrum shape is a function of the

AJGC bandwidth. As a result,- the angle scintillation spectrum for no AGC

'l]l be given here as a guideline for the actual case where a fast AGG

-night be used. The AGC chosen would not change the width of the spec-

urxn, only the shape. In addition, the total power in the spectrum (area

an~er the spectral density curve) will be a function of the pointing, error

between the antenna axis and the mean radar center of the target.

Then, as. a guideline for the actual spectra, the normalized scintil-

iation spectra for no AGC will be derived for two idealized- cases, a closing

range on a stabilized target, and a constant range rotating target. The

ipectra shown are normalized to unity area, the actual area would be

•equal to the variance of the tracking noise power (which is estimated in

tbe text of this report).

4. 1 Spectrum for Closing on a Stabilied Target_

Assuming an interceptor to be closing toward the center of a non-

rotating target, the spectrum w'dth may be obtained by referring to

Figure D-1.

If the closing velocity to the center of the target is V 0 , the closing

vtelocity to the periphery of the target is (V 0 cos 0).

The differential closing velocity is given by

Vd V(l - cos 0) (D. 8)

TARGET

INTERCEPTOR

Figure D-1. Target Geometry

using the approximation for small X

" I" *""2"(D. 9)
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Equation (D. 9) becomes

.22

v -- o - - (D. 10)

Vd-- sin 0 (D. 1l)

for small 1

sin O

then

V 02' '

oV d2: z (D. 12)

The difference doppler between the center of the target and the peri-

phery is given by

2V
fd df . (D. 13)

where f is the carrier frequency. c is the velocity of light.

Combining Equations (D. 12) and (D. 13)

- 0 0 (. 14)

For a target diameter of 10 feet, a closing velocity ot I , 000 feet per

second, and a carrier freiaerncyof 10 kMc
0.09

f W% .09 cps (D. 15)

whiere R is the range in statute miles, fd is the spread of the doppler

spectrum for the specified geometry.

From Muchmore, the spectra for U the Gaussianly distributed.

error signal is

W(Ua) = •;01- f i•fd (D. 16)
a dd

W(U ) - 0 ; elsewhere
.a
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The normalized spectrumnW(U ). for a 10 foot target is shown in
Figure D-Z.

z
1.5* .

z

0

,- 0 0.25 0.5 0.75 1.0

eL FREQUENC'Y/MAXIMUM DOPPLER FRE-QUENCY, '/fD

*FOR A 10 FT TARGET AT A RANGE OF I MI, f D = 0.09 CPS

FOR A 10 FT TARGET AT A RANGE OF 10 MI, F D = 0.009 CPS

Figure D-2. Spectral Density of Angle Scintillation for Closing Range

4.2 Spectrum for a Rotating Target

The width of the angle scintillation spectrum of a rotating target at

a large range may be calculated from the expression

4d wc rdfo (D. 17)

-D-

Id z
wh r

id0Setu it
f rqec frttino h agti p

d- = Legho0tetre

Figure ~ f =2 ScTralDnsmitye ofreAungl ciny lto o lsn ag



For a 10-ioot target. -and a transmitted frequency of 10 kMc

fd 1258 f(D.)

The spectrum is (from Muchmore)

ffi I 2 "f f2 .13)3W{a) -T ~f (D. x 9)

The normalized spectrum. W(U )a for a 10-foot target rotating at
2 mr/sec, is shown in Figure D-3.

S5.0

u
Z

0
I.-

N

2.5
0z

0

a.

0 0.1 0.2 0.3 0.4

FREQUENCY (CPS)

Figure D-3. Spectral Density of Angle Noise for a 10-Foot
Target Rotating at Z mr/sec
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APPENDIX E

CALCULATION OF TRACKER NOISE EQUIVALENT FLUX DENSITY

1. INTRODUCTION

The noise equivalent flux density (NEFD) of a conventional carrier-

type electro-ootical tracker is used to express the' signal-to-noise ratio

at the output of the tracker prearnlifier, or intermediate frequency
amplifier. A knowledge of 'NEFD is essential in a determination of the
required aperture diameter for given static-tracking accuracy or in a

discussion of the problems of target acquisition.

Two variations of the same optical system will be discussed, one

in connection with the'copper-doped germanium detector and the other
in connection with the photomultiplier detector. Both systems will
employ parabola-flat collecting optics of about f/3 relative aperture.
When used with the copper-doped germanium detector, which is back-
ground limited, a cone channel condenser will be used in addition to re-

strict the amount of background radiation falling on the detector and
hence decrease the NEFD. Collecting optics alone will be used withthe
photomultiplier which is also generally background limited by visible

spectrum photons.

Although it is an assumption not crucial to the calculation of NEFD,

tie tracker type to be assumed is a fixed reticle FM system.

Z. CALCULATION OF THE NEFD OF A THERMAL TRACKER
EMPLOYING CONE CHANNEL CONDENSER OPTICS

A tracker designed for operation against a greybody radiator at
2500K must have a detector capable of operation somewhere in the spec-
tral region of 6 to 30 microns. There are two basic possible choices of
detector and filter. One is the spectral region of 6 to 14 microns which
includes 40 percent of the radiated power; the other is the spectral region
of 8 to 30 microns, which includes 77 percent of the radiated power.

Both spectral regions can be covered with copper-doped germanium, the
limitation to shorter wavelengths being accomplished with a cold barium
fluoride or Irtran II filter. The complete 8- to 3f-micron region gives
a greater amount of effective target radiation, as well as a decreased
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amount of background radiation and is the region to be considered in

this calculation. Operation in the 6- to 14-micron band, although not

optimum from the point-of-view of maximum signal-to-detector noise or

signal-to-background ratios is more convenient in terms of filter and

window availability.

The calculation of NEFD is based on the definition of the detectivity.

D*, of the detector

D* =•(E. 1)

where

Ac' Detector area, cm,

A Noise equivalent bandwidth, cps

NEP = Noise equivalent power, watts

the NEFD is then

NEFD - 4 NEP = (E. 2)
qTj D D* w DZ

In this equation

D Aperture diameter of optical system, cm

SSystem efficiency

The detector area, A c can be found from the size of the field-of-view

and the relative aperture of the collecting optics if the use of a cone chan-

nel condenser is assumed. The reduction in detector radius obtained by

use of a cone channel condenser is I

C I
S2(fl)

I D. W. Williamson.. "Cone Channel Condenser Optics," Journal of the Optical

Societv of America, vol. 42, No. 10, pp. 712-715, October 1952.
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where

C =Radius of the detector

S = Radius of the focal plane

(f/) = Relative aperture of the collecting optics

therefore

The value arn is the radius of the field-of-view in radians and F is

the focal length of the collecting optics.

The noise equivalent bandwidth, Af, can be found in the terms of the
modulation index., M(er), and the data. rate, n

Aft ZM( m n (E. 3)

Substituting for Ac and Af in the equation for NEFD gives

NEFD= Z .--• [M(0 1  (E. 4)

-EF 2 D*'7 -n{.4

The value of D* for a BLIP detector can be found from the equation

(NA)t Bt

'(AL CB-
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which compa.res the BLIP fl* in the telescope in question to that under

test conditions. (NA)t and .(N.ý) are the numerical aperture under test

and operational conditions respectively. t Bt and e B are the background

emissivities, and q* is the peak vaiue of specific detectivity measured

under test conditions. It has been assumed, as is proper in a cone con-

denser system, that only thermal energy from the mirrors reaches the

detector, This is a good assumption if the cone condenser is cooled to

detector temperature.

Therefore Equation (E. 4) becomes

OnFI, =' O[M(O_)n]1/2 (NA), B'/ 2DE• 2N~ I;i' (E. 5.).
V D* (NA)te 1 'D

t t t B 1

Without the cone channel condenser

NEFD z 42 [ 2 (E. 6)

Using the equation for BLIP D*, this equation becomes

%,B/z [("' 1/
NEFD = 2/,L D*' (NA)t ,12 (E. 7)t Bt ,1l

which differs from Equation (E. 5) by the factor I/NA. For an f/3 system,

therefore. the NEFD with cone condenser is a factor of six smaller than

that without, provided comparable optical efficiencies can be maintained.

Generally the optical efficiency with cone condenser is lower than that

without so that a net improvement of less than a factor of three can be

expected.
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Assuming the following values

a. 4 mrad D* = 3.2 x 1010 CM6cms wat
na t

M( I) q = 0. 2 with cone channel condenser

f/3 vl = 0..5 without cone channel condenser

n 50 sec'1  (NA)t = sin 30 degrees

iB 0.04

.Bt 1.0

the NEFD with and without the cone channel condenser can be plotted (see

Figure E-1).

3. CALCULATION OF THE NEED OF A REFLECTED SUNLIGHT
TRACKER USING A PHOTOMULTIPLIER DETECTOR

Equation (E. 2) can be rewritten in terms of (NEP) the noise

equivalent power per unit bandwidth,.-

NEFD= .EP)* (E 8)
6 1 6 6" IDr •

6 and 6z are the optical and electronic efficiencies of the system

respectively. Here again the noise equivalent bandwidth is given by

Equation (E. 3). The value of (NEP)* for a photornultiplier in the back-

ground limited or shot-noise limited state is proportional to the square

root of the cathode current in the photornultiplier. The cathode current

is inturn proportional to the amount of radiation falling on the photocathode.

a function of the effective aperture area and the field-of-view of the optical

system.

(NEP)* K [6 (1D) ( )z] l/

D. W Williamson, "Cone Channel Condenser Optics. Journal of the Optical
Society of America. vol. 42. No. 10, pp. 71Z-715. October 195 7

E-5



to

- NO CONE
a CONDENSER

U

CONDENSER

to I0 100 Wo
0

APERTURE OIAMETER(CNi

Figu~re E-l. Noise Equivalent Flux Density Versus Apcrture Diameter
for Thermal Tracker
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The value of K for a 7265 photomultiplier with the night sky as a

background is 3.86 x I0" 13 watt cm" 1 ster" 1/2 cpsa ./.

NEFD = Im (E. 9)
1/2

61I 6z D

Equation (E. 9) is plotted versus the aperture diameter, D. in Figure E-2.

4. ACOUISITION NEFD

During the Acquisition procedure, the tracker telescope will be

scanned to cover, in a methodical fashion, the whole ephemeris error

volume. The output of the preamplifier will be compared to a fixed

threshold and the scan will continue until signal exceeds the threshold.

This method is an example of the Neyman-Pearson test of statistical

hypotheses in which a threshold is set at a fixed threshold-to-noise ratio

determined-by an acceptable false alarm rate or probability. The proba-

bility of detection of such a test is a function of the exc'ess of signal over

threshold in units of rms noise. The rms noise in terms of flux'density,

the NEFD. must be known before the threshold can be set or the prob-

ability of detection determined.

The NEFDjis best given for this purpose in terms of the solid
Q

angle per channel per second searched during acquisitionN --. - 'gsth.

dwell time of the telescope on a point target. N is the number of detector

channels,and n is the instantaneous field-of-view of the telescope. In order

to obtain the best possible results during acquisition, given the tracking

optics and detector, a separate matched filter preamplifier of bandwidth

Af will be used and

in general-this bandwidth will be narrower than that required for the fre-

quency modulation carrier so that the reticle will not be used.

Equation (E. 8) for the photomultiplier case can be re-evaluated

using this expression for the noise equivalent bandwidth.
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i::' • ZK_ G
NEFD=

S/ 6(D .0)

A ei-ailar expression can be obtained for the case ofa copper-

"doped germanium detector and cone channel condenser optics using

Equation (E. 2) and the equations

and

i 'z 2 D
A D 0 m =.

- the expression is

i quations (E. 10) and (E. 11) can be used to determine the peak

•.,.searhedper secoi~d. The noise at the amplifier output, that at the

t t

t~t
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Zq s (E. 10) an ( 1 ca b
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APPENDIX F

THE EFFECTS OF EARTHSHINE ON TARGET INTENSITY

1. CASE OF A DIFFUSE REFLECTING SPHERICAL SATELLITE

Consider the target- intercepto:? geometry of Figure F-1. If it is

assumed that the interceptor altitude is roughly the same as -that of theP

target, and if acquisition begins at a target- interceptor range of 50 to.

100 n mi. then P-- in/(Z 3 in the casez of interest. Cunningham 1

has calculated the total reflection radiation on a satellite tak 'ing the. solar
constant as 0. 1353 watt/cm and the earth's albedo'as 0. 34. Looking at

the case for P =90 degrees, at an altitude of 100 n mi. one can use

Equation (F. I)

where W Hj 1-(Zr + l/r -(2- 1/r) (r 2  1)1] Cos ~ (.1

H =Solar constant

V a Earth aibedo

r =Target radius from earth center in
units of earth radius

=Sun angle from target satellite earth
perpendicular

Fur the parameters stated above

2I
W = 90 milliwattu/cm2

The area over which the irradiance, W, is applied is the projected area

of a spherical satellite as seen from a point on the earth. The irradianace,
W, is sizable compared to the solar constant of 140 mw/cm even con-

sid,:ring the fact that the reflected radiation is nonuniformly distributed
over most of the satellite surface. rather than over a hemisphere as in

the case of direct solar illumination.. '

F.G. Cunningham, "Earth Reflected Solar Radiation Input to Spherical
Satellites." 6B§S rntl. 32. 7 (July. 1962)
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Figure F-I. Geometry for Determining the Effect of Earthshine

To determine how much of this radiation is received by the tracker

in the interceptor, some approximations may be made. To a first

approximation the earth reflected radiation can be assumed to produce

uniform illumination over the lower hemispherical surface of the spherical

satellI*e.

Under this assumption the earth albedo acts a. a secondary solar

source and for P = 90 degrees, it illuminates the satellite hernisphere

away from'the sun. Therefore, referring to Fig&%re 5-4. it can be said

that thi'e-fective irradiance will be increased by a factor of

90 mw/cm2  90'
H w -- 64 percent

Although this is an appreciable increase, it applies only to the best condi-

tions for earthshine target illumination. Twilight or night conditions .

directly below the satellite greatly decrease the effects of earthshine.

Furthermore. for larger values of P when solar reflected radiation is

low and earthshine would really be helpful, the earthshine tends to be very

low also.

F-z
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Z. CASE OF A SPECULAR REFLECTING SATELLITE HAVING
PLANE SURFACES

A difficult satellite shape to detect, considering only direct solar

illumination, is a rectangular solie. having specularly reflecting plans

surfaces. Such a vehicle produces irradiance at the interceptor only for

certain discrete geometries if the sun alone is considered as light'source.

The presence of earthshine, however, causes the problem to become

much more tractable.

Consider the simple case of the plane side of asatellite which acts

as a opecular reflector. The image of the earth seen in this reflector has

a radiance Neff where

Neff LIM.

In this equation

p = Reflectivity of the surface

y = Albedo of the earth

H a Solar constant

The image occupies a solar angle, w, as seen by an observer at the inter--

ceptor of
*AT

w4, steradians

AT is the projected area of the satellite and a is the fraction represented

by the effective surface (that in which the earth's image can be seen).

The effective irradiance at the tracker entrance aperture is then

Cp HAT
• Heft =R

aR

Certain assumptions are contained in Equation (F. 2). First, that

the projected surface area of the satellite has a plane portion reflecting
the earth in a specular manner, and second, that the amount of satellite
effect.ve area is known and is A. The geometry is shown in

Figure F-2.

F-3
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Figure F-2. Geometry Showing Plane Specular Satellite Surface
- Reflecting Earthshine
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Figure F-3 shows the values of H 1 for an 5-20 photocathode as

functions of R and pAT provided there is nc direct sunlight reflected by

the satellite. This rr iy be compared with the values for a diffuse spherical

reflector given in Figure 5-4.

If pAr equals I mn and R equals 100 n ni. then the plan. specularTz
reflector gives Hef equaling 1. 5 x i0 13 S-20 effective watt/cm while

the diffuse sphere gives Heff equaling 8.5 x i 14 S-20 effective watt/cm2

for a 90-degree phase angle.
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•.• ~Figu~re F-3. Effective Irradiance Produced by Earth-Reflected Sunlight"'
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APPENDIX 0

TRACKER ACCURACY AS A FUNCTION OF

TELESCOPE APERTURE DIAMETER

In order that the satellite interceptor vehicle be capable of a reason-
able value of miss distance. specifications -nust be placed on the angular

accuracy of target location of which the tracker is capable. In this par-

ticular system the tracker must provide data accurate enough to permit a

m reasurement of the target angular rate with a one sigma accuracy of 0.5:

milli radianl second.

The rms angular rate error wis related to the. low frequency spec-
tral density of angle noise 00and servo filter time lag T by the equation
for a-second order lowpass filter

The value of low frequency spectral density of angle noise can. of

course, be found from the rms angle nloisea and the noise equivalent
bandwidth Ab of the second order filter.

U0  0 01

For T 0. 5 sec and tya0. 5 milliradian per second

Thise then, is the angular accuracy required. of the tracker.
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For the purposes of this discussion, a frequency modulation tracker

operating in the large signal mode will be assumed. The angular accuracy

for this case is

INEP) *(Ab)lI (G. 2)

In this equation

8 = the radius of the field of view (radians)m ?

M(0mB = the modulation index

(NEP) = the noise equivalent power per unit bandwidth (watt cps 1 1 2 )

Ab = the servo bandwidth (cps)

P = the power falling on the detector (watt)

The bracketed quantity in Equation (G.2) can be expressed in terms

of the signal and noise at the intermediate frequency amplifier output.

i. ~ ~~~(NEP) •(Ab)l /A I 1:i:,,

and

( H ff
(NEFD)".

%here both Herf and NEFD have been discussed above and in Appendix E

for various targets and detector-optics combinations. Equa.tion (G.2),

vith these su&bstitutions. becomes

Ir a z • )1rbl/" (G.E1 -

Appendix B, First Semi-annual Technical Report, Signal Modulation
Techniques., Space Technology Laboratories, Inc.. 24 April 1961.
Contract AF04(647)643. Task C.

G-2
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In Sections Iazxd 2, this equation will be evaluated for the thermal

target and reflected light target cases, and graph* will be plotted showing

the aperture diameter'required for a give~ field of view. and angular

accuracy, w9

1. THERMAL TRACKER ACCURACY

It has been shown in Appendix E that the NEFD for a thermal tracker

using'a copper-doped germanium detector at 4. Z~ K is given by the equation

= 2 ~ D*D6 6,(NA),ta'(.)

Also, it has been shown the available effective~flux~ from a thermal target

tAT
Heff.-N . . (0.

R

whe re

N* f 0D* F(X)WO, T)d1. (G. 6)if0 D* raX

Substituting Equations (G. 4) and (G. 5) in Equation (G. 3) and solving for

the aperture diamieter. Do gives

(Al 12~~/2~ 0 g 2 I (NA)t IIZ

This equation is shown in Figure G- I with D plotted as a function of

4AT the effective target area.

Z. RXFLECTED SUNLIGHT TRACKER ACCURACY

If the tracker operates in the visible region of the spectrum against

solar illuminated targets. Equation (G. 3) can again be evaluated using the

appropriate values of effective flux and NEFD as derived in Section Z and

Appendix E.
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APERTURE DIAMETER D (CM)

Figure 0-1. Aperture Diamreter for Single Channel FM TraCkwr
with Cone Condenser versus Target Effective Area
for Thermal Target, Ge.Cu Detector and 0.125
Milliradia-n Tracking Accuracy
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These values are

3TR

zHA sin P + (W P) Cos ( G. 8)
3erf R

and

2K [Zm( )n 1/ZD e 
1NEFD .. (G. 9).

"Replacing Heff and NEFD in. Equation (G. 3) with the values given by Equa-

tions (G. 8) and (G. 9) leads to an equation for the diameter of the required

telescope if an angular accuracy w0 is desired.

6w3 (Ab) 1 0 pR1

m [sinP+ (Tr P) cos (0.10)
D o 0 ?M (0)H61

1 1 2 62  [ I I

This equation, except'for various constants., has the same form as Equa-

tion (G.7) which applies to the thermal target case. It is shown with D.

the aperture diameter of the required telescope, plotted versus the effec-

tive target area. PA in Figure G-2.

In order to obtain a feeling for the tracking accuracy requirement

and to compare the thermal target and reflected sunlight target cases,

assume an effective target size of 0. 1 m2 *nd a field-of-view of 4-milliradian

radius and then examine Figures G-I and G-2 to determine the required

aperture diameters. In order toobtainO. 125-rnilliradian 1-sigma accuracy

at 50 n mi range, the copper-doped germanium range tracker requires an

aperture diameter of approximately 50 cm while the S-Z0 photormultiplier

tracker requires only 7 cm. This result is typical when comparing

visible spectrum dcvices against thermal spectrum devices; the sensitivity

of detectors in the visible region is greatly superior. However. as shown

in the discussion o1 the background problem in Chapter 5, Paragraph 5.3.

there are definite background- rejection advantages in the thermal spectral

region. The applicability of a single channel visible spectrum tracker is

severely limited by background stars (Section 5). The thermal target

tracker is limited only by target strength and detector sensitivity. If a
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3 0-cm aperture diameter is the largest that can be accommodated by the

interceptor vehicle. and. if acquisition occurs at 1-25 n mnl. Fig-

ure G-1 shows that all thermal targets having effective area more than

1. 0 m2 can be tracked successfully.

Since a Sm~ effective area target is the largest described by the

ARPA Program Guide, the conventional thermal target tracker is not

severely limited during track phase. More ramifications in the compari-

sons of thermal and reflected sunlight track sets will be discussed in the

following sections where the problem of target acquisition is examined.
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APPENDIX H

TYPICAL TARGETING PROGRAM MODIFICATIONS

In essence, the Titan Operational Targeting Program (TOTP) is a

"digital computer program which has been developed for an IBM 7090 corn-

puter.to accomplish the weapon system targeting functions that are

computer -oriented. The principal targeting function of the TOTP is to

generate target tapes which contain the necessary trajectory-dependent

information required by the missileborne digital computer in its ground

and inflight programs. The Normal Targeting Mode (described below)-is

the major subdivision of the TOTP which is programmed to accomplish

this targeting function.

Several auxiliary targeting functions are mechanized in the three

remaining modes of the TOTP. The Target Tape Re-evaluation Mode is

designed to re-evaluate existing target iapes and to recommend re-targeting

"if the existing target tape is unacceptable or cannot be simply modified.

The two other auxiliary modes, Sector of Fire Mode and Range Safety

Normal Mode, should be combined to generate intercept volumes which

satisfy missile, homing stage, -and range safety constraints. Once a

volume is generated, it should be used in the misaion analysis prior to

actual missile targuting.

I. NORMAL TARGETING MODE (NTM)

The NTM is the means by which target tape* are generated. Given

a launch/target combination, a trajectory must be shaped and optimized;

data are then taken from this trajectory to generate all of the launch/target

dependent guidance constants. These constants must be verified, placed

on magnetic tape in a suitable format, and this tape must then be verified.

"The principal part of the TOTP isthe FlightSimulationProgram(FSP)

which generates trajectories (both open and closed-loop). It represents

the mathematical model of the missile, its guidance, and its environment

(atmospheric and gravitational models). Changes to the FSP are relatively

minor. The missile model itself may vary slightly in weight, moment of

inertia, and center of -gravity but should only alter constants in the present

H-I
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equations or tables. The re-entry portion'of the simulation may be

eliminated --xcept for range safety. 'and it will be desirable, to redefine tbs-

miss coordinate system. -Non* of these changes. present any difficulty.

The Trajectory Shaping and Optimization Subprogram -(SOS) Iteat~es
(using the FSP) to find an open-loop trajectory for a specified launch/target

combination which satisfies the constraints of ascent aerodynamic heatinge
re-entry, decoy ejection, etc. This subprogram will require major

revision* for the SIS tmission. Two of the constraints (attitude for decoy

ejection and re-entry attitude) are no longer required and the target

seeker a~s written is not applicable to the S15 mission. This Subprogram*
probably should be completely rewritt~en. The basic outline of a new sub-

program, as presented below, retains those constraints essential to the

SIS mission.

* . The target seeker is the mode by which an open-loop. zero lift

trajectory is obtained which impacts the target. Variables which2 affect

.4. this trajectory for Titan It are launch azimuth, a; kick angle~sv; enter- '

* flght ode imet* sustainer engine cutoff time, t 5 eo sustainer pitch

rates, ps ; and time of flight, -r. These parameters are not entir ely
arbitrary but are constrained to satisfy certain physical limitations. The

azimuth direction will be constrained by range safety requirements and
will be reflected in the intercept volume. In additioni, the attack geometry.
may be further constrained because of degradation of homing Stage per-

formance at very high Closin3 velocities. Neglecting the closing velocity

problem, preliminary azimuth limits may be set by observing where the
satellite trajectory crosses the envelope capability~. Bounds are also

placed on time of flight based on when the satellite enters and leaves the

volume.

* Another constraint is aerodynamic heating which is a function of

kick angle and azimuth. The range probability constraint essentially sets

an upper bound on t Saco' such that a probability of mass depletion before
t Seco is some desired value. This value of tseco.. may be precomputed,
as it is not trajectory dependent. The sustainer pitch rate is constrained

* because of engine deflection angle and structural constraints and is known

a priori.
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An open-loop, zero lift trajectory is simulated with the simulationp 0 .0terminated on -r ° when the superscript refers to the initial guess for v.

The miss is then computed. Each dependent variable is perturbed slightly.

one each simulated flight, to calculate the miss sensitivities. New values

for the dependent variables are then computed. based on the miss sensi-
vities and the original values of these variables. Another trajectory is

flown using new values of the dependent variables and the miss is again

computed. If it is smaller than before. 'convergence appears likely, and
"" the process .repeated until an acceptable limit is achieved using the new

"miss" and new values of the dependent variables rather than the initial
values. If, at any point, convergences does not appear likely, the free "

parameters must be varied. The derivatives may not need to be recal-

'" culated. however.

When an acceptable mis.s is achieved, the resultant open-loop tra- .5

jectory serves as an input to the Guidance Constants Generator Subprogram 0

(GCGS). The GCGS takes the trajectory information from the SOS and
",gnerites the inflight guidance constants. Basically. very minor revisions
are expected to this subprogram.

First, the issuance of some discretes (e g. " decoy ejection) will be

eliminated, and some re-entry vehicle velocity. compensations will be
changed since the homing stage will repl, c¢ the present warhead. MAother ."

possible change is in the number of perturbations needed to obtain the

velocity-required least squares polynomial and in the number of terms
necessary in this polynomial. This requirement must be evaluated

thoroughy before a targeting program can be developed, but no fundamental

changes are expected in the guidance equations or in the targeting comn-

putation philosophy.

"Once a nominal closed-loop trajectory has been obtained, the homing

stage parameters must be generated. This merely amounts to calculating
the time from tL to the time of acquisition and the homing stage attitude

required at acquisition.

When all the guidance constants have been generated, the TOTP

currently converts them to the format of the flight computer, verifies the

conversion process, writes the constants on magnetic tape, and then
verifies the tape writing. -

.H-3
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Since direct' communiication may exist between the targeting center

and ihe launch site for the $13 mission. this subprogram may have to be
altered to write a magnetic tape compatible with the communication

system. No difficulitiee are expected in making this modification.

H-4



APPENDIX I

STRUCTURAL CONSTRAINTS ON MINUTEMAN TRAJECTORIES

1. SUMMARY

The purpose of this appendix is to present the results of'& pre-

liminary evaluation of the structural inte 'grity of, the Wing U and Wing VI

Minuteman systems with three different homing stage configurations. The

object of the study was to establish trajectory constraints for each con-

figuration on the basis of the rnaximurn allowable dynamic pressure. Such

constraints wetre determined to that the altitude wind induced loads on the
Minuteman booster systems would not exceed their existing structural

capabilities.

The general conclusions are th~at 1) the homing stage with the large

radar sensor configuration enclosed in the 133 inch ogive fairing has a
severe trajectory constraint and therefore Is* not a feasible cqnflg~uration

w!~hosi~t a major'structural redesign of the Minuteman boost vehicle; and

Z) both the small radar sensor configuration and the electro-optical sensor

4, 1 configuration in the 119 inch cone-cylinder fairing have reasonable tra-

jectory constraints and would require no structural modifications. These
results are based on the Minuteman weapon system 99 percent wind criteria

and the existing control system design.

2. ANALYSIS

The three homning stage cohfigurations studied are illustrated In

Figure 1-1 along with the mass and aerodynamic data. The aerodynamic

properties for the Wing 11 Minuteman boos% vehicle were extracted from

Reference 1.

A complete parametric trajectory study including the effects of

altitude winds was not 'accomplished for this analysis, rather. the results

of existing no wind trajectory studies were used. The no wind trajectory
pirameters at the time of maximum dynamic pressure are shown In Fig-
ure 1-2 for a Wing 11 missile with a 1500 pound payload. These parameters
are not appreciably changed by introduction of the critical crosswind .

effects. The re'sulting yaw plane angle-of-attack was computed as a

%-
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1 ~~ T'1, .CONFIGURATION A
LARGE RADAR SENSOR96; .4

22 2 2.9,
225.9 27.4 .

257.4

4 . CONFIGURATION I
WAALL RADAR SENSOR-

-J -CONFIGURATION C

ELECTRO-OPTICAL SENSOR

100 212.97 2716
257.4 ,,

S~~~MASS DATA'..-

ITEM SECTION CONFIGURATION WEIGHT CENTER OF GRtAVITY ."

i NOSE FAIRING "A 252 151.7 '.
a 217. 169.0 "

C 217 169.0
A 1290 151.7

2 PAYLOAD a 961. 169.0
C 597.4 176.0

3 PAYLOAD ADAPTER 21 213.0
4 R AND D WAFER 50 222A4
5 G AND C SECTION 67 241.9
6 G AND C EQUIPMENT 253.1 242.7
7 3RD STAGE SKIRT 21.1 264.7

AERODYNAMIC DATA

ITEMS SECTION CONFIGURTION CN X AR CENT•R O PRESSURE XAR
Nd-

I AND 4 NOSE TO 226 A 0.306 130.7 2.014

B AND C 0.2895 147.5 1.'-

SAND 7 226 TO 270 0.146 248.2 0.136

Figure 1-1. Configurations, Mass and Aero Data

1-2
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function of the wind velocity and the missile relative velocity after cor-

rection for drift. The missile drift velocity with the Minuteman wind
,.-;criteria was assumed to be 80 ft/sec at maximurn q. which is typical for

a Wing 11 missile. The calculated yaw plane angle-of-attack is also shown

in Figure 1-2 as a function of the trajectory initial kick angle. These data

were assumed to be essentially the same for the Wing VI configurations.

By incorporating the angle-of-attack, drag, thrust, axial -acceleration

* and lateral acceleration (assuming a trimmed missile), structural loads

we:-e calculated at maximum q for various kick angles. These loads were

- "determined for the Minutemnan structure at two critical Vtatlons: 1) the

top of the guidance and control section (Station 226). and 2) the forward

tangent line of the third stage engine (Station 170). By comparing these

loads with the existing vehicle structural capabilities, it was possible to

estimate the trajectory kick angle constraints and the associated maximumr

dynamic pressures. These results are summarized in Table 1-I. The

associated design conditions are defined in Table 1-2 for each of the homing

stage configurations.

It should be noted that the allowable dynamic pressures defined in

Table 1-I are based on the Minuteman 99 percent wind criteria and the

existing control system. More severe trajectories may be tolerated if

the wind criteria were relaxed. Also, the analyses were based on dis-.

persed Minuteman design trajectories which include possible dispersions

due to thrust and aerodynamic properties. Thus, each of the allowable

q's would have tn he reduced if a nominal trajectory constraint is desired.

Even if the Wing VI guidance and control section structure were

strengthened, the configurations using the large ogive fairing must still be

restricted to a 2940 psf maximum dynamic pressure. Such a constraint

"is not feasible for operational purposes, since the nominal trajectory

initial kick angle would be limited to less than 10 degrees. Both configu-

rations using the smaller fairing appear to be feasible, although they are

constrained slightly more than the Minuteman weapon systems. The initial
kick angle limitations for these configurations would be in the 16 to 17 %1degree range for a nominal trajectory.

1) Boeing Docinment, Minuteman Loads Study-Wing 11, STL 6120-1737.
LS-000 Copy 004. dtd. 10-19-62. (Secret)

1-4
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Table 1-1. Allowable Maxcimum Dynamic Pressure and Corresponding
F . . Angle. of- Attack

I Ogive Fairing Cone-Cylinder Fairing

.. Station Wig 1 in:V Wng11 Wig 1 in 1 Wing___V_
Allowable q 226 S140 2S70 6420 4220 6Z$0 4170

(psi) .____ -_________

270 2940 2940 4260. 4Z60 4170. 4170

Angle-of. 226 3.31 4.85 3.3 3.5 3.3 3.5
Attack -4_I

(degrees) 270 4. 4. 3. 3 .5 3. 3.5

01tivo Fairing C~om-Cylinder raiting

Large Radar Sensor Strall Radar Sensor £lactro -Opatial Sensor

Timte (**cl 34 36 36
Anslo'af-Altork (dtgroee) 4.9 1.119 .3.
Dynantic Pressure Ipsfl 4900 4100 41,00
Mach NPIVmbar i's 4.1 4.1
Dragl (pounds) IA, 950 11.000 17.11041
Aerowenotmal Force 1poanda) I1b. 340 11.000 11.,600
Center' Of Pressurt 432 Natilon) 362 1169.11 349.5
Wright lpoundala .19,0976 36, 314 111,950
Center of Gravity IM, %lation) S19 901 S0
Thrust (pounds) 227,000 119,000 ali,@0o
Axial Load Factor (gas) S.37 9.011 S.1
Lateral Load FIcadr Isa) 0.a.64 Mist2 V0750

%ZF 7%L. ~
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APPENDiXJ

POLARIS TARGETING ALTERNATIVES

Two types of targeting have been under consideration, the firing

table method and the simulation method. Both methods have their advan-

tages and disadvantages, and there appears to be no reason to make a

decision between them at this time. Both methods should work for Polaris.

and neither should lengthen reaction time. The firing table method

requires the transmission of seven parameters to the launch site. if the

simulation targeting could be done at the launch site, the transmission

burden would be the same; if it could not. lose than 20 inflight parameters

need be transmitted. 2.

1. FIRING TABLE METHOD

The inflight parameters to be fitted are the initial values of the

velocity--to-be-gained the constants in the Q-matrix. the skew A. the
launch azimuth L. the t;.ic .f-flight r, and the interceptor velocity VH aticit
"intercept.

A desired'intercept surface is defined with respect to the launch

point (maximum range for-apogee or maximum range satisfying the look-

angle constraint). This surface will have an oval shaped horizontal cross '-.

section and will not be symmetric with respect to the launch point since po

there is an initial inertial velocity. Furthermore. the initial inertial

velocity varies with latitude, and therefore a surface satisfying certain

1.* constraints will vary with latitude. Either the equation of the surface must

reflect this, or differeint surfaces must be generated and assumed to be

valid for sectors of latitude. Corresponding to each point on the surface

is a latitude, longitude, azimuth, and altitude with respect to the Lunch >'
point. Each inflight parameter is fitted as a function of these latter

variables.

To target a missile, .a time of launch. tL. is hosen to be about0

minutes prior to the intercept time. The launch point (which is moving)

is determined, and the surfaces of intercept fixed with respect to the

launch point. The satellite parameters are used to calculate points of

interception, if they exist, for each surface. If one exists, then there

J-I "
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exists an absolute time, T° of intercept. A time-of-flight. .°, caU be

calc ulated usin& ths fitted function for T, and (T° - t°o) must be equal to

t for a launch point to be valid. Equality may not exist for t since To

is determined by an equation which is independent of tL and T. Hence, all

th.ree quantities are obtained independently and yet dependence must exist.

Lf equality occurs, the missile could then be targeted using- these consistent

values.

If equality is not obtained, a new value of tL8 which is an average

between tL0 and (T 0 - -ir is used to repeat the above process. Additional

iterations may be require4d Alternate methods of iteration could be used

depending on the constraints.
The values of and T will be used in conjunction with the target

.elocity to calculate homing stage acquisition time and attitude when the

two objects are some specified distance apart.

The number of surfaces used for targeting is a tradeoff between .

more surfaces and the additional precomputation and data storage loads.
However, at least two surfaces may be used - one representing maximum

range for apogee attack, and the other maximum altitude as a function of

range, both of which must satisfy the look angle constraint.

Z. SIMULATION METHOD

The simulation method must determine the same quantities for in-

flight guidance as the firing table method. This may be accomplished in

two phiases.

The first phase is commonly called the target seeker. The object

is to find a nominal trajectory which intercepts the target. The parameters

ahich affect the opcn-loop trajectory for Polaris are time of launch tL.

time of flight 1. kick angle .. firing azimuth a. and booster cutoff time t. .

Initial values of the open-loop parameters are judiciously chosen,

and a trajectory is obtained by flight simulation on the targeting computer.

if a sufficiently small miss occurs, the second targeting phase is begun.

,f a large miss occurs, new values for three of the five variables may be

chosen by obtaining the miss sensitivities of each. This necessitates

simulating three open-loop trajecLorics where. each one of the three vari-

ables is perturbed suc.cessively. The resultant linear equations (linear

3-1



Taylor series expansions) can then be used to solve for new values of the
*•'. three variables such that the miss ia zero. Another nominal trajectory

is simulated using these new values. and the miss is again computed. If

it is sufficiently small, the second phase of targeting is begun. If not, this

iteration process is repeated.

The second phase of targeting differs in major aspects from that of

the other missile systems because Polaris is a Q-guidanco system while

the others are "delta" guidance. To obtain the inflight parameters, initial

values of the O's called the Qo's and skew A. are selected. This selection

could be done using a loose fit of Q's versus range or some similar "

variable. Skew is closely related to the attitude of the acceleration vector

at burnout because of the steering equations, and, hence, the pitch attitude

at burnout from the open-loop trajectory should be a good initial guess. -"

The next step is to obtain the values of. (tL) (the initial conditions for

the t *equation by integrating'g from tbo to tl, using 'a reversed in time
gT

from the open-loop trajectory. ' "

A guided trajectory is now simulated using these initial values of

and the miss is noted. Now guided trajectories (using the same values of

SO's and A and initial values are sim late' ,,sing a missile perturbation

"for each flight (high thrust, specific impulse variation, etc.). If the

misses are sufficiently small, the Q's and A may be considered "optimum.*

If not. they are optimized by perturbing each o and the value of A and

obtaining a linear expansion of miss for each missile perturbation,

rinilar to the target seeker. The new Q's and A are then used in a guided .

flight simulation with the initial values of V . If the miss is not accept.
9

able. this process is repeated. Experience on Polaris indicates that one

pass through this procedure would be sufficient.

When the "optimum" O's and A are obtained, precise values of V

are obtained w' ich give very small miss for a nominal flight. The

homing stage flight parameters are easily determined since an accurate,
•.nominal guided t ajectory is available.

3-3
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- - IHOMING STAGE GEOMETRY

Figure K-il depicts the horning phase relative geometry near intercept'

for an interceptor and satellite on a collision course. The satellite velocity

VT is horizontal and has the value for a ciecular orbit. The interceptor

velocity is V1 at an angle from the lozal -zenith.

.1H

. JNT~tCP1O IA~f . .

Figure K-1. Horning Phase Geometry
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The figure has been drawn for -90 degrees typical of a post apogee

* . intercept. TCA is the angle between target and interceptor ground traces

and ii gi~ven by

TCA sin (--n (K. 1)

where

d Lateral reach (distance of closest approach of
satellite trace to launch site) in n mi

R Downrange distance from launch site to the point
of intercept measured along earth's surface in
n mi.

K Raciius of earth in n Mi.

In Figure K-2, define

V R =Relative velocity vector

a =Angle between target and interceptor velocity vectors

=Angle between target velocity vector and relative
velocity vector

11Angle between relative velocity vector and local
nadir

-90 degrees (als'o referred to as -l

From geometry. one has

a Cos -l(cos TCA cos (K. Z)

K-71
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V A/V2+V2-ZVT V, Ca (K. 3)

R\ T
"nrthm ein te. 4)

II CO Gino,

In # Vi mportant since it determines themgieo thme initlable ballistcqmissto

dsance hoingn tuernor strongly influences the size of the acquisitio snsr
snothe homing engine thrust level, fuel weight, and tank weight. The lis~l

ditancgraity e ts. Th en"is dtae" seaouted ac.ion isnsot.

or d~layRthe o ime f klevl a te poiti ange ack wher The kntial.l

oclitcuris. (Notethatc tis componen to of h miss distance woaldrbe importan

flnor ma ao tie wahand bus. fthere preclse posmito of the koilal pOin wiscno

ciiscal(ie., wif VR).Ithere arege no r song cnsintseon ahe liteo thei

ontha froa groust catio) The "miss distance alnrgept mgaybe red is no

Ther importan t sri, ho winever, havep ao slnceihts effect pon r aecli sin tionss

o iand themn n thereofor kiladtherosityionaluenge the track wher the kcqillin ."

ocusen (Ntthe thoain engin componet oeefe mis eightancewud bimotank egt.

for an tCW radar, since it represents an error in a priori range estimate.
If no tange measurements are made during homing, the error remains con-
stant. This error has a slight influence on selection of the nominal range
"to switch homing phase parameters for the so-called *end tame."
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In Figure K-i, define two axes a and b.normal to V and to each
R

other. The a axis is also normal toY1 ; the. U axi. is in the plane of V
mR

and VI. The two components of initial ballistic miss distance Ma and M.

are the sum of target position uncertainty and interceptor position un-

certainty along the a and b axes respectively at the nominal time of

acquisition. Target and interceptor position uncertainties are independent. r.

For design purposes it is satisfactory to assume that target position un-

certainties along the z axis (track. downrange, or tangential), the x axis

(crosetrack or lateral), and the y axis (altitude or radial) are independent.'

The target ephemeris errors are specified in the ARPA guidelines as

shown in Table K-i.

Table K-i. Target Ephemeris Errors from ARPA Guidelines

Error Set Radius (CEP) Time (ls)
1 0.3 n ml 0.3 sec

2 1.0 n mi 1.0 see

3 3.0 n mi 3.0 see

Assuming Gaussian distributions, and taking VT - 4. 2 n mi/sec for a low

altitude target, the lar target dispersions along x, y. z are given by

Table K-2.

Table K-2. Target Ephemeris Dispersions (1a) in n mi

Error Set Wy

I 0.254 0.254 1.26

a 0.850 0.850 4.20

3 2.54 2.54 1Z.6

For purposes of preliminary analysis, assume that the interceptor

position uncertainty at acquisition is described by a sphere having a la1

K-4
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dispersion of 0.5 n mi in each direction. This assumption is somewhat

pessimistic for intercepts which take place within 1000 to Z000 n ml from

the launch site. but may be slightly optimistic for intercepts which occur

many thousands of miles from the launch site.

With the stated assumptions, the initial ballistic miss distances is

a function only of L and the ephemeris error set used. One has from

* , geometry

(K.6)

2 . sin a* 2 C02 + K.'52
sin a Cos •+ +0.5(

* r .cZ+W (K. 8)

Figure K-2 shows * •b' at plotted as a function of 4o f or each of the

ephemeris error sets. The numerical subscript on each curve identifies

the ephemeris error set.

It is seen that •a is independent of i and that ab reduces to a value !,

equal to 0a for small 4o. Thus, the desirability of small , is apparent. J '

For example, a coplanar apogee attack results in t/ - 0 and %a % •b

6000 ft for Set 2 ephemeris errors. However, a small value of 4 will not

generally occur over the expected range of intercept conditions. Indeed.

the value of 4i which tends to prevail over a wide range of interceptor

lateral reach is approximately

*This assumption, of course, suppresses the influence of interceptor

trajectory profile and downrange distance to intercept upon the interceptor
positional uncertainty, but is justified for general analysis on the grounds
that a) interceptor position errors for all boaster guidance systems under
consideration are always small compared to ephemeris error Sets 2 and 3;
and. b) the dependence of interceptor position errors on trajectory profile
and downrange distance to intercept is not extremely strong. If primary
attention is to be focused on ephemeris error Set 1, a more careful treat-
ment of interceptor errors would undoubtedly be justified.

K-S
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VI

4i ~1 ~(K. 9)
T

245 - 60 degrees

For Set 2 ephemeris errors, the resulting ratio of a b/ is in theb a
order of 3 or 3. 5 to 1. This fact roughly establishes the aspect ratio of

the major to minor axes of thc, required search ellipse.

Another Important geometrical parameter is the angle between the

LOS and the local horizon during search and track. Just before intercept.

this angle is given by

ELA= 90 - +' (K. 10)

where vi' is given by Equiation (K. 5) and q1 is the angle between the horizontal

and the horizon at the targct's altitude. By proper shaping of the booster

powered flight trajectory ELA can nominally be maintained greater than

5 degrees for lateral reaches as great as 2000 n mi or more (for a Minute-

man booster) even for a target altitude of 100 n mi. Now due to ephemeris

and booster guidance Angles the LOS to the actual target may be somewhat

* closer to the horizon than the LOS to the nominal target. For the cases of

interest the b-axis tends to be nearly horizontal so that the dispersion in

angle on ELA at acquisition is approximately

3w
a6(ELA) 3 "-j (57.3) degrees

3a

For an acquisition range of 1Z5 n mi, the 3w dispersion is only about

1.4 degrees. Considering the effect of hooming stage attitude reference
errors as well, the required semiminor axis of the search FOV will still

not exceed 2 degrees. Therefore, the bottom edge of the search FOV can

be kept at least 3 degrees above the horizon for any interceptor lateral

reach up to about Z000 n mi. This will prevent spurious star motion due
to atmospheric refraction effects for a visible spectrum sensor, and will

prevent the main lobe from seeing the earth for a radar sensor.

K-7 ."
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APPENDIX L

A BOOST-HOME SYSTEM USING A RADAR SENSOR

One potentially attractive system for satellite interception utilizes

a homing stage with a radar sensor mounted on a Minuteman Wing II boost .

vehicle. For the range o( parameters being considered in the present
ARPA study, however, such a system is rather tight from the point of
view of total homing stage weight and volume compared to what the Minute-

man can convsA*icnt!: cx-ry. We would like a system capable of inter..

cepting a target with a one square meter radar cross section at closing

velocities as great as 20,000 ft/sec and with ARPA Set 2 ephemeris errors.
(There is, of course, some area of tradeoff between the above three param- .:.

eters; e.g., if the target cross section were greater than one square meter

or the ephemeris errors less than those of Set 2. a closing velocity greater

than 20, 000 it/sec could be tolerated.) For the desired system performance.
previous studies have indicated that

"" In order to minimize total homing stage weight, a design
acquisition range in the order of 125 n ml is required. For
shorter design acquisition ranges the radar sensor weight is
reduced,but propulsion and structural weights become much
larger.

"* In order to achieve a design acquisition range of 1Z5 n mi
without grossly excessive radar power, a large deployed
antenna must be used for acquisition. A 4 x 6 foot planar
array appears feasible for a horning stage carried on
Minuteman.

"* A large deployed acquisition array which Is roll gimbaled
will require considerable development time and probably
cannot fit on Minutemnan without appreciable increase of the
nose fairing length. The latter factor may result in a
substantial Minuteman modification.

"* Closed loop guidance using rull-to-maneuver requires roll
gimbaling of the sensor unless extremely tight tolerances
can be maintained on angulir alignment between the sensor
boresight axis and the pitch and yaw gyro input axes.

"* Extremely tight angular alignment of the boresight axis of a
large array cannot practically be maintained under loa: •
induced by interceptor acceleration and rolling.

LI
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The conclusion which can be drawn from the above statements is

that closed loop homing at long range cannot readily be achieved on'&

Minuteman booster using the large acquisition array as a tracking sensor.

This conclusinn has prompted consideration of a boost plus homing sys-

tern, where the homing phase begins at a range of about 400,000 feet, such

that a small, gimbaled, receiving antenna provides a sufficient signal-to-

noise ratio for good tracking. The boost phase corrects most of the

initial miss. It can be a fairly coarse open-loop maneuver begun at about

120 n mi ,dn1 b~ied upon the following 4datzt-.

* An a priori estimate of relative closing velocity VR.

e A coarse initial ra.%ge measuremo-At (or even an a priori
estimate of initial range as a function of clock time).

* An initial measurement of the magnitude and direction of
the angle 0 between the line-of-sight to the target and tke
nominal direction of the VR vector.

The boost phase would last about 15 seconds or less and would be

terminated when a commanded •V is achieved, based upon a simple ac-

celerometer measurement. An initial thrust to weight ratio of about 4 g

appears optimum.

The overall sequence of operations would be as follows: At a suf-

ficiently long range, probably 150 to 175 n mi. search for the target is

begun using the large body fixed array. Angular scan is generated by

moving the entire interceptor body over an elliptical (or rectangular)

pattern. For 2. 5 coverage at an acquisition range of 750.000 feet with
Set 2 ephemeris errors and , = 53 degrees, the major and minor axes of
the total search field-of-view are 8.25 degrees and 3.0 degrees respectively.

but the angular motion of the interceptor is somewhat less due to the finite

bear.width. The probability of the target being contained within the search

sector at 750. 000 feet is 95.6 percent. The two bar scan pattern is cen-

tered about the direction of the nominal VR vector and is repeated every •,

few seconds until the target is detected. The cumulative probability of

detection at 750,000 feet is 98 percent if the target is contained in the

search sector, and is at least 93.6 percent if one includes the fact that

the target can escape the search sector.

S....... ........ .......... , .....
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At detection the range is measured; the pitch and yaw angles with I.

respect to the nominal VR direction are recorded (by the computer which

K - has been commanding thi scan motion by torquing of the pitch and yaw
gyros) and the .scan motion is stopped as quickly as possible. If the target

is in the center of the radar beam at detection, the pitch and yaw angular

coordinates establish the magnitude and direction of 9. Some beam split-

ting or phasing technique may be used to reduce target angle uncertaintyF due to the finite radar beamwidth. Based upon range. VR, and angle the

_£..omp%)ttr .rommando a boost phase AV to be gained at a constant body
orientation and full thrust. The body ACS rolls the engine to the proper

angle and maintains constant attitude during boost. Radar contact during

boost is not required. During boost the computer determines the nominal

direction of the LOS at boost termination. At boost termination, it corn-

mands a small reacquisition search pattern centered about that direction
in a manner identical to the original search procedure. Owing to the short

range and the small search* sector, reacquisition takes place during the

first scanning frame within 2 to 3 seconds of boost termination. Upon re-
acquisition the range is in the order of 400. 000 feet and the small dish is
capable of beginning angle tracking. Closed loop homing is begun after
an additional delay of about one second to reorient the engine in roll. Dur-

ing acquisition, boost, reacquisition, and homing, the body pitch and yaw

axes are closely slaved to follow the LOS as indicated by the gimbaled

antenna platform. This keeps the large array closely on target for
illumination.

The initial boost maneuver is admittedly rather coarse and subject

tn considerable error in magnitude and direction. Nevertheless, if the

errors can be held to reasonable levels, the early application of a large
boost correction permits the system to be designed with a total homing .. -

stage AV In the order of 3000 to 3500 ft/sec for Set 2 ephemeris errors,
and an initial thrust to weight ratio ofabout4g. A larger AV and a much

larger thrust level would be required if the boost phase were not used and

the system were designed to commence homing at a range of 400. 000 feet.

5 The numerical results presented in this appendix were obtained several
weeks before the concli-sion of the study and time did not permit recal-
culation of results for a horning phase begun at 375, 000 feet rather than
400, 000 feet. However the differences should be negligible.

L-3
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The vector diagram of Figure L-1 portrays how miss correction

is accomplished by the boost and homing phases. The plane of the figure

is normal to the nominal VR vector. The b-axis lies in the plane con-

taining T and T; the target and interceptor velocity respectively. Let

#7 0 Actual initial miss distance vector

II =Measured initial miss distance vectoroffi
Boost phase miss correction vector.

tl..v Homing phase miss correction vector =•o "

K = Initial measurement error vector = U om -%• a.

The boost philosophy is to gain a velocity 4V in the direction of

o such that a distance will be traversed at the Instant of interception.om
M is less in magnitude than Mor since it is intuitively obvious that the

boost phase should undercorrect the initial miss. A possible relationship
Letween MI and Moom Is shown in Figure L-2. MI Is leos tan Moom by

a fixed amount (a deadzone characteristic), the amount being related to

the expected magnitude of the- initial measurement error ElI. In addition

MI to limited in magnitude regardless of tho magnitude of M or. the
limiting value being related to the expected maximum value of the actual

miss Mo. This boost law is empirical but appears to be generally consistent

with guidance optimization studies performed by various investigators in

the past. As the problem becomes better understood. improved boost laws.

can be formulated. The present law, though undoubtedly nonoptimurn. 4.

provides a basis upon which the total &V requirement for the bom'.,g stage

can be estimated.

In Figure L-1, T is the actual target position and the actual miss

Sis given by

Mo reo L. l)-

where

r= Range at acquisition

SAngle between actual relative velocity vector and L4.S
to target at time of acquisition.

4-. "
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The interceptor's measurement of M 0is M onand is corrupted bw

e.rrors in range and in angle.. The angular error is by far the most *.zi--

ficant. Therefore the initial range measurement error will be negleced~

(as well as all boost phase execution errors) compared with the anguLiws

measurement error. The angular error in measuring 0 a comes from.a
numnber of separate causer'. Each contributor gives rise to an angular

error along the a-axis and another along the b-axis. It is assumed thai-

the resulting errors along the a-aixis and the b-axis are equal and inde-

pendent. This gives rime to a circular'distribution of measurement eraer

about the true target position as shown in Figure L-1.

The causes of angular measurement-error are discussed at the e~d
of Chapter 8. Including the error resulting from not knowing where i7n SIe

beam the. target actually is, the la' error along each axis has been esti-

mated at 0. 4 degree.

* Assumne that.target detection takes, place at 750,000 feet (the 98 per-

cent cumulative probability of detection range) and that boost is initiated

after a delay of 2 seconds at an initial range r. =210.000 feet. The le

angular measurement error of 0. 4 degree therefore corresponds to ata~z-

get position error, ai 5000 feet. In Figure L-1, the circle C represents

the locus of measured target positions if the actual target is at T and a
2. 5 w measurement error is made. The boost guidance law deadspace

(undercorrection) is taken to be 1. 5 i 1  7500 feet. so that thc locus cc
*the Mvector lies someplace along the contour B. if the angular m~ea~vare -

ifelit error is 2. 5 a- and the actual target Is at T.

To estimate the total homing stage AVP requirement, assume firsit

that the ephemeris error is large, resulting in a large initial miss. Let

MO ~Z. S ( where

Va a'

Ca 6000 feet (Set 2 ephemeris error)

rb2 1, 000 feet (Set 2 ephemeris error with ILI 53 degrees)

L-7



Thus at 21Z,800 feet and Mo54, 500 feet. Further assume that

the angular measurement of t : rget position alto suffers from a 2.'S r

error. (This latter error is essentially independent of the initial mniss

distance. The AV requirement will therefore be based on the simultaneous

occurrence of two independent error effects. each having a magnitude of

2.ý5 a.) The total 46V required is the surn of the AV for the boost and hom-

ing phases,

AV AV I +LAV)

whe re*
AV Boost velocity'to cor rect M

Homing velocity to correct Mz

since both phases d 'raw pr~opellant fromn the same tknt. For 5O 4. 500

feet. the magnitude of Mand Mcan be determined by trigonometry as a

function of the angle 0 in Figure L-1. The case of 0 = 0 degrees corre-

sponds to measuring the target's direction correctly but being low in miss

magnitude. A severe undercorrection is miade dur'ng the boost phase and

the homing phase is called .ipcn. for+ a maximum correction. If~ 180 de-
gracs, the boost phase overCorreLts. but only slightly, so that the homing

phase correction is minimized.

*The boost phase velocity gain AV1 can be determined as a function

of M(for constant thrust boost) by solution of the following equations

AV, -c In p ML.3)

aa
1 (L. 4)

L- 0



SI

whe re
* p t oost phase mass ratio

-tb Boost time

a1  Initial boost acceleration

Aplot of AV1 versus M is shown in Figure L-3 for 4 10~ ft/sac'#
z12I9 ft/sec , ro = 7 10, 000 feet and VR 20, 000 ft/sec. The homing

stage computer need not solve the above set of equations, however. since

a simple approximation of the form

I VR
A + correction term 4L. 7)

0

*will undoubtedly suffice. The correction term would be a simple.function

of M1 0 V R* r 0 9 cO and a 1. The homing phase velocity gain AV2 is. given

by

*IMV...

bVk ('R ~. (L. 8)

where

X=Proportional navigation gain ~'4

Homing phase LOS rate ba.' 10 radsec

k =Correction factor to account for noise and
other effects -j- 1..1.

r Range at which homing phase begins

"The lvmking phase is assumed to begin 4 seeaonds after boost termi-

"nation or it 400. 000 o eet, whichever is smaller 0i.ue., ro r = V (te +)
or 400. COO feet. whichr 1ver is smaller).

The totalp.u V requirements have been corripf eJ from the above

"equations for four valnes of t and are as follows- ."

L-9
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* AV

0 3170
30 3175
Q,90 3185

. 180 2550

These results suggest that the boost guidance law asowned herein

is not too far from optimum for the assumed errors, since the required

AV is not a strong function of ' over a fairly wide range. The maximum

homing stage acceleration required occurs for 0 = 0 and is approximately

120 ft/sec2 . This is well within the assumed 4 g initial acceleration

capability.

It is interesting to note that if boost were uot used .And homing were

initiated at the initial range of 710, 000 with an initial miss of 54, 500 feet.
"that the AV required (from Equation L. 8) is 3300 ft/sec. This shows that

an early corrective maneuver, even if coarse. can be quite effective.

On the basis of this preliminary analysis, a homing stage AV of

3250 ft/sec and an initial thrust to weight ratio of 4.0 are recommended

for the radar design using boost plus homing.

L- I
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